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FOREWORD 


This document describes the work performed in connection with the 
Orbiting Solar Observatory and the scientific data and results obtained there- 
from. Supplementary information has also been added to provide the reader 
with a background in solar-oriented equipment. 

Basically, this project was an effort to develop a solar observatory capable 
of operation in space for approximately six months. Ball Brothers Research 
Corporation conducted a research and development program to resolve methods 
for enabling the solar observatory to perform as required. Acting as sub- 
contractors, Electronic Specialties Company designed the antennas, AVCO 
designed and manufactured the receiver and decoders, while Vector Manu- 
ufacturing designed and manufactured the transmitter and diplexer. All 
of these items were prepared in accordance with BBRC specifications. 

The Orbiting Solar Observatory, designated OSO I, was launched March 
7, 1962 from AFMTC at Cape Canaveral, Florida. The successful observatory 
flight provided a wealth of scientific data concerning both the sun and the 
portion of space through which the observatory orbits. 

The NASA Project Manager was Dr. J. Lindsay. The BBRC project 
directors were Mr. F. P. Dolder for spacecraft systems and Mr. R. H. Gable- 
house for communications systems. 
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Chapter 1 


INTRODUCTION AND PROGRAM DESCRIPTION 


This chapter presents a description of the 
Orbiting Solar Observatory program, a brief 
description of the scientific experiments aboard, 
orbit criteria, spacecraft design history, and 
the development sequence of the spacecraft. 


INTRODUCTION 


It has become evident that solar radiation 
and particle emissions, which have a great ef- 
fect upon our atmosphere, must be measured 
before their character is changed by the atmos- 
phere. Until recently, many solar emissions 
could be studied only through the effects they 
have on the atmosphere. However, to study 
both cause and effect, it is essential that these 
phenomena be measured both from above and 
below the atmosphere. 

The studies decided upon for the first attempt 
at continuous measurement of solar phenomena 
above the atmosphere were spectrometric 
studies in the ultraviolet and in the short wave- 
length x-ray regions of the solar electromagnetic 
radiation spectrum. The value of the data 
gathered from above the atmosphere is two- 
fold. In the first place, measurements de- 
rived directly from the sun with no atmos- 
pheric attenuation may be used to arrive at 
explanations for purely solar phenomena and 
give greater insight into the mechanics of the 
production of the measured emissions in the 
sun. Secondly, the direct measurements from 
the sun when correlated with observed effects 
produced in the earth’s atmosphere may be 
used to explain the mechanisms by which 
these atmospheric phenomena occur. 

There can be no doubt that the ability to 
measure unattenuated solar emissions is a 
giant stride in the advancement of knowledge 
of the sun and its influence on the earth. The 
Orbiting Solar Observatory gave us this ability. 


GENERAL DESCRIPTION OF THE ORBITING 
SOLAR OBSERVATORY 


The Orbiting Solar Observatory (Figure 1-1) 
was primarily a stabilized platform for solar- 
oriented scientific instruments. In addition, 


experiments which did not require solar orien- 
tation were contained in the observatory. 


Ficure 1-1.—Orbiting Solar Observatory (OSO I). 


Electrical power required for observatory oper- 
ation was supplied by an array of solar cells 
mounted on the upper section. A complete 
telemetry and command system was provided 
to transmit information back to earth, and to 
receive commands from a ground station. 


Basic Spacecraft 


The observatory consisted of two main 
sections: the wheel structure and the upper 
structure. The lower wheel structure was 
composed of nine wedge-shaped compartments. 
Five of these compartments contained scientific 
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WHEEL EXPERIMENTS 


Ficure 1-2.—Wheel experiments. 


experiments (Figure 1-2); the other four con- 
tained functional hardward such as the wheel 
electronic controls, batteries, telemetry system, 
radio command system, and the in-flight data 
storage system (Figure 1-3). Three fiberglass 
spheres on extended arms contained pressurized 
nitrogen gas for the spin control system. 

The upper structure of the observatory con- 
tained the solar oriented experiments (Figure 
1-4), and was mounted on the wheel. The 
fan-shaped array to which silicon solar cells 
were attached made up the larger part of the 
upper structure. 

The two main structures were connected by 
an aluminum shaft (Figure 1-5) extending from 
the base of the casting containing the pointed 
instruments, through the center of the wheel, 
and terminating in the support ring structure on 
the underside of the wheel. This shaft was 
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held in position by two bearings, one at the 
top of the wheel and one at the bottom. 
Mounted on the shaft between the bearings was 
a high-pressure nitrogen gas tank which carried 
the gas supply for precession jets. These jets 
were mounted atop the solar array structure. 
A torque motor mounted on the base of the shaft 
drove the shaft and upper structure relative to 
the wheel. This motor actively controlled the 
azimuth orientation of the stabilized upper 
structure by driving it at an equal rate but 
opposite rotational direction with respect to the 
wheel. Also mounted on the base of the shaft 
was a slip-ring assembly that transferred power, 
telemetry signals, and control signals from the 
upper section into the wheel. 

The observatory was designed for maximum 
utilization of the payload section of the Thor- 
Delta launch vehicle. The maximum wheel 
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WHEEL 
ELECTRONIC SYSTEMS 


Figure 1-3.—Wheel electronics systems. 


diameter allowed by the Thor-Delta shroud was 
44 inches. During launch, the three nitrogen 
gus containers on the extended arms were folded 
down along the sides of the third-stage motor. 
When the nitrogen tanks were extended out- 
ward after third-stage burnout, the diameter 
of the payload was increased to 92 inches. 
Since these spheres were carried at the ends of 
the extended arms, the axial moment of inertia 
was larger than either transverse moment of 
inertia. The overall height of the observatory 
was 37 inches, and total weight was about 
460 pounds. 

The Orbiting Solar Observatory utilized the 
gyroscopic properties of a spinning body for 
stability. Prior to third-stage firing, the third 
stage and the spacecraft were spun up to ap- 
proximately 100 rpm by a system of small rocket 
motors (Figure 1-6). After third-stage burn- 
out, the arms supporting the three gas con- 
tainers were extended. The spacecraft was 
separated from the rocket, and the spin rate 


of the wheel was reduced to approximately 
30rpm by jet action. This spin rate was main- 
tained within +5 percent of nominal value by 
gas jets attached to each of the spherical gas 
containers. These jets were actuated by a 
signal from photodetectors and an electronic 
control system which computed the instan- 
taneous period of rotation of the wheel with 
reference to the sun. The three gas-filled 
spheres were interconnected to assure that 
unbalance of the rotating body would not occur 
due to an unequal gas flow rate through the jets. 


Control System 


The biaxial pointing control system of the 
observatory utilized the entire vehicle as the 
controlled platform. Coarse elevation position- 
ing of the stabilized section was accomplished 
by determining pitch error with pitch control 
photodetectors and controlling pitch attitude 
with on-off jets (Figure 1-7). This was pos- 
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ORIENTED EXPERIMENTS 


Figure 1—4.—Solar oriented experiments. 


sible because of the gyroscopic properties of | mounted on the stabilized section, torques of 
the spinning body. By exhausting nitrogen either sense, normal to the plane of the solar 
gas (after stabilization) through nozzles array, could be produced to precess the space- 
craft in elevation. The spin axis was thus 
positioned perpendicular to the solar vector 
within about three degrees. There was - no 
control about the sun vector (roll), but rates 
around this axis were very slow due to the 
RUBBER LINER rigidity of the gyro. 

Fine elevation and azimuth positioning of 
the instruments was accomplished by electrical 
‘O"RINGS servo motor control. As described earlier, the 
elevation servo motor was mounted on the 
casting which supported the pointed instru- 
AZIMUTH ORIVE MOTOR ments. This motor drove the instruments 
relative to the spin axis for fine positioning 
in elevation. The azimuth servo motor, 
AZIMUTH SHAFT ASSEMBLY DETAIL mounted to the shaft connecting the stabilized 

upper section to the spinning wheel, is men- 

FicuReE 1-5.— Azimuth shaft assembly. tioned in an earlier paragraph. 
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\ 
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\ 


\ 
#465 SEC- 3rd STAGE SEPARATION 
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O SEC. - SPIN 3rd STAGE AND SATELLITE TO 120 R.PM.-START SATELLITE TIMER 


Figure i-6.—OS0O I flight sequence. 


The azimuth and elevation servo motors were 
actuated by signals from two types of photo- 
detectors mounted on the stabilized upper 
section of the spacecraft. These were: (1) 
coarse detectors mounted on the sail structure 
(Figure 1-7) and (2) fine detectors mounted 
directly to the pointed instruments. 

There were four coarse detectors, each having 
a 90-degree field of view, which provided 
a full 360 degrees of position control. There 
were two fine detectors which provided a 
differential signal over about 10 azimuth degrees 
in each direction from the solar vector. The 
elevation servo position error signals originated 
from the 10-degree fine detectors only. 

When the spacecraft was in sunlight and 
the upper section was spinning, the azimuth 


coarse detectors provided a signal to the azi- 
muth servo drive system which would despin 
the upper section. As the upper section spin 
rate was reduced to zero, the coarse detectors 
pointed the solar instruments to within two 
to three degrees of the solar vector. At that 
time, a disabling detector mounted on the 
pointed instruments actuated a relay which 
turned the coarse detector control off, leaving 
the azimuth positioning servo with fine detector 
control only. When the azimuth servo had 
positioned the upper section normal to the 
solar vector, the elevation servo then positioned 
the pointed instruments in elevation. As ex- 
plained earlier, the fine detectors for both 
elevation and azimuth position control were 
mounted directly to the pointed instruments. 
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Fiaure 1-7.—Control systems. 


Two of these detectors were used for each con- 
trol loop. Operating as pairs, the detectors 
provided a differential signal which was the 
error signal for the particular servo. Short- 
term pointing accuracy of the fine control 
system was better than one minute of are in 
elevation and azimuth. Long-term accuracy 
was better than two minutes of are. 

The pitch control detectors were detection 
units for the pitch jet control system. This 
block of four detectors was mounted facing the 
sun on the front of the stabilized structure. 
Whenever the spin axis of the spacecraft 
changed pitch more than three degrees from 
the normal to the solar vector, one of these 
detectors turned on the appropriate jet to 
precess the spacecraft back toward the desired 
attitude. Two of the detectors were required 
for this function, one of either sense. The 
other two detectors turned off the jets whenever 


the spacecraft attitude had been returned to 
within one degree of the desired position. 

Other photodetectors used in the pointing 
control system were: (1) turn-on detectors and 
(2) spin control detectors. The turn-on de- 
tectors, as the name implies, were used to 
actuate electrical equipment (turned off in the 
dark) each time the satellite emerged from the 
earth’s shadow. A set of six detectors was 
distributed around the outer surface of the 
spinning wheel to turn on equipment both in 
the wheel and on the pointed section. The 
detectors observed the sun once per revolution 
of the wheel, providing the spin controller with 
the necessary information for the determination 
of wheel spin rate. 


Power Supply 


Solar energy was the sole source of power for 
operating electrical equipment and experiments 


onthe spacecraft. The solar-cell array mounted 
on the stabilized section converted solar energy 
into electrical energy whenever the spacecraft 
was in sunlight. This energy was stored in 
nickel-cadmium batteries contained in the 
spinning wheel. During daylight, when the 
spacecraft was pointing, the solar-cell srray 
was normal to the sun vector within three 
degrees. 

The total surface area of the solar-cell array 
was 3.72 square feet. This array was composed 
of thirty-one, 18-volt, 60-cell modules which 
produced a power output of approximately 27 
watts. The average day-night power available 
for use from storage batteries was approximately 
16 watts. Smce the telemetry, data system, 
and control system required approximately 
seven watts, nine watts were available for the 
various scientific experiments. 


Thermal Control! 


Spacecraft temperature was controlled by 
making use of carefully selected external sur- 
faces. Special paints were developed for the 
upper structure back surfaces and the wheel rim 
surfaces. Polished aluminum covers were used 
for the flat top and bottom wheel compartment 
covers. 


Data Acquisition and Command System 


The observatory telemetry was accomplished 
with an FM-FM system. There were two inde- 
pendent parallel multiplexing systems. Each 
system had a tape recorder, a set of subcarrier 
oscillators, and a transmitter. 

The tape recorder, running at approximately 
0.65 ips, recorded the complex signal (eight non- 
standard low frequency sub-carriers) for 90 
minutes of the 95-minute orbit. During a five- 
minute interval, when the spacecraft was within 
receiving range, the tape recorder would play 
back the recorded signal at 18.35 times the 
record speed. At this playback speed, the sub- 
carrier oscillator frequencies became standard 
IRIG frequencies and modulated the spacecraft 
transmitter. 

One subcarrier oscillator was a fixed fre- 
quency, highly stable oscillator. This oscillator 
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frequency was used in the tape speed compen- 
sation networks of the receiving station to com- 
pensate for permanent changes in tape recorder 
speed and for transient changes, such as wow 
and flutter, up to 300 eps. 

The subcarrier oscillator output signals were 
recorded and played back at equal amplitudes. 
A pre-emphasis filter preceded the transmitter 
input to provide an amplitude taper commen- 
surate with transmitter noise level and a 
bandwidth of 100 ke. 

The transmitter consisted of two parts: the 
modulated driver, and the RF power amplifier. 
Both units used solid-state active elements. 
During the 90-minute record phase of the orbit, 
the driving signal to the RF amplifier was re- 
duced to permit an output of 300 mw. By 
ground control initiation of playback, the driv- 
ing signal to the power amplifier was increased 
to permit an output of 1.75 watts during the 
five-minute tape recorder playback interval. 
Since only one transmitter operated at a time, 
both were able to operate at the same frequency. 

The antenna system utilized two of the space- 
craft arm supporting structures as radiating 
elements. Antenna polarization required diver- 
sity combining of vertically and horizontally 
polarized signals at the receiving station. Due 
to a two-db loss in the antenna and RF multi- 
plexing system, the radiated power was nomi- 
nally 1.0 watt. 

The command system for the observatory 
was a 7-tone AM system. It was capable of 
actuating 10 distinct command functions. 


DESCRIPTION OF THE OBSERVATORY 
EXPERIMENTS 


Solar X-Ray Spectrometer 


A solar x-ray spectrometer was employed for 
the primary study of short wavelength x-rays 
(See Figure 1-4). It was designed with a sensi- 
tivity adequate to yield a spectral distribution 
over the 60A~400A wavelength band. With 
the experiment continuously pointed at the 
sun, sunlight entered the instrument through a 
slit. The sunlight was dispersed at the 2-degree 
grazing angle grating into the x-ray spectrum, 
and was focused spectrally on the “Rowland” 
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circle. The detector was mounted on a motor- 
driven carriage which moved along a track co- 
incident with the Rowland circle and thus could 
continuously scan and measure the spectrum 
presented. The spectrometer was developed at 
Goddard Space Flight Center by W. Behring 
and W. Neupert. 


20-100 Kev X-Ray Monitor 


An experiment for monitoring the 20-100 
kev x-ray region was devised utilizing a thin 
Nal (TI) crystal scintillator. This emission 
band is believed to be associated with Type III 
radio events, and correlation will be sought be- 
tween the radio observations and variations in 
the transient x-ray phenomena. This instru- 
ment was developed at Goddard Space Flight 
Center by K. Frost and W. White. 


1.8 Angstrom X-Ray Monitor 


An experiment for monitoring the 1.8A 
x-ray region was developed at Goddard Space 
Flight Center by K. Frost, W. White, and R. 
Young. It utilized two Be(Xe) ion chambers 
connected in parallel and collimated to reduce 
low-energy electron effects. 


0.2-1.5 Mev Gamma Ray Monitor 


This gamma ray monitor used two Nal (TI) 
scintillators: one was shielded for a penumbral 
detection angle of 20°, and the other was un- 
shielded and nearly isotropic in detection ability 
so that it could be used as a background control 
detector for the shielded detector. This experi- 
ment was developed at Goddard Space Flight 
Center by K. Frost, W. White, and K. Hallam. 


50 Kev-3 Mev Gamma Ray Monitor 


An experiment was designed to monitor 
gamma rays between 50 kev and 3 Mev. For 
the 50-150 kev range, a Nal (TI) crystal sein- 
tillator monitored radiation through a lead 
shield. The detector operating in the 0.3-1.0 
Mev and 1.0-3.0 Mev energy regions used two 
scintillators connected as a Compton coinci- 
dence telescope. Data were accumulated in a 


storage register which was read into a shift 
register and presented as digital words for 
output data. This gamma ray monitor experi- 
ment was developed at the University of 
Minnesota by J. Winkler and L. Peterson. 


100-500 Mev Gamma Ray Monitor 


An experiment was devised to monitor gamma 
rays in the range from 100 Mev to 500 Mev 
using coincidence detection of scintillation and 
Cerenkov light. Gamma radiation creates an 
electron-positron pair in a lead sheet, generating 
a scintillator pulse in coincidence with Cerenkov 
light produced in a plastic cylinder. An anti- 
coincidence scintillator was placed ahead of the 
lead sheet as protection against primary rela- 
tivistic charged particles. This experiment 
was developed at the University of Rochester 
by G. Fazio and E. Hafner. 


0.510 Mev Gamma Ray Monitor 


This experiment was designed to monitor the 
0.510 Mev electron-positron annihilation line 
using a Nal (T1) scintillator. It was developed 
by K. Frost and W. White at Goddard Space 
Flight Center. 


3800A-4800A Monitor 


An experiment for monitoring the 3800A- 
48004 band was built using a special photo- 
diode with a filter. This experiment was 
capable of detecting variations of solar flux in 
a bandwidth as small as 0.1 percent. This 
band of wavelengths is important in the total 
energy balance studies of the sun. The experi- 
ment was developed at Goddard Space Flight 


Center by K. Hallam, W. White, and H. 


Murphy. 
1100A-1250A Monitor 


An experiment for measuring the intensity 
of the 1100A—1250A solar ultraviolet band was 
developed at Goodard Space Flight Center by 
K. Hallam, W. White, and R. Young. It used 
an LiF-CS, ion chamber, which was stopped 
down to retard deterioration. The region in- 
cluded the chromospheric Lyman-Alpha line 
which was strongly affected by solar activity. 
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° Interplanetary Dust Monitor 


An interplanetary dust monitor experiment 
was built to measure the number, momentum, 
and kinetic energy of dust particles by the use 
of a microphone and a photomultiplier with a 
two-micron coating of aluminum. The photo- 
multiplier measured the luminous energy in 
the plasma cloud formed by impacts, and the 
microphone measured the mechanical impulse 
of the impact. This experiment was developed 
at Goddard Space Flight Center by M. Alex- 
ander and C. McCracken. 


Neutron Monitor 


A neutron detection experiment was built 
to determine whether or not the lower portion 
of the earth’s radiation belt is caused by the 
decay of earth-emitted neutrons and the sub- 
sequent trapping of resulting electrons and 
protons in the earth’s field. The detector was 
a moderated BF; counter. This experiment 
was developed at the University of California 
by W. Hess. 


Proton-Electron Identifier 


A proton-electron experiment was built to 
distinguish between the electron and proton 
ionization events. This was accomplished us- 
ing a scintillator which can electronically 
distinguish between the two types of ionization. 
This experiment was developed at the Uni- 
versity of California by Dr. C. Schroeder. 


Emissivity Experiment 


An emissivity experiment was built to study 
the stability of the emissivity of various surfaces 
in a space environment. Six surfaces and a 
black body reference were used, and equilib- 
rium temperature was the parameter measured 
by thermistor detectors. This experiment was 


developed at the Ames Research Center by 
G. Robinson. 


LAUNCH VEHICLE AND ORBIT 


The standard Thor-Delta vehicle with the 
bulbous nose cone (Figure 1-8) was used to 
place OSO I into orbit. The vehicle could 


Figure 1-8.—Thor-Delta launch vehicle. 


reliably place a 500-lb payload into the desired 
orbit. This orbit had to be high enough to 
free the spacecraft from most of the atmospheric 
drag and attenuation, but low enough to avoid 
the radiation belt which would affect some of 
the experiments. These requirements indi- 
cated that a 300-nautical-mile orbit, as near 
circular as possible, would be most satisfactory. 
An orbit inclination of 33 degrees was chosen 
for the following reasons: (1) the geometry 
of the launch area, (2) the required injection 
point, (3) the resulting trajectory, and (4) the 
requirement for a maximum sunlight orbit. 


PAYLOAD ENVELOPE AND WEIGHT 


The Thor-Delta vehicle payload shroud 
dictated the size of the payload envelope. The 
observatory was required to fit within a certain 
enclosure with sufficient clearance to allow for 
shroud buffeting motion. Having determined 
the payload size and shape, the next step was to 
keep the weight within the capability of the 
launch vehicle. Certain dynamics considera- 
tions dictated that the relative weights, or more 
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precisely, momentums, were such that con- 
siderably more scientific instrument weight 
could be handled than was originally expected. 
The design weight was to be approximately 
400 lb, 100 Ib less than the maximum capability 
of the vehicle system. 


DESIGN OF THE OBSERVATORY 


The Orbiting Solar Observatory was origi- 
nally conceived as a gyroscope. The spinning 
portion was to be an open mechanical structure 
carrying gas bottles and batteries at the ex- 
tremes for spin-up impulses and energy storage, 
and a stationary structure (with respect to the 
sun) holding the experiments to be pointed at 
the sun. This stationary structure was to be 
shaft-mounted through the open spinning wheel 
structure, with a bearing supported shaft 
through the center of a large gas bottle con- 
taining the pitch control gas supply. As the 
design evolved, it became evident that a higher 
wheel spin momentum was required than could 
be made available with the structure in mind, 
and that a life longer than a few days would be 
desirable. At this point, it was realized that 
the additional wheel weight required to increase 
the spin momentum could be used for payload, 
thus scientific experiments were added to the 
wheel structure. The batteries which were 
required to provide the power had to be charged, 
so a solar-cell array was added. 

These developments led to the design of a 
two-section structure: a wheel structure that 
consisted of compartments to provide space for 
the placement of the wheel controls, batteries, 
telemetry equipment, and experiments; and a 
large flat “sail” structure to carry solar cells. 
From this point, the design was not changed 
basically, but instead of putting the spin-up gas 
bottles in the wheel structure, the bottles were 
put on extendable arms, such that the arms 
could be stowed for launch and extended after 
orbit was achieved. The reason for this was 
to increase the spin momentum. The most 
obvious problem that this configuration pre- 
sented was the limit of the life of the bearings 
required to support the solar oriented portion 
upon the spinning portion. The success of the 
entire venture depended upon the ability of 
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bearings to operate reliably in the near absolzte 
vacuum conditions of space. Early investiga- 
tions indicated that bearings had been tested in 
laboratory vacuums before, but with unsatis- 
factory results. This indicated that a new kind 
of lubricant and lubricating technique was re- 
quired. Practically all of the well known 
lubricants, lubrication concepts, and lubrication 
philosophy were of no help in the solution of the 
problem. A new approach was used, and a dry 
lubricant technique was developed and success- 
fully tested in the laboratory. The same prob- 
lem existed for slip rings and brushes. Again, 
a new technique was developed and tested with 
success. 


DEVELOPMENT OF THE OBSERVATORY 


The observatory development was begun by 
conducting three simultaneous programs. These 
programs were the development of the electrical 
control system, the basic spacecraft, and the 
data acquisition and command system. 


Electrical Control System 


The basic approach in the development of the 
electrical control system was to design a mecb- 
anized system which could be rapidly assembled 
and would perform in the same manner as the 
proposed orbit system. The initial effort cul- 
minated in a mock-up of the entire system on an 
air-bearng-mounted test fixture. The air- 
bearing fixture was built to simulate the space- 
craft dynamically. The moments of inertia of 
the fixture were the same as the final payload. 
This fixture consisted of a large-diameter flat 
plate mounted horizontally on an air bearing by 
means of a conical center section that allowed 
the center of gravity of the fiat plate wheel to be 
lower than the mounting sphere of the air 
bearing. The wheel then represented the spin- 
ning portion of the spacecraft and provided a 
mounting surface for the control equipment that 
would actually be mounted in the observatory 
wheel structure. An upper structure was then 
mounted on the air-bearing-supported wheel. 
This upper structure was shaft-mounted on the 
wheel structure to enable it to rotate with 
respect to the wheel about an axis (spin axis) 
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normal to the plane of the wheel. A bearing- 
mounted shaft, perpendicular to the spin axis 
of the wheel, was attached to the upper structure 
for mounting simulated solar oriented instru- 
ments. This method provided a fixture which 
had a two-axis gimbal mounting for instruments 
similar to the actual spacecraft. The center of 
gravity of the fixture was adjusted to coincide 
with the center of the spherical air bearing 
suspension ball. When balanced, this fixture 
essentially provided a free body that would 
react to external torques as would the actual 
observatory in orbit. 

The most efficient method for providing the 
simulated spacecraft with control system elec- 
tronics was to adapt an existing pointing control 
to the simulated spacecraft. The system 
electronics were constructed from the drawings 
of a balloon-borne pointing control system 
previously flown, enabling the use of readily 
available components. Gains and limits were 
adjusted to suit the new application. A test 
fixture was built to test the electronics before 
the controls were applied to the air-bearing 
fixture. This test fixture was essentially iden- 
tical to the air-bearing fixture, except that it 
was fixed to the floor. The test fixture could 
rotate and had biaxial gimballing and could 
wobble about the rotational axis by means of an 
eccentric adjustment at the drive axis. This 
wobble table fixture was used to check out the 
electronic and gas controls. The table fixture 
could be rotated, given specified wobbles, and 
could otherwise recreate the conditions of the 
air-bearing fixture with the exception of the 
pitch and roll capabilities of the air-bearing 
fixture. 

At this point, a complete simulated spacecraft 
was available for control system development. 
The control system was then installed on the 
air-bearing fixture. The fixture was suspended 
on its bearing, and the wheel structure was spun 
up to the expected spin rate of the actual ob- 
servatory. An indoor lamp was directed at the 
device from a distance to simulate the sun for 
control system acquisition and positioning. 
The test on the air-bearing fixture provided the 
necessary confidence in the method of control, 
the feasibility of the gas systems, and the nutation 
damper. Several modifications in the original 
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concepts were made as a result of the air-bear- 
ing fixture work. 

After the operation of the control system 
had been proven successful, the next step in the 
electronics development was the prototype 
effort. The breadboard design, in progress as 
the air-bearing work was being done, was 
finalized using experience gained in the air- 
bearing work. Prototype electronics were pre- 
pared in flight configuration, and flight elec- 
tronic components were requisitioned. 

Prototype electronic subassemblies were in- 
stalled in the prototype spacecraft after they 
had successfully passed qualifying vibration and 
thermal-vacuum tests. After the prototype 
system was installed and integrated, the entire 
prototype spacecraft was subjected to a series 
of environmental tests. Problems which were 
encountered during prototype testing were 
solved and the solutions applied to the flight 
model control system. The environmental 
testing of flight subassemblies was completed 
and the subassemblies were integrated into the 
flight spacecraft which was then environ- 
mentally tested. 


Basic Spacecraft 


As decisions were made with respect to 
providing a vibration-resistant structure, the 
basic spacecraft design evolved from the antic- 
ipated shape and size concepts into actual 
hardware. The design to survive the ex- 
pected launch thrust was straightforward; 
however, a design to survive the expected 
launch vibration was not as simple. A struc- 


‘ture which was designed as a flight structure 


was assembled and designated the vibration 
structural model. Simulated instruments and 
control equipment were mounted on this struc- 
ture to simulate the eventual flight model 
configuration. Extensive vibration testing was 
accomplished on the structural model. Only a 
minimum of useable numerical data were de- 
rived from this testing but the structure proved 
to be adequate for the vibration loading im- 
posed. From this point of the development, 
only minor changes were made as the work 
progressed to the prototype structure. The 
prototype structure was assembled, and pro- 
totype instruments and controls were installed. 
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Vibration testing revealed that the only mod- 
ifications required were minor changes in the 
mounting bracketry hardware for some of the 
equipment in the wheel structure. Testing of 
the arms in the erection sequence indicated 
that the arm structure required strengthening. 
Following these modifications, the prototype 
structure survived vibration testing far in ex- 
cess of that required to prove structural 
integrity. The flight model structure, with 
modifications made as the prototype testing 
exposed problems, successfully completed the 
flight environmental test with no problems. 


Data Acquisition and Command System 


The data acquisition system for the observa- 
tory was designed to perform the following 
functions: 

1. Accept the analog outputs of seven data 
channels* and one reference channel and com- 
bine them into a frequency multiplex of eight 
subcarrier oscillators. 

2. Demodulate and select the particular tone 
command channel via the receiver and decoder 
respectively. 

3. Actuate ten spacecraft command functions. 


Launch Sequence 


The launch and orbital acquisition phase 
most severely tested the spacecraft system. 
The orbital acquisition sequence was pro- 
grammed by digital timers which were started 
by centrifugal switches. These switches sensed 
the centrifugal force produced when the third 
stage and payload were spun up by the solid- 
propellant rockets mounted on tie spin table 
between the second and third stages. 

The switches closed properly at spin-up and 
the timers started properly. One hundred 
seconds later the timed release of the stowed 
arms by means of explosive squib-actuated pin 
pullers was properly accomplished, and the 
arms extended and locked as anticipated. 

Shortly after arm release, third-stage engine 
separation occurred. The launch vehicle timed 
this separation. 

Two hundred seconds after spin-up, the 
timers turned on obrit power and turned off the 


*In some cases, several experimental measurements 
were combined into a single channel. 
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redundant tape recorder. The tape recorders 
were both running during the launch accelera- 
tion and vibration to prevent brinnelling of the 
bearings. With orbit power turned on, data 
recording began on the main tape recorder. 

Also, at 200 seconds after timer start the 
despin gas jets were turned on. The spin rate 
for third-stage thrust stability was a nominal 
120 rpm, but the spacecraft operational spin 
rate was required to be 30 rpm. The extension 
of the arms reduced the spin rate somewhat, but 
it was necessary to despin from this rate to 30 
rpm. The despin gas jets slowed the spin rate 
until the automatic spin-up controller sensed 
that the rate was at 30 rpm. At this time, the 
automatic spin-up controller turned on the spin- 
up gas jets to produce a known incremental 
spin-up impulse and permanently disconnect 
the despin circuitry so that no accidental despin 
was possible. This sequence left the spacecraft 
spinning at the nominal control rate. 

After 400 seconds, the upper structure and 
nutation damper bed, which had been latched 
during the powered flight phase of the launch 
to prevent mechanical damage, were released 
by explosive squib-actuated pin pullers. At 
the same time, a latching relay applied the error 
voltage to the azimuth torque motor drive 
electronics so that the azimuth positioning con- 
trol system could begin to orient the upper 
structure to an attitude fixed relative to the sun. 
The upper structure, which was spinning with 
the wheel when latched, slowed and then locked 
on the sun. The unlatched nutation damper 
quickly absorbed the energy of nutation. No 
detectable nutation was present after the azi- 
muth pointing controller had positioned the 
upper structure. 

At 800 seconds after spin-up (the last timed 
function of the timers), the elevation gimbal 
was unlatched by means of an explosive squib- 
actuated pin puller. The elevation positioning 
servo mechanism pointed the upper structure 
experiments to the center of the sun at this 
time. 

At 800 seconds, the timers also repeated, all of 
the previous functions to give a higher prob- 
ability that all functions had successfully oc- 
curred. At the end of this sequence, the timers 
turned themselves off. 


Chapter 2 
SPACECRAFT DYNAMICS 


ANALYSIS OF SPACECRAFT RIGID-BODY 
SYSTEM 


The unique biaxial pointing control of the 
Orbiting Solar Observatory utilized the entire 
vehicle as part of the controlled platform. 
Coarse elevation control of the stabilized upper 
section was accomplished by controlling the 
vehicle attitude with on-off jets. This was 
possible because of the gyroscopic property of 
the spinning wheel. Fine elevation and azi- 
muth positioning of the instruments were 
accomplished by electrical servo motor control. 
In addition to the above, it was necessary to use 
a nutation damper to conserve servo power by 
eliminating the undersirable motions of the 
spacecraft. 

Due to the complexity of the system, it 
seemed desirable to simulate the complete con- 
trol system of the OSO on a computer before 
proceeding too far into the hardware phase. 

The equations of motion for the four-body 
problem were derived and then run on an analog 
computer to check the parameters of the system 
and to observe, if possible, any unexpected 
effects. 


Coordinate System 


The coordinate system used is shown in 
Figure 2~-1. The x, y, z axis system is an 
inertial system, and the M, N, S system is 


Ls cos ¢”’ 
ys }=| —cos € sin 6’ 
23 sin ¢ sin ¢’’ 


The equations of transformation between the 
M, N, S system and the 2, yo, 2 system can 
be obtained by setting e=0. The equations of 


B 


sin ¢’’ 
cos € cos ¢”’ 
—sin e cos ¢’’ 


produced by a rotation, «, about the z-axis, 
followed by a rotation, 6, about the N-axis. 

A principal axis system, 21, y;, 21, is attached 
to the wheel and is formed by a rotation, ¢’, 
about the S-axis. 

Axes 2s, Yo, 22 form a principal axis system 
attached to the upper structure which is formed 
by a rotation, ¢’’, about the S-axis. The z.- 
axis is along the long dimension of the solar 
array. 

Axes 23, Ys, 2; form a principal axis system 
attached to the pointed instruments which is 
formed from the 7, ys, 2. system by a rotation, 
e, about the 7, axis. 

The symbols d,, dz, and d; denote the distance 
from the spacecraft center of gravity to the 
center of gravity of the wheel, upper structure, 
and pointed instrument package, respectively. 
The distance from the spacecraft center of 
gravity to the point of suspension of the 
nutation damper is d,. 

The equation of transformation between the 
inertial coordinate system and the M, N, S 
system is given by 


x cosacos@ —sine cosasiné\ /M 
y|j=|sinawcos@ cosa  sinasing]|N 
z —sin 6 0 cos 6 S 


(2.1) 


and the transformation between the M, N, S 
system and the z3, ys, 23 system is given by 


0 
sine || N 
cose/ \S 


transformation between the M, N, S system 
and the x, 41, 2: system can be obtained by 
setting «=0 and by replacing ¢”’ by ¢’. 


(2.2) 
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\ 
HK) 
0, 2 
ov’ 
*9 
S 
SPIN AXIS 
a AND + -@' - SPIN AXIS ORIENTATION 00, = 4, 
o - WHEEL POSITION 00, = dy 
og’ - UPPER STRUCTURE POSITION 00, = d, 
€ - INSTRUMENT POSITION 00, ad, 
(X54 Yor Zy) - DAMPING BODY POSITION 


Figure 2-1.—Coordinate system. 
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- Derivation of Equations of Motion 
The angular velocities of the M, N, S system 
relative to inertial space are given by 
wy=—a@ sin 6, wy=6 and ws=a cos @ (2.3) 
Therefore, the angular velocities in the 73, y3, 23 
system are given by 
w,,—=—a@ sin @ cos ¢’’+6 sin ¢’’ +e 
w,,= (@ sin 6 sin ¢’’+6 cos ¢’") cos € 
+ (¢’’+-@ cos @) sin e 
and 
w,,—= — (@ sin @ sin ¢’’-+ 6 cos ¢’’) sin € 
+(o’’ +a cos 6) cose (2.4) 


oT, 


The kinetic energy of the pointed instrument 
is 


T= $ [ M303(wiet wy) +12,0%, +1,,0%5 +I ,,024] 
(2.5) 


where mz, is the mass of the pointed instruments 
and I,,, I,,, I,, are the moments of inertia of 
the instruments about the indicated axes. 

The partial derivatives of the kinetic energy 
with respect to the generalized coordinates, the 
derivative of the generalized coordinate, and the 


total derivative of the latter are as follows: 


> >= mdze sin’ 6+ w,,1,,(—sin 9 cos $’’)+,,/,, (sin @ sin ¢’’ cos € 


+cos @ sin e)-+w,,/.,(—sin @ sin $’’ sin e+-cos 6 cos ?) 


Oe 


4 (27; 
dt \ d@ 


= m3d;(a sin? 9 + a6sin 26)+J,,[,,(—sin 6 cos $'’)+w,,(—6 cos 6cos ¢’’-++- 9’ sinésin¢’’)] 


+I,,[@,, (sin @sin ¢’’ cos e+cos @ sin e) +6w,, (cos @ sin ¢’’ cos e—sin @ sin €) 


+¢'’w,, sin @ cos ¢’’ cos e+ €w,,(—sin @ sin ¢’’ sin e+cos 6 cos €)] 


+1,,[,,(—sin @ sin ¢’’ sin e+ cos @ cos e)—8w,, (cos @ sin ¢’’ sin e+ sin 6 Cos e) 


—$' wee sin 6 cos ¢’’ sin e—éw,, (sin @ sin ¢’’ cos e+cos@sine)] (2.6) 


oT; _ 
‘eat 
oT 7 ” ” T heat 2.7 
Sp MEO+ wryly sin $’’+-w,,],, cos ¢’’ cos e—w,,] ,, Cos $’’ sin € (2.7) 
d ors A. ‘ : ee)ygees ”" . ” 
doe = md30+ I, (ez, sin $’’ +6’ w;, cos $’’) +-1,,(wy, CoS $’’ Cos € 
—¢''w,, sin ¢’’ Cos e—Ew,, Cos ’” sin €) 
—I,,(@,, 008 $'’ sin e—$’" w,, sin $’’ sin e+-éw,, Cos ’’ COS €) (2.8) 
or; 1 +2 43 wae ‘ ” 
“39 gy Madsc? sin 26—w,,],, COS 9 COS $'’ +deyTy, (cos 6 sin o’’ Cos € 
—sin 6 sin ¢)—aw,,,, (cos @sin ¢’’ sin e+sin # cos €) (2.9) 
oom sin €+w,,1,, COS € 
£ oF) Tog ns Sin €-+ 008 6+ T(r, 008 €— Ee, iD €) (2.10) 


aT 
o0’’ 


=I,,(aw,, sin 6 sin ¢’’ +6a,, cos ¢’) + (asin 6 cos ¢’’ — sin $’’) (wys/ y, COS e—w,,1,,sine) (2.11) 


ORBITING SOLAR OBSERVATORY 


or: d (oT;\ __. 4 
ae Wrl zs dt dé oS)= =Wz12, (2. 12) 


OTs __ (% sin @ sin ¢’’-+0 cos ') (asl y, Sin e+ 2,12, COS €) 


Oe 
+(9'’ +& cos 6) (w,,1,, COS e—w,,J,,8in e) (2.13) 


Equations (2.3) through (2.13) may be simplified by assuming a, ¢’’, &, e small and 0=5—0' where 
6’ issmall. Then 
(2.14) 


Wp, —a +e iy, W2,= 


and 


Gz, =e—a + 66"' 
wy, =O +0’ (e+e) (2.15) 
@2,=$—8 (e+) 

For the pointed instruments the Lagrangians become: 


(2%) (22) = msdhict Ie (@— 88") + Uy —1,,)66"" 


Py es ” 
; a) a) = matt Tlb+¢ (e+a}|+¢ (e—a) (1,,—I,,) 


(2.16) 


o (2s) (255 )= 118" —0(e+-4)] +8048) (leg —In) 


d (OTs oT; ee _ - 
dt i st = — Tas —é— Op )—U,,—I.,)6¢ 


For the upper structure, the Lagrangians become: 


d (27 (27: au chai. fener <a 
5 (Sa —( 52 = maiat lel 86"") + lay Ta 6 


5 (2g) ( 22) = mato Ly (6+ 48!" a8” leg —Tey) enn 


6 


oT. oT. 2 : 
5; (Sy )— (Gyr )=Fal6"") +6 Ley yp La) 
And for the wheel, the Lagrangians become: 
dat,_at, 
dt 0a Oa 


d oT, oT 
dt a a= mh6+Ir6+1 sad’ 


=m Gat ITra— Ts6’ 


(2.18) 


since I,,=J,,—I;. The moment of inertia of the wheel about its spin axis is J,. 
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* The kinetic energy of the nutation damper (7) is given by 
T=; ie PP) (2.19) 
Its potential energy, Vi, is expressed by 
Vinz Madt vit) (2.20) 
and its dissipation function, F,, may be written 
F=5 (az +y2+ 4) (2.21) 


In order to write the Lagrangian for the damper, it is necessary to express Equation (2.19) 
in terms of the x, y2, 2. coordinate system. The equation of transformation between these two 
systems is given by 


x cosacos@ —sina cosasiné\ /cos¢’’ —sing’’ 0 Xe 
y\=[sinacos@ cosa sinasiné]{ sing’’ cos¢’’ 0 Ya 
Z —sin @ 0 cos 6 0 0 1/ \z.t+d, 


or 
x cos a cos @ cos ¢’’ —cosacosé@sing’’ cosasiné Le 
—sin a sin ¢’’ —sin a cos ¢’’ 
y |=] sin a cos @cos¢’’ ~sinacos@sing’’ sin asin#é Yo 
+cos a sin ¢’’ +cos a cos ¢’ 
Z —sin @ cos ¢”’ sin 6 sin ¢”’ cos 6 Zotd, 


Therefore, 
1=Z (cos a cos 0 cos ¢’’ —sin a sin ¢’’)— Yo (cos & cos 6 sin ¢’’-+sin a cos ¢'’)+(22+d,) Cos @ sin 4 
y=2; (sin a cos @ cos ¢’’ + cos a sin ¢’’) +-y2(—sin a cos 6 sin ¢’’+-cos a cos ¢’’)-+(22+d,) sin asin 6 


2=—z, sin 6 cos ¢/’+y, sin 6 sin ¢’’+-(z.+d,) cos 0 


or 
I=COS a COS 6(z2 cos o’’— yp sin ¢’’)—sin a(z, sin ¢’’ + Yy2 cos ¢’’)+ (22-+ds) Cos a sin 8 
y=sin a cos 6(z, cos ¢’’—y2 sin g’’)+ cos a(z, sin ¢'’ + y2 cos ’")+ (2.+d,) sin a sin 6 
z2=—sin 0(z, cos ¢’’— yp sin ¢’’)+ (4+ds) cos 6 
or 
r=da$,— ba-+ (zo+dy)ods 
y=da,0,+ ba. t (22+ds)aBs (2.22) 
z=—06,+ (22+d4)0. 
where 


a=2, cos ¢/’ —y2 sin ¢”’ 
; ; (2.23) 


b=z, sin ¢’’+y2 cos ¢”’ 
using the argument with the subscript indicating the function, i.e., sin 6 becomes 9,. 


pled 
af] 
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Differentiating Equation (2.22) results in the equations . 


t=Ga,0,—bas+ 2208,—da,p+6a,9—baa, 


Yy =da,0,+ ba,+ 220;0.+ aa, ptba,q— baa, (2.24) 
i= — 00,4 20,—bp 
where 
p=06,+ (Zo-+d4) 0, 
(2.25) 
q=—6,+ (22+ds)6, 
Therefore, 


ee yt = PV +04 27+ 4? p?+6(p?+9q?) +b’? + 246(96.+ pbs) 
+2d6b0,+2bep+226(q0,+-p0.)—226b0,~26aqb (2.26) 
Substituting Equations (2.23) and (2.25) into Equation (2.26) results in 


BH yt 2th y+ 23+-o'7(ai+y2) +26" (Yorr— tayo) + a?[xid,? + 2arryods' be +Y2be” 
+-62(236;'?—2aroyos be’ + yobs?) +2 (wabs’ —Yods’) (22+) 0.00+ (22+ds)65] 
+26[ top.’ — Yobs’ — 9" (tabs’ +-yabe’) (22 +s) +260. t2b.’ — yobs’ — 9 (220s 
+Yyebe') (taps + yobe’) +26[ bos’ + yobs’ +0"? (xode’ — Yds’) 18c(a2be' —Yods’) 
+ (22+d4)65}-+262[ (xa; —Yoh;’) Cos 204-2 (22-+d,)0,0.]—24205(r2b,’ + Yad’) 
—2a6[—0,(13—y2)bs'bo +6. (xabs' + yobs’) (22+-ds) —O,22Y2(Ge'?— $5") ] (2.27) 


By assuming that 6=5—6, where 6’ is small, and that a and ¢’’ are small; and by dropping third 


order terms in a, a, 6’, 6, @’’, ¢’’, %2, Yo, 22 Equation (2.27) becomes 


=F ety +2?) 4 ght got a24 g!!2(a2+-y2) +296" (Yors—toyo) +6°[y3 + (22+d,)?] 


+[x3+ (22+d,)?]+26(4.—¢’ "Y2) (Z2+d,) + 2a (Yot¢’ "£o) (22+d,) —2a2 Y2— 202 tot 2abrrye } (2.28) 
In order to write the Lagrangian equations, the following quantities are derived: 


oft maf alye+ (22+d,)?]+ (Yot¢’ "22) (22+d,) — 22Yot bxeYe } 


¢ or, 
oe maf alys+ (22+dy)*]+- af 2yoyot 22 0(22+dy)|+ (Yotd"’a2+6'' £2) (z2+d4) 


+ (Goto 22) 2 Zo— (2242+ 2292) +6224 2+OL 22+ rey 2 } 
=m. alyst (Z2+ds)?|+ Yo(Z2+ds) — Z2yo + br2y2 } (2.29) 


ee maf O[x3+ (22 +d4)?] + (42—0" Ys) (Zo tds) — 2202+ Or2Y2 } 


§ T, 
: a)= mM { 6[z3+ (22+-dy)?]+26[a2t 2+ (22+dy) 22) + (f2— PY. b'’ Yo) (22+ds) 


+ (4.—' Yo) Z2— (2202+ 2242) + Gayot &(L2Y2t 22) } 
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or ¢ 


¢ 16> ma {[a3-+ (20-+-d,)"1-+ daze td) —Zatat aearnys} 


or, 


oe" = md"! (23+ ys) + (Yore—Txy2) — by2(22+d,)-+ ar2(22+d,)] 


5 (an) ml (23+-y2) +29"" (xobet-Yoifo) + (Yot2= Ey2) 


+ (axe+adto—Oby2) (22+d.)+ (a-22—6y2) 2] ~0 


of mulin—d!Yo+ b2r+d,)] 
2 


oF oot) mdi 8" 'yo— 6" Yot 6(Z2+-ds) +62] 
or 


4 Aca mal Zot (22.+-d,)6] 


oat midl§at6"'to+ alyotd)] 
Yo 


i | (Sat) — mda 8 arts art alert da) + ae 


or 


5 (aa) Ma to+ (e:+d,)a] 


ary_aT,_ a7, 


da PY) a a 


or, 


Cee mild’ ra td¢’ Yot @2.—b2.+ aby] 
Le 


i mld! y2—d" dot e?y2—O6"' (22-+-ds) — 22+ a629] 
2 


oF mal (a?+-6) (22+d,) +6(t2—6' yo) + éte+¢r ')| 
2 


(2.30) 


(2.31) 


(2.32) 


(2.33) 


(2.34) 


(2.35) 


(2.36) 


(2.37) 


(2.38) 


(2.39) 


(2.40) 


(2.41) 


(2.42) 
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oF oF _ OF _) 
da 08 og? 


Writing the Lagrangians in the form 


1d (oT,\_ 4,27, , dV, oF_ 
2 i (3a: a1 OG; 0g; aq, @ 


the equations become 
{midit modi + mads+ milys+ (22+-ds)?]+-Ip +110} +66"! (—L.+Iy,—I:,) 
— Op + maxeyoh = — E(s) + mil 22y2— G2(22t+- ds) ]—Tro"’ 
{ midi made+ mad§+ maze (22 +ds)")4+-Lat+Ly.+lig) 640 é Trg +1y,—Leq) 
+610 Lrg t+-Dyyt+-Leg Leg tL yg t Teg) 
+I sdb! + mit2y20 = Ty—E(s)p"' + mil 2ot2—F2(22+-ds) | 
(Leg tL eg) 6)’ +66 (Leg t+Ly,—Lig) +06 (L2.—Lyg—T rp +1irg Lg 1) = Al) 
I 6’ —I,(a6) =— A(s) 
—[Iz,(a—e—64"") + (1, 12.) 60" |= E(s) 
MLot+ chet kag=— ma(2o+ds)6 
Mba CY2+hyr=—ms(2.+dy)a 


M Zot C2ot+heg= m4 (G+ Yor) 


where 
_ (tm p+1) _ é—~<y) — 
E(s) Ke (teap+1) (e a) Ki, (é a) Tr, 
—_K, TAPED Cary ae gro) 
A(s)=—K4 (rapt) )—Ka,(0""—')—Tr, 
Ty=F ede 
and 


Kr, K,=elevation and azimuth servo gain, ft-lb/rad 
Tz, Ta, =elevation and azimuth servo lead time constant, sec 
Try Ta,=elevation and azimuth servo lag time constant, sec 
Ki, Ka,=torque motor friction, Ib-ft/rad/sec 
T;,, T;,=friction torques, due to bearings, slip-rings and motor brushes, lb-ft 
Ty=precession torque, lb-ft 
F,==precession gas thrust, Ib 
dg=distance from spacecraft c.g. to line of action of precession gas thrust, ft 


20 


(2.43) 
(2.44) 
(2.45) 
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(2.50) 
(2.51) 
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(2.53) 
(2.54) 
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* If the damper is considered to have only two degrees of freedom, that x2, y, and 2, are small 
compared to d,, and that the upper structure azimuth angular velocity and pointed instrument 
angular velocity are small, Equations (2.48) through (2.58) simplify to: 


(A+Ir +1,,)a— 6h’ I,+ mtsy20 =— E(s)—mgd,—Ty"’ 
(At Trt Lig tIy_) 6 +a’ 1, + mitay2a= Ty —E(s)p"’ —me ad, 


(Ti. t+12,) 6’ =A(s) 
I’ =—A(s) 
(¢—4)[,,=E(s) 

Ep +2né+ p"2,—=—d,b 
Got 2ny2t p "y= —da 


where 
c 
22n=— 
mM, 
prt 
mM, 


(2.59) 


(2.60) 


A=m i+ met msd3t+ my 


Equations (2.59) were solved on the Beech 
Aircraft CRC analog computer using the follow- 
ing initial conditions: 


1,=20.74 slug-ft? —d,=0.64 ft 
r=15.75 slug-ft? d4=1.83 ft 

T,,=1.0 slug-ft? Fe=0.05 lb 

I,,=1.0 slug-ft? dg=1.92 ft 

I,,=0.65 slug-ft? Ke,=Ki,=0.015 |b-ft/ 
I,,=1.3 slug-ft? rad/sec 
I,,=0.9 slug-ft? Try= Tra=0.063 lb-ft 
T,,=1.0 slug-ft? ¢’ =rad/sec 


m,=11.8 slugs p’ =4.136 rad/sec 
c=2X10- Ib-sec/ 
m3= 1.86 slugs in. 
m,=0.031 slug 2n=0.766 rad/sec 
K,=400 ft-lb/rad 7 ,1=E,=0.30 sec 
Kre=250 ft-lb/rad Ta F,—0.017 sec 
d,= — 0.28 ft 
d,=0.36 ft 


M2= 1.65 slugs 


Results of Computer Study 


Time history traces of the computer study 
were obtained on a six-channel Offner recorder. 


The outputs recorded were the two servo 
pointing errors and the angular velocities of the 
spacecraft and nutation damper. (Velocities 
rather than angular displacements were re- 
corded because of the scaling problems that 
would have arisen in plotting displacements 
during long periods of torquing.) 

Results of the study showed that under 
various input conditions the azimuth and eleva- 
tion servos kept the experiment package pointed 
at the center of the sun to within 1.0 arc- 
minute of error. The major error sources were 
the functional and motor damping errors in the 
case of the azimuth servo and frictional error in 
the case of the elevation servo. 

The azimuth servo error was very slightly 
modulated by the nutation, but this modula- 
tion was quickly reduced to zero by the nutation 
damper. This phenomenon occurred imme- 
diately after the precession torque was applied 
and after the precession torque was removed. 
The explanation for the recurrence of the nuta- 
tion at precession torque removal is given on 
page 36. 
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It was observed that the damping constant of 
the nutation damper could be lowered to a 
value which gave the best overall damping of 
the system. Further investigation indicated 
that the damper caused no appreciable de- 
stabilizing effects on the complete system 
through second-order cross-coupling terms. The 
damping time constant for the system was 
found to be minimum when the natural fre- 
quency of the nutation damper was approx- 
imately equal to the open-loop nutation 
frequency. 


NUTATION DAMPER DEVELOPMENT 


General Description of the Problem 


The basic problem was the need for a damping 
mechanism which would effectively damp out 
nutational motion of the Orbiting Solar Ob- 
servatory. The need for the damper was de- 
rived from the basic design concept of the 
OSO I, ie., to monitor solar spectral emission 
phenomena. 

A schematic drawing of the spacecraft 
(Figure 2-2) shows the angular relationships 
used to describe the position of the space- 
craft with respect to the fixed XYZ coordinate 
system. In the figure, the spacecraft attitude 
is in error by the angle e. S is the spin axis 
of the spacecraft and is normal to N, the line 
of nodes. Jet thrusts produce torques of 
either sense about the line of nodes, precessing 
the trihedron, O-M-N-S, so as to vary the 
elevation angle, a. The zero error condition 
occurs when the line of sight, or solar vector, 
is coincident with the line of nodes. With the 
choice of coordinate directions shown in the 
figure, the jet control system precesses the 
spacecraft in the XY-plane and the roll angle, 
6, is always very nearly 7/2. 

Tn the absence of damping mechanisms, the 
equations of motion of the spacecraft during 
torquing are as follows: 


M (2.61) 
‘== + Top (1—cos pt) 
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where 


M,=moment about line of nodes, lb-in. 
Iw=axial moment of inertia of rotating 
body, lb.-in-sec? 
w=spin rate, rad/sec 
t=time, sec 
p=TIoa/I,, rad/sec 
J=total transverse moment of inertia of 
spacecraft, lb-in-sec? 


These equations are valid provided & and 6 
are small in comparison to the spin rate w and 
provided the initial values of & and 6 are taken 
to be zero. 

From Equation (2.61), it can be seen that a 
torque M7, about the line of nodes causes pseudo- 
regular precession of the spacecraft. The spin 
axis S moves essentially in the XY-plane with 
a increasing at the mean rate 4d=M,/Iw. 
Superimposed on this average motion is the 
nutational motion indicated by the sinusoidal 
terms in Equation (2.61). If the torque, M,, 
is instantly stopped, the average motion stops 
but the nutation continues and becomes, in fact, 
free body precession. To a body mounted on 
the non-rotating instrument platform, the resid- 
ual nutational motion is a rotary translation 
about the spin axis of angular amplitude, 
M,/Iwp, and frequency, p. 

In deriving Equation (2.61) it was assumed 
that an external moment, M,, about the line of 
nodes was torquing the spacecraft. Such a 
moment could be produced by the gas jets, 
aerodynamic drag, or the divergence of the 
earth’s gravitational field. Furthermore, reac- 
tion of the elevation servo motor on the instru- 
ment platform during initial instrument acqui- 
sition produced a moment, M,,, which precessed 
the spacecraft in the roll plane. Other external 
torques could also have had components 
capable of causing precession in this plane. 

Unless a nutation damper was provided to 
put the spacecraft to sleep after each external 
torque application, the result of successive 
applications would have been to increase or de- 
crease the amplitude of nutation depending 
upon the direction, magnitude, and time of 
application of a given torque. It was necessary 
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Figure 2-2.—Reference coordinate system for nutation damper study. 
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to eliminate such random motion in order to 
assure spacecraft stability. 


Design Requirements 


The general design requirements that were 
established for the nutation damper are as 
follows: . 

1. Damping rate—Compatible with a time 
constant of ten (10) seconds for the exponential 
decay of the nutation amplitude. 

2. Weight of damper-—Minimum weight for 
established damping rate. 

3. Size of damper.—Compact as possible and 
compatible with overall spacecraft geometry. 

4. Nutation frequency—Dependent upon 
principal moments of inertia and spin rate of 
spacecraft. Calculated frequency of 4.71 rad/ 
sec was based on the following values: 


w=0.5 rps 
T=30 slug-ft? 
T,=20 slug-ft? 


5. Maximum anticipated external torque. 
1 lb-ft (reaction of elevation servo motor on 
instrument platform during initial acquisition 
of instrument). 

6. Angular amplitude of nutation due to moxi- 
mum torque-—Calculated value of 7.4 minutes 
of arc, based on spacecraft parameter values 
above. 

7. Minimum allowable residual nutation ampli- 
tude.—Less than 1 are-minute (compatible with 
accuracy of fine elevation pointing control). 

8. Temperature range-—0° to 50° C. 

9. Test requirements—The ground opera- 
tional test requirement for the nutation damper 
was that its in-flight performance be conclusively 
demonstrated in the laboratory. Appropriate 
test apparatus had to be devised to meet this 
requirement. 

The presence of gravitational acceleration 
during ground testing in contrast to the absence 
of acceleration in orbital flight contributed 
significantly to the complexity of the problem. 
The behavior of many types of dampers is 
altered by the effect of gravity, often to the 
extent that a device that performs well in one 
environment will not function in the other. 
Furthermore, a complete mathematical analysis 
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of the behavior of the damper selected for -use 
was imperative in order to evaluate accurately 
the effect of gravity on its performance. Sim- 
plicity of and confidence in the ground testing 
operation thus became strong design consider- 
ations. 


General Approach to the Solution 


Various Types of Dampers Considered 


In the process of finding a damper that met 
all of the specified requirements, many different 
types of damping devices were considered. 
Most of those given serious consideration were 
passive dampers; that is, dampers driven by the 
nutational motion they eventually damp out. 
Since the Orbiting Solar Observatory spun 
about its axis of greatest moment of inertia, a 
passive damper could be used to absorb the 
nutation energy without adversely affecting the 
spin. A passive damper was preferred over an 
active one for this application because of its 
reliability and simplicity of operation, and 
because it did not require an outside power 
source. 

The three general types of dampers investi- 
gated were pendulum dampers, inertial dashpot 
dampers, and a torus partially filled with 
mercury. Simple, spherical, and torsional pen- 
dulums, and ¢ ball rolling in a curved tube were 
considered. Practicality of mounting the var- 
ious type dampers on either the rotating or 
nonrotating sections of the spacecraft was also 
taken into consideration. Some of the damping 
schemes included among the various combina- 
tions of damper type and position were easily 
seen to be impractical. The investigation of 
each of the other combinations continued until 
the damper could be ruled out or until a theoret- 
ical evaluation of its performance could be made. 

In the following discussion, the results of 
the analysis of each type of damper concluded 
to be feasible for spacecraft use are summarized. 
For those types not chosen for this particular 
application the reason is given for not selecting 
the damper. 

Mercury Ring Damper—A hollow toroidal 
ring partially filled with mercury or some other 
more viscous liquid, has been proven to be an 
effective nutation damper. A theoretical analy- 
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sis ef the mercury ring damper has been pub- 
lished by Carrier and Miles.* 

This type of damper could not be used on the 
Orbiting Solar Observatory because of the 
particular spacecraft launch program. The 
third stage of the Thor-Delta vehicle which 
boosted the OSO spacecraft into orbit did not 
spin up until shortly before the third-stage 
rocket was fired. At the time of spin-up, the 
mercury in the partially filled torus would not, 
in general, have been equally distributed 
radially. Since no reactive force was present 
to redistribute the liquid after spin-up, the 
static unbalance would have persisted and the 
spacecraft would not have spun about its axis 
of symmetry. The resulting motion of the 
figure axis would have had the same undesirable 
effect on the pointing control system as would 
nutation of the same amplitude. 

Inertial Dashpot Dampers—This name is used 
to describe the types of dampers shown sche- 
matically in Figures 2-3 and 2-4. The damper 
in Figure 2~3 bas one degree of freedom and 
the one in Figure 2-4 has two degrees of free- 
dom. The principle of operation is essentially 
the same for both. When either type damper 
is mounted on the spacecraft so that nutational 
motion displaces the damper case in the direc- 
tion shown in the figures, nutation energy is 
transferred to the inertial mass through the 
springs from which it is suspended. If the 
damper is filled with a viscous fluid, this energy 
is dissipated at a rate proportional to the 
relative velocity of the inertial mass with 
respect to the case. 

A simplified analysis of this type damper 
was made assuming that the damper was being 
driven sinusoidally in the one or two planes of 
freedom at a constant frequency and amplitude. 
The results of this analysis are summarized as 
follows: 

1. The energy absorption rate of the damper 
with two degrees of freedom was twice that of 
the other type for a given inertial mass. 

2. Maximum energy absorption occurred when 
the undamped natural frequency of vibration 
of the damper was equal to the frequency of 


*G. F. Carrier and J. W. Miles, On The Annual 
Damper for a Freely Precessing Gyroscope, S.T.L. Re- 
port No. EM9-3, 29 January 1959. 
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Fiauret 2-3.——Inertial dashpot damper—one degree of 
reedom. 


the forcing function. This condition is com- 
monly known as “resonance’’. 

3. At the assumed nutation frequency and 
at resonance, a weight of approximately 1 lb for 
the inertial mass in the damper with two degrees 
of freedom resulted in an energy absorption 
rate equal to one-tenth the kinetic energy of 
spacecraft nutation. Since both the energy 
absorption rate of the damper and the kinetic 
energy of nutation are proportional to the 
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Figure 2-4.—Inertial dashpot damper—two degrees 
of freedom. 


square of nutation amplitude, this value cor- 
responded to a time constant of 10 seconds for 
the exponential decay of nutation amplitude 
of the spacecraft-damper system. 

These results were identical to those obtained 
the simple and spherical pendulum dampers 
using the steady forced vibration analysis. 
Such a conclusion was anticipated since within 
the accuracy of small angle approximations, 
the analyses of the two types of dampers with 


the same degree of freedom were basically -the 
same. 

The dashpot damper was given serious con- 
sideration because, unlike the pendulum damper 
its natural frequency of vibration is not directly 
affected by gravity. It was not used on OSO I 
primarily because no practical means of testing 
its operation in the laboratory could be devised. 
In the gravity field, the relatively weak springs 
required to yield the desired linear spring rate 
of approximately 0.2 Ib/in. could not support 
the weight of the inertial mass, either vertically 
or horizontally, without preloading the springs 
beyond their linear range. 

Methods for artificially supporting the weight 
during ground test either altered the design of 
the damper substantially or introduced friction. 
Both of these situations were undesirable be- 
cause they complicated or rendered virtually 
impossible the task of correlating ground test 
results with anticipated in-flight performance. 

Torsional Pendulum Damper—The torsional 
pendulum damper, illustrated in Figure 2-5, 
was investigated because its operation is un- 
affected by gravitational acceleration. The 
wheel-like inertial mass is supported at its 
center of gravity by a torsional spring. During 
ground tests the weight of the wheel had to be 
supported by the torsional spring; however, it 
was found that the wire required to obtain the 
desired spring constant in this instance could 
have been preloaded sufficiently in tension to 
support the weight. For lower spring rates 
the outer rim of the inertial wheel can be made 
hollow to partially float the wheel in the 
viscous fluid that fills the damper. 

The simplified analysis of torsional damper 
performance indicated that damping efficiency 
was much less than for the simple or spherical 
pendulum types. The expression for the en- 
ergy absorption rate of the torsional pendulum 
device at resonance is of the same general form 
as that of the simple pendulum. However, the 
linear amplitude is proportional to the radius 
of the wheel for the torsional pendulum, but is 
proportional to the distance from the center of 
gravity of the spacecraft to the damper for the 
simple pendulum. This latter distance was 
about two feet, whereas for a torsional pen- 
dulum, damper with an inertial mass of one 
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Figure 2-5.—Torsional pendulum damper. 


pound, a typical value for the wheel radius is 
three to four inches. Thus, the simple pen- 
dulum is sex to eight times more efficient, in 
terms of damper weight for a given damping 
rate, than the torsional pendulum. 

Rolling Ball Damper—A ball free to roll in a 
closed curved tube can be used to damp out 
nutation if mounted on the rotating body as 
shown in Figure 2-6. The tube may be filled 
with a viscous fluid to combine viscous damp- 
ing with the damping caused by the rolling 
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Figure 2-6.—Rolling ball damper. 


friction of the ball, or shock-absorbing 
“bumpers” may be placed at either end of the 
tube to absorb energy. 

This type of damper exhibits one distinct 
advantage over any of the types mounted on 
the nonrotating body. The frequency of vi- 
bration of the damper, like the nutation fre- 
quency, is directly proportional to the spin 
rate of the spacecraft. Therefore, the damper 
remains tuned or in resonance with the 
disturbing frequency for any given spin rate. 
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The principal disadvantage of this or any 
other type of damper mounted on the rotating 
body was that the frequency of the distur- 
bance it experienced was equal to the difference 
between spin frequency and nutation frequency. 
This disturbing frequency was always less than 
nutation frequency for a disk-shaped rotating 
body spinning about its axis of greatest moment 
of inertia. For this spacecraft, it was about 
one-third of the frequency of nutation. 

The undesirable effect of a lower frequency 
disturbance can be seen by examining the 
energy absorption equation derived for the 
various dampers. In each case, the absorption 
rate at resonance is proportional to the fourth 
power of the disturbing frequency. To main- 
tain a given damping rate as the disturbing 
frequency is lowered, either the inertial mass of 
the damper must be increased or the damping 
constant decreased. Decreasing the damping 
constant results in an increase in the required 
amplitude of vibration of the inertial mass. 
Within the space limitations of the rotating 
section of the OSO I, this type of damper would 
have been difficult to design to satisfy both the 
damping rate requirement and minimum weight 
requirement. 

Other problems associated with this type 
damper were: 

1. Because of static friction, the damper 
would not have completely damped out nuta- 
tion and could have caused dynamic unbalance 
of the rotating body. 

2. The effect of gravity on the behavior of 
the damper during ground testing was signifi- 
cant for the relatively low spin rate specified 
for the OSO I. The ground checkout of the 
nutation damper in spacecraft simulation tests 
would have been difficult. 

Simple Pendulum Damper—The simple pen- 
dulum and spherical pendulum dampers are 
analogous to the two types of inertial dashpot 
dampers discussed earlier: the simple pendulum 
is restricted to one degree of freedom, whereas 
the spherical pendulum has two degrees of 
freedom. Otherwise, the principle of operation 
and the analysis of the behavior of the two types 
is essentially the same. The simple pendulum 
damper was not chosen because it was only 
one-half as efficient in damping out nutational 


28 


motion as the spherical pendulum dantper. 

Spherical Pendulum Damper—Selection of the 
spherical pendulum damper was based on the 
following considerations: 

1. Damping efficiency of this damper was 
concluded to be equal to or better than any of 
the other feasible types. 

2. It was possible to make a theoretical 
analysis of its behavior that could be conclu- 
sively substantiated in simple experimental 
tests. 

3. The effect of gravity on its behavior could 
be evaluated accurately. 

4. A modified version of the damper could be 
easily incorporated into the spacecraft ground 
simulation tests on the air-bearing fixture. 

The possibilty of mounting this type damper 
on either the rotating or nonrotating sections of 
the spacecraft was investigated. Valid argu- 
ments for choosing either location could have 
been made. The decision to mount it on the 
nonrotating body was based on the following 
conclusions: 

1. On the rotating body, a pendulum damper 
would have to be mounted in an inverted posi- 
tion in the centrifugal force field in order to tune 
the damper to the relatively low frequency dis- 
turbance it would experience. The load on the 
wire supporting the bob of an inverted pendu- 
lum becomes critical as the natural frequency 
of the pendulum approaches zero. The tuned 
frequency required in this application was suffi- 
ciently low that a slight increase in spin rate 
above nominal value resulted in buckling of the 
support wire. The resulting restriction on spin 
rate deviation was considered too severe. 

2. Since the frequency of the disturbance ex- 
perienced by the damper mounted on the rotat- 
ing body was much lower than nutation fre- 
quency, the damping efficiency was also lower 
than at the alternate location, assuming fixed 
values for mass and damping constant. Re- 
duction of the damping constant to compensate 
for the lower frequency value was not feasible 
in this case. The resulting amplitude of vibra- 
tion of the pendulum bob was large enough that 
the support wire would have failed in bending 
at maximum displacement. 

3. Ground testing was greatly simplified by 
selecting the location on the nonrotating body. 
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Analysis of the Spherical Pendulum Damper 


There were certain disadvantages to mount- 
ing the nutation damper on the nonrotating 
body, e.g., the damper did not function when 
the spacecraft was in the shadow of the earth. 
During that time, the servo motors were inop- 
erative and the nonrotating body gradually ac- 
quired angular momentum from the rotating 
section until both bodies were spinning at the 
same rate. When the pendulum damper was 
rotated, the normal static equilibrium postion 
of the bob was no longer a stable point, and 
the bob was moved by centrifugal force to a 
position of lower potential against the damper 
case. It maintained this fixed position relative 
to the case for as long as rotation continued. 
In assuming the new position, the bob created 
a small dynamic unbalance in the spacecraft. 
Both the loss of the damper and the small 
amount of wobble caused by the dynamic un- 
balance could be tolerated since both condi- 
tions were remedied shortly after the spacecraft 
emerged into sunlight again. Another unde- 
sirable feature was that the natural undamped 
frequency of vibration was fixed. Since the 
nutation frequency varied directly as spin rate, 
the damper would not have remained sharply 
tuned to nutation frequency as the spin rate 
varied between allowable limits. However, the 
damper was designed to be rather efficient in 
damping out nutations with frequencies 10 per- 
cent above or below the nominal value. Dis- 
turbances of these maximum or mimimum al- 
lowable frequencies were damped out with a 
time constant of about 20 seconds, or twice the 
optimum value. 

Because of the complexity in operation of 
the spacecraft-damper rigid-body system, a 
complete mathematical solution of the rigid- 
body problem was not attempted initially. 
Even when small angle approximations are 
used, the differential equations which describe 
the motion ot the system are nonlinear and form 
a set of seven simultaneous second order 
equations. Analytical solution of these 
equations is not possible. Numerical solutions 
are possible using an analog computer, but 
such solutions require numerical values for 
all of the parameters of the system. A para- 


metric study of the system was considered to be 
impractical until some knowledge could be 
gained concerning the general behavior of the 
nutation damper and the servo mechanisms 
connecting the three rigid bodies of the space- 
craft. 

The more practical approach adopted was 
first to analyze the behavior of the damper 
independent of system operation. Tuis step 
was particularly important in simplifying 
the selection of the most efficient damper of 
many types considered. The analysis of each 
of the dampers under steady forced vibration 
was used for this purpose. The approximate 
values for damper parameters obtained from 
this analysis were then used to design models 
that could be checked out experimentally on 
ground test fixtures which simulate the oper- 
ation of the damper-spacecraft system during 
flight. Using the Optimum values for damper 
parameters gained from the simplified analyses 
and accompanying experimental work, numer- 
ical solutions of the equations of motion of the 
complete rigid-body system were obtained. 

Steady Forced Vibration Analysis—From this 
simplified analysis, the equations of motion of 
the damper under sinusoidal excitation of con- 
stant amplitude and frequency were obtained. 
An expression was then derived which gave, in 
terms of damper parameters, the rate at which 
the damper was capable of dissipating energy. 
When the required energy dissipation rate was 
substituted into this expression, approximate 
values for the damper parameters could be deter- 
mined. Of particular interest was the weight 
of the vibrating mass of the damper since 
damping efficiency is directly proportional to 
this weight. 

The steady forced vibration analysis could not 
be used to determine whether the torque applied 
to the spacecraft by the damper was in the 
proper direction to damp out nutation. This 
determination was made in each case by direct 
analysis of the vector diagram of the rigid- 
body system. 

Another deficiency of this analysis was that 
it did not take into account the effect of the 
damper in decreasing nutation amplitude as 
kinetic energy was taken out of the system. 
Since (in this approach) constant amplitude 
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of the forcing function was assumed, a constant 
energy dissipation rate was obtained. Actually, 
both of these quantities constantly decrease as 
nutation is damped out. It was reasoned that 
a more accurate description of the motion of the 
damper-spacecraft system during nutation could 
be obtained from the snalysis of the behavior 
of a two-body system during free vibration. 
Two-Body Free Vibration Analysis—The two- 
body system used in this analysis was the 
spherical pendulum damper mounted on the 
pendulum platform test fixture. The problem 
was simplified by considering only single- 
plane motion of the system. Use of the damp- 
er-test fixture system in single-plane vibration 
as a mathematical model of the damper- 
spacecraft system during nutational motion 
greatly simplified the analysis of the problem. 
Despite the simplifying assumptions, this 
approach was still considerably more complex 
than the steady forced vibration analysis. 
The differential equations of motion of the 
system were easily written but an analytical 
solution in terms of system parameters was not 
possible. Because of the lengthy and tedious 
process involved in obtaining numerical solu- 
tions by hand, an electronic analog computer 
was used. The parametric solution of the 
equations, obtained with the aid of the com- 
puter, yielded optimum values for damper 
parameters. Results of this study were sub- 
stantiated by experimental tests of the damper 
on the pendulum platform test fixture. 
Analysis of Complete Rigid-Body System— 
This analysis was performed to verify the 
results of the simplified analyses and prelimi- 
nary experimental tests. The equations of 
motion of the complete nutation damper- 
spacecraft rigid-body system were derived and 
solved numerically on an analog computer. 
These results were compared with those ob- 
tained from the simplified two-body free vibra- 
tion analysis. A sufficient number of compu- 
ter solutions for the complete system was 
obtained not only to confirm the fact that the 
damper would damp out nutational motion 
of the spacecraft but also that the results of 
the simplified analyses and the tests performed 
on the pendulum platform were correct. The 
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complete analysis was also of importance in 
evaluating dynamic stability of the servo- 
connected spacecraft rigid-body system and in 
gaining a more complete understanding of the 
gyroscopic motion of such a complex system. 

As previously mentioned, the equations of 
motion of the system formed a set of seven 
simultaneous, second order, nonlinear differen- 
tial equations. These resulted from the seven 
degrees of freedom of the complete system. 
The nutation damper had two degrees of 
freedom and the spacecraft five (three for the 
rotating body, an additional freedom in yaw 
for the nonrotating section, and a further one 
in pitch for the pointed solar experiments). 

Since the three rigid bodies making up the 
spacecraft were connected by the azimuth and 
elevation servo motors, the dynamic response 
of these servos had to be taken into account 
when analyzing the dynamic behavior of the 
spacecraft. For this reason, the equations of 
motion of the spacecraft without the damper 
were derived first and solved on an analog com- 
puter. This analysis was essentially a para- 
metric study of servo characteristics and was 
used to augment breadboard tests of the atti- 
tude control system. The nutation damper was 
incorporated into the system only after satis- 
factory response of the servo system had been 
established. 


Design Procedure 


In the following discussion the pertinent 
results of the mathematical analysis of the 
problem are presented. 


Steady Forced Vibration Analysis 


For the spherical pendulum damper, the 
equation of relative motion of the pendulum bob 
with respect to the case has the general form: 

z=A’’ sin (pt—a) (2.62) 
in the plane in which the forcing function is 
A’ sin pt, and 

y=A"’ cos (pt—a) (2.63) 


in the plane in which the forcing function is 
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A’*cos pt. In Equations (2.62) and (2.63), the In Equations (2.68) through (2.70) the nutation 
following notation is used: is as follows: 


A’=linear amplitude of nutation at the 
damper 
A=angular amplitude of nutation 
r=distance from center of gravity of 
spacecraft to damper 
I=axial moment of inertia of rotating 
section of spacecraft 
J,= transverse moment of inertia of entire 
spacecraft 
w=spin rate 
M=torquing moment causing nutation 


zx and y=linear displacement of the bob 
A’’=relative linear amplitude of vibra- 
tion of the bob 
a=phase lag angle of the relative 
motion with respect to the fore- 
ing function 
and 


p’=k/m—natural undamped frequency of 
vibration of pendulum 
2n=e/m 
k=spring constant of pendulum arm 
m=mass of bob 
c=damping constant of fluid 
2np 


From Equations (2.67) and (2.70) it is ob- 
vious that both the kinetic energy of nutation 
and the ability of the damper to dissipate that 
ss (2.64) | energy are directly proportional to the square 
ae of the amplitude of nutation. Therefore, the 
time constant for the exponential decay of 
nutation amplitude is determined from the 
expression: 


2 T=AKE/(-E 2.71 
=A’ P'lp (2.65) Siren Fe ay 
V0 —p?/p")?+4n2p?/p"* 


The energy dissipation rate of the damper 
during steady-state vibration is determined 


a=tan— 


The relative amplitude of the bob is given by 
the expression: 


A’ 


For an assumed time constant of ten seconds, 


we have: : 
—E-—0.1AKE (2.72) 


to be: tigr Substituting Equations (2.67) and (2.70) into 
_FH— An cp*/p’ Equation (2.72) yields the expression: 
ESA" app aap 88) " ed : 
mp (0.1) Lp 
For the small values of the damping constant, c, “e. &P 
the maximum dissipation rate occurs at reso- or 
nance, when p/p’=1, and Equation (2.66) mi _ (0.05) h (2.73) 
reduces to: e rp 
. r cp* ; mp i : 
—E=A"” 4 . ; (2.67) For a given spacecraft configuration and 
damper position, the right side of Equation 
In order to determine the damping rate corre- (2.73) is constant. Therefore, the required 


sponding to a given energy dissipation rate, it | mass of the pendulum bob is directly propor- 
is necessary to utilize the following expressions _ tional to the square root of the damping con- . 
for the spacecraft: stant. A practical lower limit for the value of 
c is imposed by the physical dimensions of the 

Nutation frequency, p=Jw/I; (2.68) | damper. 


From Equation (2.74) it is determined that at 


Nutati i '— Ar— : é 
ubahousamplitlides cA =r Malian. 12.69) resonance the ratio of forced relative amplitude 


Kinetic energy of spacecraft due to nutation, to foremg amplitude or magnification facior 
is: 
2. “ut 
AKE=M?I, 22° — Tpét= ar Ae (2.70) p- 4 -P (2.74) 
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Since case and fluid weight increase but 
bob weight decreases with decreasing damping 
constant, a parametric study is required to 
determine minimum damper weight. Instead 
of conducting such a study, reasonable values 
for mass, damping constant, and damper 
geometry were arbitrarily selected in designing 
a test model. Later tests and analysis showed 
that an optimum value for the damping con- 
stant, independent of mass, existed in the actual 
application. 

The following values for spacecraft param- 
eters were assumed, based on the best avail- 
able design data at that time: 


I =30 slug-ft? 

I,=20 slug-ft? 

w=0.5 rp=3.14 rad/sec 
Moax=1 lb-ft 

r=24 in. 


Calculated values were: 


p=Twf{I,=4.71 rad/sec 
A=M/Iep=2.25 1073 rad 
A’=Ar=0.054 in. 
AKE=M?1,/2 I?u®=0.0135 Ib-in. 
—E=0.1AKE=0.00135 lb in./sec 


From Equation (2.67) we determine that: 


pimp! 


=1066.63m? (2.75) 


For an assumed weight of 1 lb for the pendu- 
lum bob, m=2.59X10-? lb-sec?/in. and from 
Equation (2.75): c=7.16 X 107 lb/in./sec. Then 
from Equation (2.74), B=mp/c=1.7. 

The actual value of the damping constant 
for a particular damper configuration depends 
upon damper geometry and the physical properties 
of the fluid. Various fluid dynamics equations, 
based for the most part on idealized conditions, 
can be used to approximate this value in a given 
case; however, it was felt that a realistic value 
could be obtained only by experiment. From 
the approximations obtained from the theoreti- 
cal equations, the value given above seemed 
easily attainable with commercially available 
silicone fluids. 
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As a result of this approximate analysis of 
the problem, a value of one pound was selected 
for the weight of the pendulum bob in the 
damper model that was built for later experi- 
mental tests. The next logical step was to 
determine the physical requirements of the 
pendulum arm to yield the desired natural 
frequency of 4.71 rad/sec for the damper. 


Frequency Analysis for Damper 


By using the energy method for determining 
the natural frequency of vibration of a canti- 
lever beam with a concentrated end load, the 
following frequency equation is derived for the 
pendulum damper in the gravity field: 


EI+0.405W.0? 


P94. 4N TTL9.467W Lp? 


(2.76) 
where 


E=modulus of elasticity of spring wire 
pendulum arm 
4 


I= Gq =moment of inertia of wire (d= 


wire diameter) about centerline 
W=weight of pendulum bob 
W.=effective weight of bob in damping 
fluid 
1 =length of pendulum arm 
p:=radius of gyration of pendulum bob 
about its transverse axes 


and the double-signed term takes into account 
the effect of mounting the pendulum in either 
an upright or inverted position in the gravity 
field. The positive sign is used for the upright 
pendulum and the negative sign for the inverted 
one. In the gravity-free environment of orbital 
flight, the double-signed term drops out and 
Equation (2.76) takes the modified form: 


ET 
ny ee 


(2.77) 


where 
m=mass of pendulum bob 


By experimentally verifying Equation (2.76) 
for the two orientations in the gravity field, 
Equation (2.77) is indirectly substantiated. It 
was readily apparent from Equation (2.76) that 


° SPACECRAFT DYNAMICS 


the desired natural frequency for the pendulum 
could not be attained in the upright position 
without unreasonable pendulum lengths. There- 
fore, the inverted position was assumed for all 
ground tests conducted to evaluate damper 
performance. Equation (2.76) was used to 
determine the diameter of a steel music wire 
required to yield the desired damper frequency. 
In this calculation the pendulum bob weight of 
one pound previously selected was used, and the 
value, f =3 in., was arbitrarily chosen. 

For a spherical bob, »;=3r?, and for a one- 
pound brass sphere, r=0.92 in.; then p;=0.339. 
The modulus of elasticity for steel, E, is 3X 
10’ Ib/in?. Therefore, to obtain the desired 
frequency, p=4.70 rad/sec; Z=1.40K107= 
ma*j64 and d=0.041 in. To obtain the desired 
frequency for the damper in orbital flight, 
Equation (2.77) is used to determine the correct 
wire diameter; d=0.025 in. 


h——-———--—--- 5 IN, DIAMETER — 


8 - 32NC - 3A | 


Damper Model Design 


A preliminary model of the spherical pendu- 
lum damper was designed and built, using the 
values for damper parameters obtained from 
the steady forced vibration analysis. The 
dimensioned drawing of this model is presented 
in Figure 2-7. 

The damper was designed for easy modifica- 
tion. The case could be easily disassembled, 
and the spring wire pendulum arm was screw- 
attached at either end. Thus the damping 
constant could be varied by changing fluid, and 
the frequency could be varied by adjusting 
pendulum arm length or by replacement with a 
wire of different diameter. The cylindrical 
wall of the case was made of clear plastic so that 
visual observation of pendulum bob tests could 
be made. 

As discussed previously, the two fixed param- 
eters for the model were: weight for bob of one 
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Figure 2~7.—Dimensional drawing of first damper test model. 
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pound and pendulum arm length of three inches. 
The initial bob was cylindrical in shape with 
removable washers for weight variation above 
or below the nominal value and with a convex 
spherical surface opposite the pendulum arm. 
The inside surface of the case nearest the bob 
was concave spherical with the same radius of 
curvature as the adjacent bob surfac... A com- 
paratively small clearance between these sur- 
faces could thus be maintained during oscillatory 
motion of the bob. This feature was incorpo- 
rated into the design at a time when it was felt 
that it would be necessary to utilize the viscous 
shear of the liquid between these surfaces in 
obtaining desired damping rates It was later 
realized that sufficient damping could be ob- 
tained simply by the motion of the immersed 
body through the fluid. A spherical shape was 
then adopted to simplify the geometry. 

The length of the damper case was chosen so 
that the clearance between the spherical sur- 
faces in the original configuration could be 
adjusted from zero to 4 inch or more. The 
inside diameter of the cylindrical case wall was 
sufficiently large to allow a relative linear ampli- 
tude of about % inch for the bob. This cor- 
responds to a magnification factor of five for 
a maximum forcing amplitude of 0.1 inch. 


Two-Body Free Vibration Analysis 


This analysis was conducted to understand 
more clearly the results of damper tests on the 
pendulum platform test fixture. The nature 
of the motion of the damper-platform rigid- 
body system in free vibration was sufficiently 
different from that assumed in the steady forced 
vibration ana ysis that the simplified analysis 
did not fully explain the results of these tests. 
With the aid of an analog computer, a para- 
metric study of this system was made which 
yielded results that agreed very well with those 
obtained from the experimental work. 

The differential equations of motion pro- 
grammed on the analog computer were of the 
general form: 

Qn E+ by é+enr+ bypy=0 
, (2.78) 
Qxet) + bey tco2yt+b.%=0 


where x and y are principal coordinates, and 
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the coefficients are constants determined from 
system parameters. These principal coordi- 
nates are related to the generalized coordinates 
of the physical problem by the expressions: 


marty 


(2.79) 
w= Birt By 


where 


z,—linear displacement of pendulum bob 
za=linear displacement of the platform 
and 
6, 6 are again constants determined from 
system parameters. 


The relations which define the constants in 
Equations (2.78) and (2.79) are given on page 46 
in the derivation of these equations. 

Solutions of Equations (2.78) and (2.79) ob- 
tained from the computer were in the form of 
time plots of the linear displacements of the 
system. The rate at which the motion of the 
platform was being damped out by the damper 
could be measured directly from these plots. 
These results could also be compared directly 
with similar plots obtained from the motion of 
the physical system. 

The objective of the study was to determine 
optimum values for frequency and damping 
constant of the damper for both the air-bearing 
fixture and spacecraft applications. Optimum 
values are those which minimize pendulum bob 
weight for a given application while maintaining 
the required time constant for the decay rate 
of nutational motion. That such optimum 
values existed was evident from the series of 
tests conducted with the damper on the 
test fixture. 

The following values were assumed in the 
analog computer parametric study of the two- 
body problem: 


For the spacecraft: 


m,—0.164 Ib-sec?/in. 
m,=2.61 X 107° Ib-sec?/in. 
pi=4.13 rad/sec 

3.72/sec <p. <4.54/sec 
o4=0 or 5X 107 lb-sec/in. 
5107? <e,< 107? lb-sec/in. 


: SPACECRAFT DYNAMICS 


Far the air-béaring fixture: 
m,=0.234 Ib-sec?/in. 
M,=2.61X 10" Ib-sec?/in. 
p==3.92 rad/sec 
3.53/sec < py <4.32/sec 
¢,=0 or 5X 107 Ib-sec/in. 
5X10-* <e,< 107? lb-sec/in. 


where me, p2, c, refer to mass of pendulum bob, 
frequency, and damping constant of damper, 
respectively; and m,, p,, and c, refer to similar 
parameters of the platform. The nonzero value 
of c, was assumed to correlate computer results 
with test results from the platform fixture. 
This damping constant for the decay of free 
vibrations of that fixture was determined 
experimentally. 

The procedure that was followed in optimiz- 
ing damper parameters was: 

1. To optimize c, for fixed value of P2 equal 
to p; (it was determined from the test work 
that the optimum value of p, was very nearly 
this value). 

2. Using the value of c, obtained in Step 1, 
to find the optimum value of pp. 

3. To determine the value of m, that yielded 
the desired time constant of 10 seconds for 
optimum values of c, and po. 

4. Using the obtained values of m:, p2, and 
Ca, to vary p, over the range from nominal value 
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Figure 2-8.—Time constant versus fluid damping 
constant. 


minus 10 percent to nominal value plus 10 
percent to determine the response of the damper 
to this variation in forcing frequency. 

Results of the study are presented in Figures 
2-8 through 2-11. 

Figure 2-8 is the plot of time constant versus 
the damping constant, ¢,, obtained from Step 1 
above. The optimum value of c,=0.0012 
determined from this study was later found to 
be slightly in error due to the assumption that 
Pi=p2 After completion of Step 2, Step 1 was 
repeated, and the value c,—0.00175 was found 
to be the minimum value for which beating did 
not occur when the damper was sharply tuned. 

Figure 2-9 shows the results obtained from 
Step 2. This plot of time constant versus 
damper frequency shows that the damper had 
to be tuned to a frequency slightly less than 
nutation frequency for maximum damping rate. 

Figure 2-10 is the plot of time constant versus 
pendulum bob weight obtained from Step 3. 
A bob weight of about 0.75 lb yielded a 10- 
second time constant for the assumed nutation 
frequency of 4.13 rad/sec. 
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Figure 2~9.—Time constant versus damper frequency. 
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Figure 2-10.—Time constant versus pendulum bob 
weight. 


Figure 2-11 shows the variation of damping 
rate with nutation frequency. Within the 
frequency range of nominal value +10 percent, 
the damper was very efficient. 


Detailed Free-Body Dynamics Analysis 


This analysis presents first the gyroscopic 
motion of a rigid symmetrical body being 
constantly torqued, then the motions of the 
same body with no external torquing, and 
finally a nonsymmetrical body being torqued. 
The analysis also presents the working equations 
of motion of the spacecraft as a basis for the 
nutation damper work. 


Gyroscopic Motions Due to Constant Torque 


Equations of Motion—Euler’s equations re- 
lating to the trihedron axes OMNS (Figure 
2-12) are written as follows: 


te + wh, al y= My 


1+ Hy wnH,=M, (2.80) 


1 4 Hyon =M, 


where Hy, Hy, and H, are the angular momenta 
of the body with respect to M, N, and S axes. 
The angular velocities of the trihedron about 
the N, M, and § axes, denoted by @,, @, and 
w,, respectively, are: 


wn=6; w,=—a 8in 0; w,=acos@ (2.81) 


The body angular velocities are then those of 
the trihedron plus body motion with respect 
to the trihedron, namely, 


On=6; Wm=—a sin 8; w=d+tacosd (2.82) 


For a body of revolution, O-M and O-N are 
always principal axes and the angular momenta 
are given by the relations: 


H,=1,6; Hya=le sin 0; H,=1(¢+ac0s6) (2.83) 
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FiaurE 2-11.—Time constant versus nutation fre- 
quency (p2=4.1 rad/sec; ¢:=0.0012 Ib/in./sec). 
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Figure 2-12.—Reference coordinate system. 
where 


J,=transverse moment of inertia 
J=axial moment of inertia 


If Equations (2.81) and (28.3) are substituted 
into Equations (2.80) the following equations 
result: 


—t, £ (a? sin 0)+-16($+ 4 cos 6) 


—Iba& cos 6=M,, 


1,6—1,é sin 6 cos 6-+J.a sin 6 (2.84) 


(¢+4 cos —)=M, 
1 ($+ cos 6)=M, 
Equations (2.84) are simplified by assuming 
that the velocities of the trihedron, 6 and a, are 
small compared to ¢. Eliminating all terms 


with products or higher powers of the small 
velocities in Equations (2.84), we have: 


—I,& sin 6+/6¢=M,, 


1,6+I¢é sin 9=M, (2.85) 


i (¢+4 cos 6)=M, 
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If 6=-/2 initially and M,—M,=0, this angle 
will not differ greatly from its initial value 
during torquing, and Equations (2.85) are 
further simplified. From the last of these 
equations, it is apparent that 


dp _ 
7° 


or that g=w=constant. 
The first two equations then are written: 


~—t wt I wh=0 
1,6+Iwe=M, 
For the assumed initial conditions: a(0)= 


a(0)=6=0; 6(0)=2/2, the Laplace transforms 
of Equations (2.86) are: 


(2.86) 


—1ys*f(a) + Josg(s)— Ie ()=0 
(2.87) 
Ls’g(s) Th (5) s+Iws f(s)=M,/s 


The solution of these algebraic equations for 
the functions f(s) and g(s) yields: 


_M,1 M, p 
IO=To Flap FP 
(2.88) 
wy-(Z¥e) 1 Me st 
g(s)= 2 Iwp/s Twp s’+p’ 


where p=Ju/I,. 


The inverse transforms of Equations (2.88) 
are: 


Mn t— M, sin pt 
To Tap P 
xi (2.89) 
il 2 (— 
6=5+ lon (1—cos pt) 


From Equations (2.92) it is determined that 
the curve of the intersection of the figure axis 
anda spherical surface described about the fixed 
point of the gyroscopic body is a cycloid. This 
curve is shown in Figure 2-13. The cycloidal 
motion of the figure axis has the period, 
7=2n/p, and the amplitude, a=2M,/Iwp. 
Since the body is spinning about this axis of 
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FieurE 2-13.—Path of spin axis of spacecraft during 
constant torquing. 


symmetry, the cycloidal curve represents the 
path of the spin vector, S, on the spherical sur- 
face during constant torquing, and Equations 
(2.89) can be used to determine its position and 
velocity at any given time. 

Path of Angular Momentum Veetor on Spher- 
ical Surface—The total angular momentum of 
the gyroscopic body is given by the vector 
equation: 

H=Iw+I,e+10 (2.90) 


In terms of the unit vectors, i, j, and k, along 
the S, N, and Z axes, respectively, we have 


i—Jw sin (3 =) k 


+/,6j+l,ak 


H=Zw cos (0-3 
(2.91) 


If H lies in the z-y plane at all times, the scalar 
product, H-k, should vanish. From Equation 
(2.91) it is determined that: 


H -k=—Ty sin (0.- 


a) tiie — (2.92) 
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Fiaure 2-14.—Angular velocities during constant 
torquing. 


Since the angle, @,, varies from the value 7/2 
only by the small amplitude sinusoidal term 
given in the second of Equations (2.89), Equa- 
tion (2.92) may be rewritten: 

H-k=—Ie (0.-§)+hi (2.93) 


Substituting Equations (2.89) into Equation 
(2.93), we determine that 


(1—cos pt) +1; M, 


M, 
H-k=—Io 7 a 


(1—cos pt) 


-(-2 fe+7,)% To (1—c0s pt) = 0 


Therefore, H remains in the z-y plane during 
constant torquing. 

Next, the rate at which H moves in this 
plane is determined. In Figure 2-14 let 


a,==central angle between the x-axis and 
the angular momentum vector, H 

a,=central angle between the z-axis and 
the projection of the spin vector in 
the xz-y plane (S’ axis). 

gB=central angle between H and S’. 
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Then 
aq=a,+B 
or 
6 
Por +i? +F) 
If a and 6 are sufficiently small in compar- 
ison to w, Equation (2.94) can be simplified to: 


ag=a,-+sin7! (2.94) 


y= ati 6 (2.95) 


Equation (2.89) may be substituted into the 
differentiated form of Equation (2.95) to give: 


gpa gM p)_M, 
(2.96) 


Thus, except for small pulsations brought 
about by the (a?+6?) term in Equation (2.94) 
H moves at the constant rate, My/Jw, in the 
zy-plane. 

The magnitude of these variations from the 
average rate can be determined by differen- 
tiating Equation (2.94) with respect to time 
and then making the appropriate substitutions 
for a and @ and their time derivatives from 
Equations (2.89). The resulting expression 
reveals that at 

t=2na/p = (n=0,1,...) 
@y is exactly equal to the average rate, is 
slightly greater than this value at t=nx/p, and 
is slightly less at t=(2n-+1)x/2p. 


Free Motion of a Gyroscopic Body 


The residual motion of the gyroscopic body 
after the constant torque, M,, has been stopped 
is now analyzed. In Equations (2.86) assume 
that M,=0, but that initial velocities a and 6) 


exist. The initial value problem is then stated: 


a(0) =a; &(0)=a; 0(0)=6; 6(0) =r 


Laplace transforms of Equations (2.97) are: 
—T8"f(s) + Tsaot Tieot+lwsg(s) j 


—Iw=0 (2.98) 
L87g(s) —L,809—Ibo+- ws f(s) —Iwayp=0 
from which 
a bo\1 8% 
10-(a+5) 3-3 aap ep 
(2.99) 


o\ 1 ao 8 bo 
g(s)=(00-2 oar pr 


The inverse transforms of Equations (2.99) 
are: 


bo 


axayt ot ? 


cos pt+o sin pt 
(2.100) 
Go , a by. 
6=6).—— +— cos pt-+— sin pt 
0 op Pp +5 Pp 


Thus, the figure axis performs harmonic motion 
about the position, 


8,» _ 
2, g,——2 )» 
(ax+ p> 0 ? 
described by the equations: 


a= sin no cos pt=A sin (pt—B;) 


(2.101) 
= : sin pt +8 cos pt =A sin (pt—Be) 
where 
1 

A= vee +b 

6,=tan-! f 

B.=tan—! (-? 
Since 

tan (8,—B,) = oe Orton 


i+tan B; tan Bo 


B:—82=/2, and the path of the figure axis on 
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Figure 2-15.—Free body precession of spacecraft after 
constant torquing stops. 


the spherical surface described about the fixed 
point of the gyroscopic body is a circle of radius, 
rt eat 
P 

From Equations (2.89), the center of this 
circle is determined to be: 

by M,, 
aor Tap 


sin pty 


% 


p 2 


6=6o— +505 (i= cos pid (2.102) 


n 


lwp 


T 
(1—cos pt) =5 


From Equation (2.95), the a coordinate of 
the angular momentum vector is found to be: 


eee oe 
a ae aaa sin peg 


which is the same as the a coordinate of the 
center of the circle given in Equation (2.102), 
above. Since it was shown in the preceding 
section that the angular momentum vector, H, 
remains in the zy-plane (6=7/2) at all times 
during torquing, it is concluded that when 
torquing of the gyroscopic body is stopped, the 
residual motion is a circular motion of the spin 
vector about the angular momentum vector on 


the spherical surface. From Equations (2.101), . 
it is seen that the amplitude of this motion is 
dependent upon the position of the figure axis 
on the cycloidal path at the time torquing is 
stopped. A maximum amplitude of 2My/ 
Iwp will occur if t=nx/p and no residual 
motion is present if torquing stops when 
t=2nr/p, or when the spin vector is coincident 
with the angular momentum vector. This 
motion is illustrated in Figure 2-15. 


Undamped Motion of Spacecraft Rigid-Body Sys- 


tem During Constant Torque 


The equations of motion derived on page 36 
apply to a single symmetric rigid body under 
constant torque. Extension of that analysis 
is now made to determine the effect on space- 
craft motion of the nonrotating bodies of the 
spacecraft. 

Let J and J, be the axial and transverse 
moments of inertia of the rotating body of 
the spacecraft. The angular momenta of this 
body about the trihedron axes, OMNS, of 
Figure 2-12 are then given by Equations 
(2.83). To determine the total angular mo- 
mentum of the spacecraft about these axes, 
these additional momentum terms must be 
considered. 


1. Upper assembly: 
HoAT 


Hn,= —Im ge Sin 0 (2.103) 
H,,=,I] ,@ cos 6 
2. Instrument: 
Hy,= In 
Hny=—Ing& 8in 4 (2.104) 


H,,=1,,6 Cos 8 


where the subscripts 7, m, and s refer to the 
moment of inertia or angular momentum of 
the body about the N, M, and S axes, respec- 
tively, and the subscripts 2 and 3 refer to the 
upper assembly and instruments, respectively. 

Equations (2.103) and (2.104) are derived 
assuming that the azimuth servo motor pre- 
vents rotation of the upper assembly about 
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the spin axis and that the elevation servo pre- 
vents rotation of the instrument about the 
M-axis. The inertial term, Zm,, then applies 
only to the motion of the center of mass of 
the instrument about the center of gravity of 
the spacecraft. 

The total angular momenta of the composite 
body are obtained by adding Equations (2.83), 
(2.103) and (2.104): 


A,=(th,+1,,)6=16 
An=— (11+ In,+Im;)& sin 6 
=—I,& sin 6 
A,=1¢+(I4+1,,+1,,)& cos 6 
=1¢+I,a cos 6 


(2.105) 


Substituting Equations (2.105) into Euler’s 
Equations (2.80) yields: 


—Iy Z (asin 6) +0(I6-+ La cos 0) 
—a cos 61,6) =Min 
L.é+a cos 6(— Ia sin 0) 
+a sin 0(16+TI,a cos #)=M, 
¢ (16+ Ié cos €)—d sin 6(I,8) 
—~é(— Ia sin #=)=M, 


(2.106) 


Assuming § and & small compared to 4, 
and dropping terms with products or higher 
powers of the small velocities, we have 


—f,a sin 6+ 1¢6=M,, 


16+ Ida sin 0=M, (2.107) 


¢ (Ié-+Lé& cos 6)=M, 


If it is assumed that M,=-M,=—0, 0=2/2, 
then sin @=1, cos 6=0 and the last of Equa- 
tions (2.107) shows that ¢=constant, say w. 
The first two equations become: 


(2.108) 
16+ Iwa=M, 


Laplace transforms of Equations (2.108) for 
the initial conditions, a(0)=a(0)=6(0)=0, 0(0) 
= 7/2, are: 


—Istf(6) + Tong(s)— Io (E)=0 
(2.109) 


Ls’g(s)—I, (5) s+ Iwsf(s)=M,/s 
The solution of Equations (2.109) for f(s) 
and g(s) is: 


—M. Jp 
Je) ase Tap s+ p 


( (5-93 1 MJ. 8 
g\s)= 2 Pat)s Pat & +p 
where p=In/ I,J). 


The inverse transforms of Equations (2.110) 
are: 


(2.110) 


we eg t 
To Tap"? 


(2.111) 


ML, 
o=5+ Ft (1—cos pt) 


Thus, for a composite body with unequal total 
moments of inertia about the transverse axes, 
M and N, both the frequency and amplitude of 
nutational motion are different than for the 
symmetric body. 


Spherical Pendulum Damper 


x x 


Equations of Motion—Assume that a spherical 
pendulum is acted upon by a sinusoidal forcing 
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function that displaces the point of suspension 

in a circular path in the horizontal plane. If 

the primed axes are inertial and the unprimed 

axes move with the point of suspension, the two 

coordinate systems are related by the equations: 
z’=2+A’ sin pi 


y’ =y+A’ cos pt (2.112) 


where 


gat 


Top ro and p=Iw/I, 


The kinetic energy is 
1 1 21 tr2 | gn 
T=5 mii=s m(#’?+ y/?+ 2/7) 
or 


T=; m{(£+A’p cos pt)’?+(y—A’p sin pt)?+ 27] 
(2.113) 
The potential energy due to the strain energy 


of bending the pendulum arm wire is, as pre- 
viously derived: 


vin ft hae 


The potential energy due to the gravity 
force, mg, is as previously derived: 


a Ht os) dz (2.114) 


v=w | ! (ds—dz) = 5 
0 


swf 


If it is assumed that the deflection curve of the 
wire is approximated by the equation 


dr\? 
=) dz (2.115) 


r=rs(1—cos =) (2.116) 
then 
_EI 2 EIr* 4 
an (Tere 5 5) = ~ “Bale (2.117) 
and 
_W (irr wz Wrr 
m= [ 40? sin’ > de=—B- eb (2.118) 
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Total potential energy is . 
ETIy* 
V=VitV.= (Bate 31 ae) A (2.119) 
or 
Vas kre=5 5 katy?) 


From equation (2.113) we determine that: 


oT oT oT =0 

Ox Oy oz 

ot —m(e-+A’p cos pt) 
oF _m(y—A'p sin pt); 
oy 


oT . 
TS MeZ 


ra) = 
oF )=mi 


5 (32 ot )=mi— mA'p? sin® pt 
d fOT\ ane 
5 (35 =mi—mA'p? cos pt 


and from Equation (2.119) 


av_,,. V 
Ox 


Vy 
oy he ve 


For viscous damping, the dissipation function is 


F=}e(z?+9?+ 2’) (2.120) 
and 
oF. oF_.. oF _. 
ot ay HY de 
The Lagrangian equations of motion are: 
mi—mA'p’ sin pt+ct+kr=0 
my—mA'p’ cos pt+cy+ky=0 (2.121) 


méitcz=0 
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Letting 2n=c/m and p”=k/m, Equations 
(2.121) become: 
E+2n¢+ p?2=A’ p’sin pt 
Y+2ny+p’’y=A' p’cos pt (2.122) 
2+2nz—0 


Solution of the third of Equations (2.122) 
is easily determined to be: 


z=¢,+c.67™ (2.123) 


Thus z gradually changes from some initial 
value to another fixed value, and vertical 
motion of the bob is negligible during steady 
forced vibration. The particular solutions of 
the first two of Equations (2.122) are: 


z=A"’ sin (pt—a) 


2.124 
y=A"’ cos (pt—a) ( ) 
where 
72 
A’ tA =A’ pip 
V(—p"/p")?+-4n?p"/p™ 
and 
a=tan—! a 


Energy Dissipation Rate—Energy loss/sec= 
work/cycle < cycle/sec 
—_ F_£. os 2 
=-E=g f. zid(pt) (2.128) 


From Equation (2.125), the energy dissipation 
rate is determined to be: 


—E=5 f "@49)d(pt) 


2 
=A? ___@ ______ 2.196 
(1—p?/p’*)?+-4n*p"/p 4 ( ) 
At resonance, this expression becomes: 
— Baar Ph ae mD" (2.127) 
4n? c . 


Frequency Equations for Spherical Pendulum 


Damper 


In order to use the energy method for deter- 
mining the natural frequency of vibration of 


782-552 O—66—__4 
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the spherical pendulum damper, it is first 
necessary to show that for small vibrations 
the natural frequency of the damper is the 
same when operating as a simple pendulum 
as when performing conical pendulum motion. 
This is done by considering the free undamped 
oscillations of the damper during each type of 
motion. 


Lateral Motion—If the pendulum is per- 
forming small lateral vibrations in the yz- 
plane, the kinetic and potential energies of 
the damper are: 


(2.128) 


where k is determined from the spring force 
of the wire and the gravity force, mg. The 
Lagrangian equation of motion is: 
my+ky=0 (2.129) 
Equation (2.129) is the familiar expression 
describing free undamped sinusoidal oscilla- 
tions of frequency, p= Vk/m. 
Rotary Motion—When the pendulum bob 
is performing small rotary oscillations in the 
ry-plane, the kinetic and potential energies are: 


} (2.130) 


T=1mv'=4 m(4?+y’) 


Vad a3 k(ety) 
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Since the spring force and gravity force act- 
ing on the damper are unchanged during the 
two types of motion, the derivation of the 
constant, k, is the same in Equations (2.130) 
as in Equations (2.128). The Lagrangian 
equations may be derived from the energy equa- 
tions, Equation (2.130). 


mi +ky=0 


(2.131) 
méit+tkz=0 

Thus, for small vibrations the frequency of 
the damper in the two cases is identical. The 
expressions for this frequency for the three 
different damper environments being considered 
are now derived using the energy method. 

The environments to be considered are: 


Pendulum mounted in upright position 
in gravity field 

Pendulum mounted in inverted position 
in gravity field 

Gravity-free environment of orbital flight 


If the motion of the pendulum is simple 
harmonic and the potential and kinetic energies 
are made up of separable parts, the general 
expression for frequency may be written: 


~ ps Pi 
SKi 


P=maximum potential energy 
Kp’=maximum kinetic energy 


(2.132) 


where 


Equation (2.132) follows directly from the law 
of conservation of energy. 

For the pendulum damper in the gravity 
field, the following energy expressions are 
derived: 
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1. Kinetic energy is due to the linear and rota- 
tional motions of the pendulum bob and spring 
wire. If w is the constant weight per unit 
length of the wire and W the weight of the bob, 
the expression for the kinetic energy due to 
linear motion of the concentrated load, W, can 
be shown to be: 


eres (=) 2p? 
Kip’=5 m= F pyt (2.133) 
and for the distributed load, w: 


t 
Kup'=5 ; 2 f y'dx (2.134) 
0 
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The kinetic energies due to rotational motion 
are: 


(a) For the concentrated load: 


where p,=radius of gyration of bob about its 
axis of rotation. Derivation of the value of 
max in Equation (2.135) is as follows: 


For small vibrations, 


o=dyldz; P=“ 5 (2) -(#) 


At any given point along the deflection curve: 
y(t)=y(z) sin pt; y(t)—y(zx)p cos pt 
and 
Yeux =Y(z)P 


If the equation of the deflection curve is assumed 
to be: 


y(z) =a (1—c0s a) 
2 
the above expression may be rewritten to: 
max ap (1—cos 3% a 


Furthermore, we have 


@Y max DE oe 
“de 2p ° 2 


and at y=y;: 


Yngx UP 
dz 2t 


fe By acewf! (# 


Then at yy: 


J baas | 
foam | Et |= 


(b) Similarly, for the distributed load: 


1 ftw ,/dy? 
Kup ’=5 p f, 5 (Ss dz 


where p,=radius of gyration of spring wire. 

2. Potential energy is due to the elastic poten- 
tial of the spring wire and the gravitational 
potential of the bob and wire. Maximum 
potential energy is determined by evaluating 
these energies when the pendulum is at maxi- 
mum displacement. 

(a) Due to the elastic potential of the 


spring wire: 
2 
P.=EI{' ($4) de 
0 


(b) The gravitational potential of the con- 
centrated weight, W, is: 


L 2 
pas [Ya 


where the positive sign is used for the upright 
pendulum and the negative sign for the in- 
verted position. 

(c) The gravitational potential of the dis- 
tributed weight of the wire is: 


op x 
4t? 


(2.136) 


(2.137) 


(2.138) 


zr 2 
P= + f : [o[5(Z) ae ]ae 2.30) 
with the sign convention the same as in Equa- 
tion (2.138). 
Substitution of Equations (2.133) through 
(2.139) into Equation (2.122) yields the fre- 
quency equation: 


asf [e @) #)@ 


Cr) t(G) ot apts J vee S Ge) 


(2.140) 
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For the assumed deflection curve: 


y= a(1- cos => ot 


the terms in Equation (2.140) are determined 


to be: 
2, 
er" ($4) ae 
t wy -_ 
wf, ‘e dz= 


_¢mET 
~ 3203 


Si Lol, ) #]@“ Ga) 
Gime 
“an ras 


Ge 2 af’ (Gt) a= an 


These expressions are substituted into Equa- 
tion (2.140) and simplified to give: 


ET+0.405WU?+ 


3 
0.120wt (2.141) 


P = 4.44 aa p?+0.227wh *+-1.234wh?p3 


When the weight of the wire is small compared 
to bob weight, Equation (2.141) can be sim- 
plified to the expression: 


EI+0.405Wt? 
Wi?+2.467W b p? 


p=34.4 (2.142) 


In the gravity-free environment of orbital 
flight, the term in Equation (2.141) derived 
from the gravitational potential of the bob is 
omitted and the frequency equation becomes: 


EI 
p=1.745 Van aa wi (2.143) 


where m=mass of the pendulum bob. 


Nutation Damper—Test Platform Vibration 
Analysis 


The equations of motion of the nutation 
damper-pendulum platform two-body system 
performing small single-plane vibrations are 
derived using the method of Timoshenko and 
Young. t 


1S. Timoshenko and D. H. Young, Advanced Dynam- 
ics, McGraw Hill, New York, 1948. 


Kinetic energy of the system is: 


T=3m,22+4 m(e,t+42)? — (2.144) 


Potential energy may be written: 


V= thizit fhoaz 


(2,145) 


If viscous damping is assumed for both 
masses, the dissipation function is given by the 
expression: 
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In Hquations (2.144) through (2.146), the fol- 


¢,=damping constant of platform 
lowing notation is used: 


¢2=damping constant of damper 


m,=mass of platform 

m,—mass of pendulum bob 

ki=m.pi=spring constant of platform 
where p,;=natural frequency of vi- 
bration of platform 

k.=mep?=spring constant of pendulum 
where p,—natural frequency of pen- 


Since x, and z, are not principal coordinates, the 
following change of variable is made: 


m=rz7+y 
Yo=B r+ By (2.147) 


Substituting Equations (2.147) into Equa- 


dulum tions (2.144) and (2.145), we obtain: 
T=3[m,+-m2(1+8;)7]2?+[mi+ m(1+61) (1+) Jey +3[m,4+ mo(1+h)?] 97 (2.148) 
V=$ (kit hoBi)z?+ (ei + hoB Bo) ty +3 (hat keoG)y? (2.149) 
The cross product terms in Equations (2.148) and (2.149) are eliminated if: 
cat 
key keBiB2=0 edo) 
If B, and £, are given by Equations (2.150), we have 

T=}3[m,+m.(1+8;)"]#?+ 3lm. tml +B2)?]y? 

V=dithebi) "+ 3 (kit kofs)y’ (2.151) 


F=3 (e+ ¢281) 27+ (€1+-€28B2) £9 +3 (C1 + e282) y” 
The Lagrangian equations of motion may be written from Equations (2.151) as follows: 


Ayk +6324 tenz+bpy=0 } 


OnE + boy +eay+ bot =0 (2.152) 


where relative to the sun and changes in the spin 
rate of the wheel section. The following is a 
discussion of the sources of these external 
torques and of their effects upon the spacecraft. 
In this discussion spin rate refers to the wheel 
spin rate with respect to the sun, roll rate 


refers to the rate of change of the spin axis 


Ay=m+ m2(1+-8;)?; 
bu=e1+ 263; 
Cyu=hy+k6i; 
bis=¢;+ 281 Bo 


@22= M+ M2(1+ 2)’; 
bo2=¢1-+ 626833 
Cook + hoB3; 


EFFECTS OF EXTERNAL TORQUES ON 
SPACECRAFT 


External torques acting on the spacecraft 
caused changes in the position of the spin axis 


orientation about the solar vector, and pitch 
rate refers to the rate of change of spin axis 
orientation about a normal to the solar vector 
and to the spin axis. Reference to Figure 2-16 
will clarify the axes of rotation. 
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Figure 2-16.—OSO I coordinate system. 
Aerodynamic Torques 


The OSO spacecraft, although in a relatively 
high orbit, was still subjected to aerodynamic 
forces. These forces are probably more pre- 
cisely referred to as molecular forces since the 
mean free path of the molecules is large com- 
pared to the dimensions of the spacecraft. 
These forces acted to roll the spacecraft about 
the solar vector and to precess the spacecraft 
spin axis out of the plane normal to the solar 
vector. 

The OSO upper structure was pointed at the 
sun throughout the orbit day and rotated with 
the wheel during the orbit night. The space- 
craft wheel rotated throughout the orbit and 
inspection of Figure 2-17 shows that the x and y 
components of aerodynamic drag average to 
zero over an orbit. The usual frictional shear 
forces associated with a viscous medium were 
not present, so there existed only a negligibly 
small nonsymmetrical energy loss due to 
molecular transport caused by molecules being 


48 


i 


SOLAR VECTOR 


ES 
= 


\ 
| © 
_ 


VS 
1S 


10-6 V 


ORBIT NIGHT 


ee 


—<— 
Figure 2-17.—Aerodynamic forces during an orbit. 


trapped at the surface and escaping a short 
time later. 

The y-component of the force acting upon 
the upper structure averaged to zero during 
both the orbit day and orbit night so that there 
existed no net roll producing torque. 

Although the z-components acting upon the 
upper structure averaged to zero over an orbit, 
these forces acted upon different configurations: 
a rotating upper structure during the orbit 
night, and an upper structure directed at the 
solar vector during the orbit day. 

This net force acting upon the lever arm from 
the spacecraft center of gravity to the center 
of pressure of the upper structure produced a 
torque about the solar vector which acted to 
precess the spin axis away from the desired 
pitch position, i.e., normal to the solar vector. 

The upper structure was approximately in 


the form of a semi-circular flat plate. A cen- 
troid of area, 2, is defined as 

_ fi eda’ 

2=tF (2.153) 


f dA’ 
r 


During orbit night, the semi-circular flatplate 
rotated about the radius perpendicular to the 
diameter. 
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Viewed from the direction of the spacecraft 
velocity vector, the semicircular plate looks 
like an ellipse with a varying minor axis. The 
equation of this ellipse is 


2>0 (2.154) 


ee ene ae 

7? cos? at ro } 
where § is the angle from the spacecraft velocity 
vector to the flatplate normal. The integrands 
of Equation (2.153) become 


dA’ =cos B-yr?—z*dz (2.155) 
and 
2d.A’ =cos B(2yr?— 2°dz) (2.156) 
The integrations over the area give 
A= [ dA’ a” cos B=A cos B 
ve 
and 
f ag Alan” r* cos B 
at 3 
and the centroid is 
=e r (2.157) 


and is independent of the angle, p. 
The average value of the area of the spinning 
upper structure in this application is 


A(t) 
=: A 


The torque upon the spacecraft during the 
orbit night is 


= eo 
Ty=Cp 8 V*AG+4d) f sin ode 


=—pV*A(+d) (¢ cos 0’) (2.158) 


where 


d=distance from the lower edge of the 
upper structure to the spacecraft 
center of gravity, in feet 
V=spacecraft velocity, in ft/sec 
A=upper structure area, in ft? 
Cp=coefficient of drag, which is assumed 
to have the value, Cp=2 


and 


Ro R 
6’ = are cos(prz) (2.159) 


where 


R=radius of the earth 
and 


h=height of spacecraft above the earth 
During the sunlight portion of the orbit, the 


upper structure area presented to the aero- 
dynamic force is 


As=A cos 0 (—0’ <6<-2/2) 
and 


Ag=—A cos 6 (x/2<0<4+0’) 


The drag in the z-direction is 
D,=D sin 6 
and the torque on the upper structure during 
the orbit day is 
wf 
Tp=pV*ACG+4) f ; 2 sin @ cos 6d@ 


=pV’*A(z+4d) sin? 6’ 


=pV*A(z+d) (1—sin? 6’) (2.160) 
The net torque about the solar vector during 
an orbit is 


T=Ty+Tp 


=pV?AG-+d) [-2 cose —ein? =”) | 
(2.161) 


In order to evaluate the net torque, an 
altitude of 300 nautical miles=346 statute 
miles=556 kilometers was assumed. The air 
density, from damping calculations on Sputnik 
I, was 


h-234 


pr= (4X 10-7 =”) gm/ce (2.162) 
where 


p=density at altitude A 
h=altitude (kilometers) 
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The density at h=556 kilometers is 
Pse= (4X 107") 6-8 8 


slug 
ft? 


= 6.41078 em = 1.2410" 
Now 
psuwV2A=(1.24) (6.125) (5.275 X107") lb, 
=4,01X10~° Ib, 


and for 
6! 23° 
z+d=1 ft 
the torque is 
T==(4X 107°) (—0.325) =—1.3X10~ lb-ft 


and the pitch precession is 


amp (2.163) 
Mees (300024 55) (57 3deg) 
Be eas i 
(26 Ib,-ft-sec’) (2 eae 
0.94 9% 
==004 aay 


The pointed experiments presented an area 
_ approximately \ that of the upper structure at 
about the same centroidal distance from the 
spacecraft center of gravity and thus contrib- 


uted an additional 0.01 degree 


day 
making the total expected about 0.05 


pitch precession 
degree 


day 
Gravity Gradient Torques 


Since the gravitational attraction varies in- 
versely as the square of the distance from the 
center of the earth, the gravitational force act- 
ing on those parts of the spacecraft farther away 
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from the earth was less than the force on those 
parts nearer the earth. This difference pro- 
duced a torque. The magnitude of this torque 
largely determined the amount of control gas 
required for correction of externally caused 
motions. 

Figure 2-18 shows the coordinate system used 
in this analysis. Axes z, y, and 2 form a geo- 
centric ecliptic system with the sun always along 
the z-axis. Unit vectors in this system are i, 
j,k. The wu, v, w sysrem is a geocentric equa- 
torial system with the u-axis along the equa- 
torial-orbital line of nodes. The 2’, y’, 2’ sys- 
tem is a rotating geocentric system with the 
spacecraft always on the z’-axis. The unit 
vectors are i’, j’, k’. 


ORBITAL 
PLANE 


EQUATORIAL 
PLANE 


ECLIPTIC 
PLANE 


Figure 2-18.—Coordinate system. 


The OSO I spin axis is stabilized in a position 
nearly perpendicular to the solar vector. The 
spin axis is not controlled in the plane perpen- 
dicular to the solar vector. The 2’, y’’, 2’’ 
system is a spacecraft orientation system with 
the positive 2’’-axis along the positive direction 
of the spin axis. The unit vectors in this 
system are i’’, j’’, k’’. 


rs 


The matrix transformations are 
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U A,Q,-—A,e 2, A,.2,+A,€,2, re\ /2 x 
(*)-(-nec —d,2.4+.6.2, x (va. (" (2.164) 
Ww e,Q; —e,Q, €¢ Z Z 
where 
\-=COS, €,=Sin e, etc. 
(") ( Ne eM ‘a (: u 
y j=|—1 1eNe 4M "hy (:) (2.165) 
2! 0 —i, te w Ww 
and 
Fi 1 0 0 ‘x ‘zr 
OE 230-0 oom 
gt 0 —a, a zZ 2 


The unit vector, i’, in the direction of the 


spacecraft is given by 


i’ =>5 (Bis) (Ajn) 


= { ne(AcWe—AsEcNs) + ml t€s2, 
—T(AsQe+rcecQs) ] } i 
+ { ne(AcQs+ Ase) +n, 
—4(rs Q;—A€M2)] hj 
fF [nc(Ases) +1.(t,e-+ Urls) lk 
=(A; cos n-+Az sin »)i 
+(B, cos n+ Bz sin 9)j 
+(C, cos 7+ C; sin 9)k 


44,2. 


(2.167) 


where 
A,=cos \ cos Q—sin ) cos ¢€ sin Q 
A,=sin isin esin Q—cos 7 (sin d cos 
+cos d cos ¢ sin 2) 

B,=cos } sin Q+sin \ cos € cos Q (2.168) 
B,=—sin 7 sin e cos Q—cos 4 

(sin \ sin Q—cos ) cos e cos 2) 
C,=sin ) sin e 


C.=sin 7 cos e-+cos 7 Cos d sin € 


Now the torque on the spacecraft due to the 
gravitational field is 


L=— (r xe aR) pdv (2.169) 


31 


where 


L=vector torque on spacecraft 
r’=vector from spacecraft c.m. to dv 
p=vector from earth’s center to dv 
p=density of volume element, dv 
R,=radius of earth 
g=acceleration of gravity at earth’s 
surface 


Let 

R=R,-+r’ (2.170) 
Where R, is a vector from the center of earth 
to the center of mass of the spacecraft. 


The wheel of the spacecraft is continuously 
rotating, giving the spacecraft gyroscopic sta- 
bility. The sail with its solar cells and experi- 
ments is directed at the sun during the orbit 
day and, because of bearing friction, rotates 
with the wheel during the orbit night. The 
spin axis is maintained nearly perpendicular to 
the solar vector by means of a pitch gas system. 


Let 


r’=¢c,—T; (2.171) 


where 


c; is a vector from the spacecraft center of 
mass to the center of mass of the part and 

r, is a vector from the center of mass of the 
part to dv and is expressed in a principal 
axis system fixed to the part. 
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Then 
L=~9gR f R-(e,-+t,) X(Re+e,+4,) edo 


— grief Rl(e,+r,) XR-+ (e.+8,) 
X(e,+r,) ]pdv 


RY=(R-R)-3?=[(R.+e,4+14,) - (Re+e,+8,) 7? 
=[R.-R.+2R,- (e,+1,) +(e,+1r,)?]-3” 


Eas - R, R, 2k. e,;+r; Ds etry 
=Re| Re Be ( R, = (8 


_3) R. R., 2R. e+r,/]-3” 
~ R-3| Be. Be e Sethe 
~R; ke Re oe | (2.173) 
=—9Ri[ R-{(e-+1) xRelodo (2.172) 
2 for a spacecraft of small size. Now 
since 
(ey +84) X (+11) =0 R. iy 
R. 
The quantity R-* in the integrand may be and 
approximated as follows: i.’ —1 
Therefore, the quantity R-? may be expressed 
Rote R8[ 14 Getta Rz3 [pg] (2.174) 
R, R. 
and 
2 , 
Late [exerted] [1-2 -E49 T pao 
Re ey ap 
— TEL Rex(er fpdo+ f rite) 3 [x (ecteoll?-(ectedlad } (2.75) 
Now The spacecraft rotates about its spin axis 


f r,pdv=0 


by definition of the center of mass of the part, 


and 
f pdv=m, 


where m, is the mass of the i” part. 
more, we have 


Further- 


pm (R.Xe,) [do=R.x (myc; + mace) =0 


by definition of the center of mass of the parts. 
The torque on the spacecraft may be written 


La—3u'f ti X(etr)lW-(ertr)lodo (2.176) 


since gif{/R is the square of the angular velocity 
for a circular orbit. 
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and the equation of transformation between 
toe 2,/"’, y,/’’, 2,/’’ axes fixed in the spacecraft 
parts and the z’’, y’’, 2’’ system is 


‘n’! Bi Bi 0 lt! 
y”’ j=|—-B8: O}Ly’ |] (2.177) 
git 0 1 ltl 


Be 
0 
where 
6* can have the value 
6'=sail position angle 
or 


8” =wheel position angle 
The positional vectors r, and ¢, are 
r= (2'//pi—y’ "Bi" 
+ (al pity! BYP +2! k" 


and 
c,=c,k’ 
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Adding these last two equations yields 
Cte (2! By! BI a By!’ Bi +2"! +e)’ (2.178) 
The spacecraft positional vector i’, may be expressed in the i’’, j’’, k’’ system as 


v=W0-DI+@- Dj+W- wk 


=ai-+bj-+ck 
=ai’’ + (ba,+ca,)j’’ + (—ba,+ca,)k’’ 
=ai'’+Jj''+Kk” (2.179) 
where 
b=(i’-j) 
c=(i’-k) 
a=(i’-i) 
J=ba,+-ca, 
K=— st Cae 


The dot product of i’ and (e,-+r,) is 
i+ (e,-+4,)= (8+ SB) a"! + (—aBi+ TBey’ + K(2/"" +4) 
and the cross-product of i’ and (¢,-++r,) is 
UX (etn) =i"| Kee!" — Key! + Se” +) +5 1K Bie” 
—KBty'"’ —al2!"" +0)) +k!’ [ (a6, —JBe)2’"’ + (aBe+TBYy!"") 
The product of the latter two equations is 
i X Certry li’: (e+e) | =i KI (—a8i8{—JBr 2"? + (aBi8:— SBE y+ IZ!" +0)*+ . .-] 
+5K (ap! + Jat602"""*+ (ap! —JBIB)y"""—ae"”" +0,)*+ .. 
+k’ [(a8-+ JB.) (a8, — IB.) (2?) + . . .] 
=i" K (aptpl(y’ 2!) +12" +e)? (Bhe +88 yD 1+ . ..) 
+5 K{ TOG 2"? —y'""*)—al 2!" +0)? Bla! +BY I+...) 
+k?’ | (a82+ JB) (afi — FB) (a? —y"") + . «J 


where crossproduct terms have not been written. 
Because of the choice of axes, L simplifies upon integration to 


L=—3o(i’’ { K}{ aBies Ii—1j) +. S6s Ti —1) +8 Ty Th) tem +9 ( K}{ B61) 
—ale?(Ii— 1) +88 Ti—1) +4 md} +k" (a8 + JB: (a8:) (a8;—J 8) I}—I2))) 
=—3u"(i"" { (aca,—abe,) Bi6(I!— 15) + (P—B)aya-t be(2a) JB: (1-1) +82 1,1) +m J} 
+5" {[(P—B)eycr.+ be (2) 18/841 }— I!) + (aea,—aba,)[B5 (IE— 13) +85 14-1) +em,)} 
+k!’ { [a?— (ba, + car,)?]8385— (aba,+-ace,) (28°). }(Iy—I2)) 
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where the superscripts on the moments of 
inertia indicate that the moments of inertia can 
be those of the sail or of the wheel. Now let 


Ly=torque due to the wheel (orbit day 
and orbit night) 


Lsp=torque due to the sail (orbit day 
only) 

Lsy=torque due to the sail (orbit night 
only) 


Due to the symmetry of the wheel about the spin axis, /?=J¥ and the equation for L reduces to 


L, =30"{(1,—Ir) —€2, Mw]: {i (c? —b*) agar, + be (2a) -+j’’ (aba, ~acc,) } 


where 


Z,=moment of inertia of the wheel about 
the spin axis 

Ip=I? =I) =transverse moment of inertia 
of the wheel. 


During the orbit day, when the sail is directed 
at the sun and 6*=0. The torque due to the 
sail (orbit day) is 
Lsp=3e"{ i’’[(c?—b?)asa,+ be(2a) J 

[i—I,—em,] +5’ (aba, —aca) 
(Ii—Ii—e3m,) +k’ ° (aba, 


+aca,)(Ij—I%)} (2.181) 


(2.180) 


where 

J*=sail moment of inertia about the spin 
axis 

J!=sail moment of inertia about the solar 
vector directed through the sail 
center of mass 

1i=sail moment of inertia about the per- 
pendicular to the solar vector and 
the spin axis and through the sail 
center of mass 

m,==mass of the sail 

c,=distance between center of masses of 
spacecraft and sail. 


During the orbit night, servo control power 
was removed and the sail rotated with the 
wheel because of bearing, slip ring, and motor 
brush friction. The torque on the sail during 
orbit night is 


w= (30 i” (aca, —ab,)B%84(I—I) + (2 —B*)aere+ be (2a) JIB (13-12) +82 T5— 1) 


+ cm) } +5’ {[ (2B?) ase + be(2a) JB%62(1}— I) + (aco,—aba,)[62 (I-12) 


+62 (Us T2)+etm,]} +4" (La? (Bac can) "8484 (aber + accu) (26").} (T}—F) ) 


Averaged over one sail rotation, the torque is 


Lew=30"{ [IS—4(L3+ i) — 2m, ji (?— 8”) aac t be(2a,)]+jlaba,—acerd } 


In order to obtain the angular rates imparted 
to the spacecraft by the gravity gradient 
torques: 


e’—b<c?+8?<1 


(2.182) 


The torque about the i’’-axis results in a 
pitch of the spacecraft spin axis toward or away 
from the solar vector. As a function of the 
spacecraft roll position 
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(2D? )ayaet be(2a).=(1)(0)+5 for a=0° 


=(1) (5)+0=5 for a=45° 


=(1)(0)-+5(1) = for a=90° 


The torque about the j’’-axis results in a roll about the solar vector and 


abo—aca,< |abo,| +laca=(5) (0)+5 (1)=5 for a=0° 


1(/V2\ 1 (v2\ v2 ° 
=5 (2) (Z)-" for a=45 


i 
“3 


The torque about the spin axis was applied 
to the sail only during the sunlight portion of 
the orbit, which averaged about % of the total 
orbital period. The servo controlling move- 
ment about the spacecraft spin axis resisted the 


(1) +5 (0) = for a=90° 


torque due to gravity gradient by driving 
against the wheel. The action resulted in a 
spin-up or spin-down of the wheel (change in 
angular rate). Now 


aba,+aea,< laba,|-+|aca,|=3 (1) +5 (0)=5 for a=0° 


Therefore 
(2—b')a,+be(2a).=5 
1 
(aba, —aca.)=5 V2 
1 
(aba,-+ace,) =5 V2 
will be used. 


For the OSO I spacecraft, the following 
parameter values were determined: 


I!=1.59 slug-ft? 
1: =2.46 slug-ft? 


=} (Y)+5 (2)-¢ for o=45° 


1,1 1 5 


I!=2.70 slug-ft? 
T,=23.32 slug-ft? 
Ip=16.42 slug-ft? 
m,=4.12 slugs 
M,»=9.65 slugs 
c,=-+0.523 ft 
Cy== — 0.222 ft 


and 


I,—Ip—e2.m,.=6.42 slug-ft? 

I:— I:—e'm,=—0.884 slug-ft? 
I:—I!—em,=—0.014 slug-ft? 
I;—I:=0.87 slug-ft? 
E—3(2+ 1) —2m,=—0.449 slug-ft? 
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The torque on the wheel is 


Lo= 2 5 (aaste5) 


(6.42) (i? + y2j’’)=1.14X 1075 (i”’ +-¥2j) lb-ft 


(2.183) 


The torque on the sail during the sunlight portion of the orbit is 


2 
Lav=< (=) (884i’’ +0.014j’’ +0.87k’’) =107°(1.054i"’ +0.0236j’’ +1.47k’’) lb-ft (2.184) 


The torque on the sail during the night portion 


of the orbit is 
} (2.185) 


L=107-5(1.265i’’+1.64j’’+01147k’’) (2.186) 


1 /3w? : ‘ 
Lsv=3 (FF) (0.449) i’ +V2j’’) 
=0.0267 X 10-5(i’’ + ¥2§) 


and the total torque is 


The k component of the torque changed the 
spin rate of the wheel by 5.91107 (Be) / day 


or a 5 percent change in nominal wheel 
rate in 26 days. Thus the spin rate time 
constant was 312 days. 

From the formula 


T 
=, (2.187) 


which gives the gyroscopic precession as a 
function of the applied torque, the wheel 
moment of inertia, and the wheel angular 
rate, the pitch and roll rates were determined 
to be 0.85 deg/day and 1.1 deg/day, respectively. 


Radiation Pressure Torques 


Suppose a stream of radiation in a vacuum 


falls normally on the surface of abody. Accord- 
ing to Einstein, we know that 
m= (2.188) 


where 


m=mass/volume 

H=mean energy/volume 
and 

c=velocity of light 
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Then the momentum per volume, 7, is given by 


=em=— 
P c 


If the radiation impinges upon and is absorbed 
by the surface, the change in momentum per 
unit area in one second is 


cp=E 


or since a change in momentum per unit area 
is a force per unit area, the radiation pressure 
for absorption, P,, is 


Pw=E 


If the incident beam is reflected from the sur- 
face, the change in momentum per unit area 


in one second is 
2Qcep=2E 


and the radiation pressure for reflection, P,, is 
P,=2E 


Suppose a part, call it a, of the incident radia- 
tion is absorbed and another part, p, is reflected. 
Now, for an opaque body 


atp=1 
Then the pressure due to the absorbed radia- 
tion, Pa, is 

Pe=ok 
and the pressure due to the reflected radiation, 


De is 
=2pk=2(1—a)E 


and the pressure per unit area becomes 


P=p.tp,=(2—a)E (2.189) 
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“For a radiation of mean energy per volume 
impinging upon the surface with a velocity, », 
the energy per unit area in one second, i.e., the 
solar constant, S, is 


S=cE 


and S=0.14 watt/em?. By using the above 
expression for Z, the radiation pressure per unit 
area for normal incidence may be written 


P=(2—a) s (2.190) 


Suppose that the radiation is incident at an 
angle 6 to the surface normal. The energy 
received per unit area of surface, E(8), is 


E(6)=E cos 6. 


For absorption of the incident radiation, the 
momentum change (or force, F,) is in the direc- 
tion of the incident radiation and 


F,(6)=E cos of 


A 
where E is a unit vector in the direction of the 


A 
incident energy. The vector E may be re- 
solved in the direction of the inward surface 
normal and along the surface, and the force 
per unit area is 


F (6)=E cos 6(x cos 6+ sin 6) (2.191) 


N 


The pressure is the normal component of the 
force per unit area and 


P.(6) =§ cos? @ (2.192) 


If an incident beam in which the energy 
density, H, is specularly reflected from a sur- 
face at the angle of incidence, 9, the force, 


F,@)=E cos o(k-+ B*) where E+ is the image of 
A 


. AA 
E in the x—z plane, and 


F,(@) -§ cos 6(2X cos 6+07) 


=25 cost 6x 


IN> 
<> 


The radiation pressure is 


P,(@)=2 8 cos? @ (2.193) 
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In the case of the beam, in which the energy 
density, E, is incident at an angle @ to the sur- 
face normal and is diffusely reflected from the 
surface, it can be seen that y and z components 
of the reflected energy cancel and that the force 
in the diffuse case, Fp (6), is 


F,() =" cos 6 [= (“2 -+00s a)+y sin a| 


c 
(2.194) 
where 
a is the ratio of the force along the normal 


to the total diffuse force. 


Since the surface is diffuse, a surface dS; 
emits radiation in all directions in amounts 
proportional to its projected area, i.e., B,dS, 
cos 6, where B,is the brightness. The flux emit- 
ted from the element dS,, to a second surface 
element dS; at a distance r is dS, cos 6,/r?._ Thus, 
the total flux emitted by dS, that passes through 
a hemisphere above it is 


aes f BydS; cos 6; (gee) (2.195) 


If a zone on the hemisphere is taken as dS, 
then 
dS.==2ar sin 6,d0, 

and 

x /2 

y=2nBdS, { cos 6, sin 6,d6, 

0 

a /2 


= Bid, sin’ 6, 


0 
=7B,d8, 


The component of the total flux in the direction 
of the normal is 


yt = [ Bas, cos? 6; (Sees) 


7) 
=2nBidS, { cos? 6, sin 6,d6, 
0 


2 al2 
=——~3 wB,dS, cos? af 


0 


={ nBudS, 


and the ratio 
rd 
y 


Wb 


Therefore, the force in the diffuse case is 
S 2 ‘ 
F,(6) =", cos 6 [x (J-+e0s a)+y sin @| (2.196) 


The pressure term due to radiation by the 
spacecraft involves the factor of the difference 
in emissivities of the parts of the body facing 
towards and away from thesun. The difference 
for the wheel is zero and a small number for 
the sail, and it is therefore neglected. 


The pressure on the sail is 


P,=(2—0.8) (4.67 X 10°) (2.08 X 107%) 
=1.17X1077 lb/ft? 
The frontal area of the sail is approximately 

5.3 square feet and the force is 
F,=1.17X5.3X 1077 lb 
=6.2 1077 lb 

The distance from the spacecraft center of 
gravity to the c.p. of the radiation pressure is 
one foot. Therefore, the torque about the 


pitch axis is 
T,=6.2X1077 ft/lb 


and the roll rate is 0.04 deg/day. 

For the wheel, the solar absorptivity, oo, 
is approximately 0.3 and the force on each 
infinitesimal area is 


Fi, e=ao F.(6) =0.3 (2) cos of Ib/ft? 


The total force, F,,.., on the wheel due to solar 
absorptivity becomes 


Fy, «=0.3 (2) AvE 


where Ay, is the cross-sectional area of the wheel. 
The cross-sectional area of the wheel is approxi- 
mately 4.2 square feet, and F’,,, becomes 


Fy, a (0.3) (9.7X 107) (4.2) 
=1.22X1077 lb 


58 


SPACECRAFT DYNAMICS 


For the wheel and the case of specular reflection 


Fo=(0.7) (2 =) G Aa) 


_0.7X2X2 (2) as 
3 c 


_0.7X2X2,,8 


="3x03 03 ¢4e 
~3F oe 
—3.66X10-7 Ib 


For the wheel and the case of diffuse reflection 
the force is approximately 2.7F,,.,. Using the 
larger figure, the total radiation force against 
the wheel is 4.88107’ Ib, and the roll rate 
due to the wheel radiation pressure is 0.005 
deg/day since the distance between the pressure 
center and the spacecraft c.g. is 2 inches. 


Magnetic Torques 
Eddy Currents in Outer Shell of Wheel 


For a thin circular cylinder of area resistivity 
s and radius @ spinning on its axis with angular 
velocity w in a uniform magnetic field B normal 
to its axis, the retarding torque per unit length 
is:} 


4xwsa B? 


or 
3 1 2 
Two rs B 
LSS 
Hye" 2 
1+73 w 
or since s=1/ed 
3 
p=— sored (2.198) 
1+] pa?e7d*a* 


Letting p=xa°lcdB? and 0-5 u,acd, then the 
total torque is 


T= (2.199) 


= Pe. 
1+q*u* 
fW.R. Smythe, Static and Dynamic Electricity, 2d 


Edition, London: McGraw-Hill, 1950, Chapter XI, Pg. 
A417. 


782-552 O—66——-5 


For the OSO I spacecraft made with an alu- 
minum shell: a=22 in.=0.559 m; o=3.8X10 
mho/m; p,=1.2510-* henry/m 


dmax== 0.090 in. =2.28 X1073 m 
q= (1.25 X107*) (0.559) (3.8 10") 
(2.28 X107*)=0.030 sec 
oy=0.5 ep=3.14/sec guy=0.094 


As a first approximation, since q’w* is negli- 
gible compared to 1, drop the second term in the 
denominator in equation to get: 


T=—po (2.200) 
Also since 
T=1, 
otf o=0 


and solving for the initial condition w(0)=w» 
yields 
w=we*! (2.201) 


where r= J,/p is the time constant for the decay 
rate of the spin. 

Since p= za"! odB? is a function of the normal 
component of the magnetic field with respect to 
the spin axis, the average value of the normal 
component 
determined. 


during one orbit must be 
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For the coordinate system shown in the figure above, the transformation equations ure: 


aed cos B sin B 0) fcos a 0 —sin a) fz 
y’’ |=] —sin B cos B 0 0 1 0 y (2.202) 
z! 0 0 1) \sin a 0 COS a z 
ad cos 8 cos a sin B —sin a cos Bp) fz 
y’’ |=| —sin Bcosa cos 8B sin asin B |] y (2.203) 
git sin a 0 COS a 2 
z'’=cos 8 cos ax+sin By—sin a cos Bz and 
y’’ =—sin 8 cos ar-+cos By+sin a sin B2 peer eee 
EP nn is 
2’’=sIn ax+cos az (2.204) ye (2.207) 
In terms of polar coordinates, we have 
z=—sin az’ -+cos ae’ 
z’=r cos ¢’ 
y’ =r sin Substitute Equations (2.205) into (2.207) to 
obtain 
2’=0 (2.2U5) 
; : =P COS a COS 
and the relation between the primed and un- a ° 7 
primed axes may be written y=r sin ¢’ (2.208) 
x! COS a 0 —sin a) fz z=—-r sina cos ¢’ 
y' |=) 0 1 0 y| (2.206) 
The potential of the magnetic field, V=+V, 
2! sin a 0 COS a 2 cos 6 /r?=+ Vo2z/r> or 


or taking the inverse of Equation (2.206) yields V=tVoa(2?+y? +22) 3? (2.209) 


r COS a 0 sin a) (2’ 
a 0 1 0 ; Since the magnetic field is very nearly a dipole 
a Ws y field, it can be obtained by taking the negative 
Z —sin a 0 cos a) V2’ gradient of the potential. 
B= Sa _V 2 [ -Setty te ve 22 |=3 (=) xz 
oV 3 
Boy —Voz caren pal 2y [+3 (=) yz 
Q v2 
B,= —oV__y, {r+ z [-3e+y+ ae 22|\ =Vo 52 
=—V, (ete) (Ye) (22?—g?—y?) (2.210) 


The average value of B? normal to the spin of the satellite is: 
2x 
Baa f dg’ (SB) - (SXB) (2.211) 
0 
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where S is a unit vector in the direction of spin. Also since 


(SX B) - (SXB)=(S-B) (B-B)—(S-B)(S-B) and because S-S=1; S-B=B;’, Equation (2.211) 
becomes: 


1 a a ar 
Bre=5- f, de’ (B- B—BY?) (2.212) 
B- B=B?+ B?+ B? and from Equations (2.204) we have 
By,’?=(—sin 6 cos aB,-+-cos 88,+sin a sin BB,)? 
Evaluating the integrand of Equation (2.212) yields 
B- B—B,?=(1—sin’ 6 cos’ a) B?2+ (1—cos? 8) B2-+ (1—sin’ @ sin? B) B? 
+2 sin 6 cos 8 cos aB,B,+2 sin a cos «@ sin? 6B,B,—2 sin a sin 8 cos 8BB,B, (2.213) 
Substituting Equations (2.208) into (2.210) yields 
Be=(4 3ze—(¥?) (—3r’ sin @ cos a cos? ¢’)=—3 (=) SiD a COS a cos? ¢’ 
B~() 3yz= *) (—37? sin a sin ¢’ cos ¢’)=—3 (3 *) sin a sin ¢’ cos ¢’ 
(2.214) 
= Vo 2 = Vo in2 2 pf 2 248 sn? at 
BY= = (222—2?—y’) = a (2r? sin® a cos’ ¢’ —r’ cos? a cos? ¢’ —r’ sin? ¢’) 
-(4 (3 sin? a cos’ ¢’ —1) 
Substitute Equations (2.214) into (2.213) to obtain the result 
2 
B.- B—B,?—| (¥*) 1+3 sin’ @ cos? ¢’ —9 sin? a sin? ¢’ cos’ ¢’+ sin? 6 sin? a(6 cos? ¢’ 
—1+9 sin? ¢’ cos? ¢’ —9 cos‘ ¢’)+6 sin B cos B sin’ a(3 sin ¢’ cos ¢’ sin ¢’ cos | 


(2.215) 
Equation (2.215) is now used to evaluate Equation (2.212). 


HG {o+[oamre(Sa28t*)] [onura (@-#262)} 


9¢ 9 sing 27¢ 9sin’d Ysint¢ 
32 8 4 32 


_3cost¢ sin’ |" 
4 


+sin? 8 sin? a (364 2 ain’ ¢ a anes 


+6 sin 8 cos 6 sin? a) 


2x 
=5 (3) [o+3 ¢ sin? a~(j ¢ sin? B sin? a) | 
Bu- (2) [3 +3 sin? ( —; sin? «) (1-3 sin? B )| 


or 


= Biga, 8) g236) 
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where B,=V,/R is the value of the geomagnetic 
field at the magnetic equator a distance R from 
the origin. 
B? can be written: 
Bi=(Vo/Re)(R./R)® 
= B3(1+2)* 


or 


Bi=Bi/h(z) (2.217) 


where 


R,=40,000/2rkm is the radius of the earth, 
A=R—R, is the height of the orbit above 
sea level, 
t= A/R., and Bo, the magnitude of the 
geomagnetic field at sea level at the 
magnetic equator, is 3.11075 
webers/m?. 


To determine the time constant for the decay 
rate of spin, we make the following calculations: 


p=re'cdl Bi 
a=0. 559 m/o=3.8X10’ mho/m; d=2.38 
X1073 m; (=0.254 m 
i=Bog(a, B)/h(z) 
By=3.1X1075 webers/m? 
For average values used in Rosenstock§ of 
sin? a=0.35; sin? B=0.5 
3 2 1 
g(a, 6)=1+3 (0.38) (1-2-5) 
1+ (0.375) (0.667) — 1.0875 


The average height of orbit=300 nautical 
miles=555.5 km; therefore, we have 


x= (54x 10-5) (555.5) =0.08726 
A(z) =(1.C8726)®= 1.65195 


»__ 1.0875 


BIT 65105 


(3.1 1075)?=0.65831 (9.61 X 107") 
=6.326X 107 

p=1(0.559)?(0.254) (3.8 107) (2.28 107°) 
(6.326 X 10-") =7.640X 10-® kgm?/sec 


Iyp=20.73 slug ft?=667.506 Ib .ft?=62.01 1b m? 
=28.13 kgm? 
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and 7 


r= 2=3.68X10" sec 43 days 


Eddy Currents in the Rib Plates 


To determine the effect on the spin rate of 
the torque exerted on the flat plates that divide 
the rotating body into nine separate compart- 
ments, the derivation given in Winch " for the 
average power loss due to eddy currents is 
used to obtain the expression 


(2.218) 


and total torque is given by the relation 


= VR beats 
T=—p/w= 64) B2=—kw (2.219) 
where 
_ Uh) ., 
k= 4 Om 


For (9) 16-inch panels, we calculate the values 


t=16 in.=0.4064 m; l?=0.165 m? 
h=10 in. =0.254 m; h?=0.0645 m? 
b=0.060 in.— 1.524107 m 
p=2.63 X 107° ohm/m 

B, =6.326 X107'° webers?/m* 


9(.165) (.0645) (1.524 107%) (6.326 X 107") 
= 64(2.63 10-8) 


= 5.486 X 107° 


K 


and the time constant for spin rate decay due 
to this factor is 


r= EX 10=5.12X 108 sec=5,926 days 


Eddy Currents in Inner Cylinder 


The time constant due to torque on the inner 
cylindrical shell of the spacecraft is evaluated 
as follows: 


§H. B. Rosenstock, Memorandum on “The Effects of 
the Earth’s Magnetic Field on the Spin of a Satellite, 
Optics Div., Naval Research Laboratory, Washington 
25, D.C. 

'R, P. Winch, Electricity and Magnetism, New 
York, Prentice Hall, 1955, pp. 550-52. 


SPACECRAFT DYNAMICS 


- a=6 in.=0.1524 m; = 


3.54X 107% m’; 6B=10 in.—0.254 m; d=0.1 in.=2.54X10-3 m 


p= raed BY, = x(3.54 X 107%) (3.8 X 10") (2.54 X 10-8) (0.254) (7.252 X 10-") 


= (1.97725 X10-") kg m?/sec 


and 


728138, gs 


8 
1.977 1.423 x 108 sec=1647 days 


Summary of Eddy Current Damping Torques 
Adding the torques acting on nine flat panels 

and the inner cylinder, we have 
p=(1.97725-+0.5486) X 1077 =2.5259 x 1077 


2.813 


8. 
=3,506% 10= 


=1.114X 10° sec=1,289 days 
Adding the effect of both cylindrical shells and 
the fiat panels yields 
p=(7.640-+0.1977+-0.0548) X 10°-°=7.893 X 107° 


28.13 
7.89 


T= 


X10°=3.57 X 10° see=41 days 


The cylinder of the wheel was the only source 
of damping torque not of negligible magnitude 
when considering a six-month orbital life. The 
only effective way to reduce this damping torque 
was to insulate the compartment cover plates 
and the rim panels to break up eddy current 
paths. It was not practical to insulate the rim 
panels since they were structural members. 
The cover plates were not difficult to insulate 
from the rest of the structure, so this was done. 

A slow-down time constant of between 41 
and 187 days was anticipated considering all 
torque effects present. This required a spin-up 
gas expenditure about every four days in the 
extreme case. (See the discussion of Chapter 
4 on the gas system.) Spin-up cycling at four- 
day intervals would have used up the spin gas 
in a little over a year; well in excess of the six- 
month life supply requirement. 


Magnetic Damping Due to Hysteresis Losses 


Ferromagnetic materials were used in the 
OSO I spacecraft. Hysteresis losses will occur 


whenever a ferromagnetic material rotates 
in the earth’s magnetic field. The spacecraft 
wheel was continuously rotating and, therefore, 
the hysteresis losses were constantly present. 
The ferromagnetic materials in the upper 
section contributed their losses only during the 
dark portion of the orbit when the upper 
structure rotated with the wheel. 

From Figure 11-26, page 509 of Bozorth,** 
the hysteresis loss per cycle is given for various 
ferromagnetic materials. Taking the value for 
45 Permalloy and for a maximum induction of 
B=0.23 gauss, the power loss per cycle due to 
hysteresis is approximately 1 erg/cm’. 

The average power loss in the wheel, p,, is 


Pwo=(1 erg/em?/cycle)(V,, cm?) (0.5 cycle/sec) 
=V.,/* ergs/sec 
=Vex 107’ watts 


where 


V.=volume of ferromagnetic materials 
in the wheel, in cm? 


Since the spacecraft was in the dark portion 
of the orbit a maximum of 35 percent of the 
orbital time, the maximum effective value for 
the average power loss in the upper structure, 
p,,, due to hysteresis was 


Pu= (0.35) %"x 107? watts 
where 


V,=volume of ferromagnetic materials in 
the upper structure, in cm? 


This average power loss value is now com- 
pared with the power losses due to eddy cur- 


**R, M. Bozorth, Ferromagnetism, Princeton, N.J.; 
D. Van Nostrand Co., Inc., 1951. 
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rents in the rotating wheel of the spacecraft. 
In Equation (2.200), the torque exerted on the 
spacecraft due to eddy currents in the cylin- 
drical shell is given as 


T=—kw 
where 
k=ra'l od B’, 


The instantaneous power loss is related to the 
torque as follows: 


p= =-£ € Id )=—(Id)w=—Te 
or 
Tak 
@ 
Therefore 
ko=? 
wW 
or 
phe? 


For the cylindrical shell, k=8.77X<107* kg m?/ 
sec and 


p=4 (x)?(8.77X 10-*) =8.66 X 10-5 watt 


This is the average power loss because in com- 
puting k, an average value of B? was used. 
Thus, if the time constant for the decay of 
spin rate due to eddy currents in the cylindrical 
shell is 
7Tp=3.68 X 10° sec—43 days 


the time constant due to hysteresis losses is 


__1732X43_ 4 
VF V.t0.38V. 


2 


For the OSO I, V,, and V,, are estimated to be 
100 cm’ and 25 cm!, respectively, and therefore 
we determine that 


1732 

7H 109 (43) =688 days 
Therefore, the effect of hysteresis losses in 
ferromagnetic materials would not be significant 
when compared to the eddy current losses were 
the eddy current paths not broken up. The 


688-day time constant is, however, significant 
compared to the actual eddy current losses 
remaining due to the rib plates and inner cylinder 
conducting paths. 


Magnetic Coupling Torques 


Torques Due to Permanent Magnets in Pointed 
Instruments. 


The open-end photomultiplier in the Goddard 
pointed experiment used 8 Alnico permanent 
magnets for magnetic focusing. These mag- 
nets were arranged parallel to each other and 
were mounted with their poles aligned with the 
pitch axis of the spacecraft. The torques pro- 
duced by the interaction of their magnetic 
moment with the earth’s field had either spin 
or roll components. The combined pole strength 
of these 8 magnets was not known, but they were 
obviously quite strong. It was doubtful that 
the spin rate increase or the extra gas require- 
ment for stabilization in pitch that would result 
from their effect could be tolerated. 

Fortunately, a solution to the problem was to 
mount another photomultiplier (or the part 
housing the magnets) on the upper structure 
with the pole directions of the magnets reversed. 
This canceled the effects of the first unit both 
in pitch and spin at all times. There were no 
location restrictions on the second unit since 
the moment arm of the couple was the length 
of the magnets and was independent of location 
on the upper structure. Thus, as shown in 
Figure 2-19, we have that 


0 a Ae 
T.=—T, 
T,=T,,=0 


regardless of the direction of H. 

Spin decay due to hysteresis and eddy current 
damping in these magnets at night when the 
instrument is spinning should be negligible. 

Since a second unit of magnets probably 
would not exactly match the magnetic moment 
of those in the photomultiplier, calculations 
were made to determine how much residual 
torque could be tolerated. 
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Figure 2-19.—Torques resulting from interaction be- 
tween bar magnets and the axial components of the 
earth’s magnetic field. 


First, however, it is worth while to point out 
that the spin component of this residual 
torque will average out to near zero around one 
spacecraft orbit. For an orbit inclined 33° to 
the earth’s equator. H will oscillate 33° back 
and forth through the y-z plane (Figure 2-19) 
regardless of the direction of the component 
of H lying in that plane. If the geographical 
and geomagnetic poles were coincident this 
oscillation would be exactly +33°, but since 
they vary by several degrees some accumulative 
torque is realized. The net accumulation is 
small, however, in comparison to that in roll, 
and from the restriction below, can be neglected. 

In determining the maximum allowable 
residual torques of the magnets in roll, an 
arbitrary statement that no more than 20 
percent of the total gas available for torquing 
in roll can be used to buck out this torque. 

The following data is required: 

Specific impulse of N;, I,,=65 Hh, S00 
Total weight of available N:, W—4.4 lb 
Thrust of each jet, F,=0.05 lb, 

Torque of each jet, 7,=0.05 Ib, °2 ft= 

0.10 lb-ft 


Total impulse available from Nz gas, 


Ip=1,,X W== 286 lb, sec 
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Total thrust time available, 


tae 5,720 sec 


Total torque impulse available, 


Tf 20 percent of this amount is available to 
counter magnetic torques, then 


(Tyts)avea=114.4 Ib/ft-sec 


Assume that the roll rate is uniform and slow 
compared to the orbital rate, yet is fast enough 
for the spacecraft to make a complete rotation 
in a few days. Then, since torques of either 
sense consume gas, the average magnetic 
torque is the sinusoidal average of ¥ cycle, or 
63.7 percent of maximum magnetic torque. 
Equal magnetic torques and gas jet torques 
produce the same precession rate in pitch, so 


0.637 Tat — (Tt s) «vstatie= 114.4 lb/ft-sec 


or 
9 
= 88: x 10° oe 
or 
4 
fi ENO ea 
Tn 


where 7,, is the maximum magnetic torque in 
dyne-cm. 
Thus, if =6 months=180 days 


_ 2.82104 
TPn=—Fe9 ~160 dyne-cm. 

The upper structure was magnetically balanced 
to less than 100 dyne-cm unbalance torque at 
the surface of the earth. 


Torques Due to Permanent Magnets in Rotating 
Section 


Some of the wheel experiments contained 
small permanent magnets. The effects of these 
rotating magnets on spacecraft dynamics were 
investigated. Two different magnet orienta- 
tions needed to be considered: 


1. magnetic axis parallel to spin axis 
2. magnetic axis normal to spin axis 
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Figure 2~20.—Torques produced by a magnet mounted 
normal to the spin axis. 


x 


Figure 2-21.—Torques produced by a magnet mounted 
parallel to the spin axis. 


Since the wheel was constantly rotating, 
constant alignment of a magnet with the pitch 
or roll axis was not possible. For a magnet 
mounted with the magnetic axis not aligned 
with the spin axis nor exactly normal to it, 
the torque produced would have had both 
components. 

When the magnetic axis of the magnet was 
normal to the spin axis, the net torque exerted 
by the magnet on the spacecraft was zero. 


This is shown in Figure 2-20. After 180° of 
rotation the torque due to the earth’s field 
acting either along or normal to the spin axis 
is reversed in direction. In the figure. T, is 
the reaction of the magnet to the earth’s field 
when the magnetic north pole is in the +y 
direction, etc. 

From Figure 2-21 note that the torque pro- 
duced by a magnet mounted parallel to the 
spin axis does not change direction due to spin 
and is therefore cumulative. If in Figure 2-21 
the sun is always in the +y direction, the earth’s 
field vector oscillates back and forth through 
the y-z plane in the manner previously de- 
scribed, and the major cumulative component of 
this torque is a roll torque producing precession 
in pitch. As the spacecraft rolls, this torque is 
90° out of phase with that produced by the 
magnets mounted on the pointed instrument, but 
it still requires pitch jet gas to counter its effect. 
Therefore, this torque must be added to the 
residual torque of the other magnets in satisfying 
the value for T,, given above. 


Solar Array Current Loops. 


Any current loops in the spacecraft solar 
array would have produced a coupling torque 
tending to precess the spacecraft about the 
roll axis. To compensate for this effect, the 
solar array was wired as follows. The two 
roughly quarter-circular sections of the array 
were mounted symmetrically with respect to 
the spin axis and were wired as mirror images 
of each other such that the net coupling torque 
is zero. The rectangular center panel lead 
wires were looped to form compensating loops 
for the panel cell wiring to also produce a net 
zero torque from the center panel. 


Orbital Motion of Earth 


Although the motion of the earth about the 
sun did not introduce any external torques on 
the satellite, it did introduce a need for pitch 
axis correction. If the spacecraft were oriented 
with the spin axis located in the ecliptic plane, 
this would have required a pitch correction of 
approximately 1 degree per day. For the spin 
axis perpendicular to the ecliptic plane, no 
pitch correction was required. To obtain a 
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reasonable number, consider the spin axis to be 
oriented at an angle of 45° with respect to the 
ecliptic plane. In this case, the necessary 
pitch correction would be 0.707 degrees per day. 


Vehicle Separation Effects 


Separation of the spacecraft from the third- 
stage engine was accomplished by means of a 
separation spring located in a cavity in the 
interface plane. The spring force did not act 
purely along the spacecraft spin axis but im- 
parted a force component to the spacecraft in 
a plane perpendicular to the spin axis. 

To investigate the effect of the side force, 
Equations (2.86) are used with the torques set 
equal to zero. These equations become 
I 6-+Iwa=0 


—T,a+Iab=0 (2.220) 


where w is constant. 
(2.220) by J, we have 


Dividing Equations 


a—pb=0 6+pa=0 (2.221) 
where 
lo 
aay 2 


The Laplace transforms of these equations are 
s°a(s) — ps6(s) =sa(0)+a(0) —p9(0) 
psa(s) + s°0(s) = pa(0)+s6(0)+6(0) (2.222) 
The solution of Equations (2.222) for a(s) is 


«(=O a O+s 6(0) (2.223) 
and for @ (s) is 
__9(0) tt os p ; 
Oe) —— Sta gO) —scere gy 20) (2.224) 


and, the time functions are 


a(t)=a(0)+a(0) Sint , 90) (1—cos pt) 


(2.225) 
and 


6(t)=6(0) +-6(0) one (1—cos pt) 


(2.226) 
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Equations (2.225) and (2.226) show that the 
same axis initial position error is unchanged; 
the same axis initial rate error has an average 
value of zero. The cross axis initial rate error 
also appears and has an average value equal to 
the initial rates divided by p. 


Summary of the Effects of External Torques 


Many of the interactions produced torques that 
were subtractive. Therefore, the totals listed 
in Table 2-1 are probably extreme, and the 
average anticipated values in most cases were 
considerably less. 


Taste 2-1—Summary of External Torque 
effects 


Pitch error| Roll error | Spin decay 
Torque rate (deg/ | rate (deg/ | time con- 
day) day) stant (days) 


Gravity gradient ____ 
Aerodynamic 
Magnetic 
Ferromagnetic 

Eddy current 
Radiation pressure 
Earth orbital mo- 


Total if all 
additive. __ 


CONTROL OF TORQUE EFFECTS 
Spacecralt Pitch Control 


To control the pitch angle, torques were 
applied by means of gas jets about the N- 
axis (see Figure 2-2) to cause precessional 
motion. The spacecraft pitch control circuit 
and gas system, described in detail in Chapter 
4, provided this control to keep the pitch axis 
aligned to within 3° of the solar direction. 
Spacecraft dynamics associated with this sys- 
tem are discussed below. 

In Equations (2.85) @ is set equal to 7/2 
and M,, and M, are set equal to zero to obtain 
the equations 


Ta—Iwb=0 
I6+Iwa=M, (2.227) 
Ia=0 
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where w has been substituted for ¢ and from 
the last equation we note that w is a constant. 
Differentiation of the first of Equations (2.227) 
results in 

a— po=0 (2.228) 


where 


Substituting the value for 6 from the second of 
Equations (2.227) into Equation (2.228) gives 


2: 2p 
a +p a=F- M, 


Taking the Laplace transform, with initial 
values zero, gives 


: p 1 9 

a (s)=F- M, s(e-+p) (2. 29) 
or 

a(t) (1—cos pt) (2.230) 
and 

a(t) =e (:-2) (2.231) 


Substituting Equation (2.230) into the second 
of Equations (2.227) yields 


he M, M, 


n 


f; 


= cos pt (2.232) 
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Integration of Equation (2.232) yields 


6(t) — a (Ms sin pt (2.233) 
and 
6(t) HS (1—cos pt) (2.234) 


Therefore, the application of a torque about 
the N-axis causes an average pitch velocity of 
a=M,/Tw, while the average roll velocity (6) 
is zero. 

For a torque about the M-axis (pitch axis) 
Equations (2.227) become 


a— pb=— mill r 


6+ pa=0 


p=constant (2.235) 


These equations may be combined to form the 
expression 
gp? 

By comparing Equation (2.236) with 
Equation (2.229) it is seen that the solution 
for 6 is given by Equation (2.231) with @ re- 
placed by 6, and the solution for a is given by 
Equation (2.234) with @ replaced by a. 

Therefore, the application of a torque about 
the M-axis (pitch axis) caused an average roll 
velocity of 6=M,,/Iw, while the average pitch 
velocity (a) was zero. The roll position of the 
spacecraft was not controlled. 


Chapter 3 


STRUCTURAL DESIGN AND FABRICATION 


DESIGN CRITERIA 


The configuration of the Orbiting Solar 
Observatory as presented in the initial proposal 
is shown in Figure 3-1. At that time it con- 
tained all of the basic elements of the final design 
except the external arms which carried the spin 
gas supply bottles. 

As the various design criteria, i.e., power 
requirements, functions of the spacecraft, size 
and shape of the payload envelope, and load 
inputs from the launch vehicle became known, 
the present OSO I configuration gradually 


evolved. 


Function 


The function of the spacecraft structure was 
twofold: to carry all experiments, controls, and 
components safely through the launch phase, 
and to serve as a part of the control system 
when placed in orbit. 


Figur: 3-1.—Proposal stage configuration. 


Dimensions and Geometry 


Figure 3-2 illustrates the second stage of 
evolution. This layout was completed in early 
1960, prior to the first experimenters’ meeting. 
At the time, dimensional layouts of the Delta 
shroud had been received as had the preliminary 
vibration input specifications and the steady- 
state acceleration specification. At this point, 
the over-all weight was to be 350 pounds and the 
pointed experiments were to be not more than 
80 pounds. 

Figure 3-2 shows all of the basic elements 
contained in Figure 3-1 with some change. 
The maximum diameter of the wheel was known 
to be 44 inches and the pointed experiments 
were to be 4 inches wide by 8 inches high and 
no longer than 39 inches. The 4-by-8 inch 
dimensions were compatible with the Aerobee 
pointing control experiment space in the antici- 
pation that OSO I pointed experiments might 


Figure 3-2.—Second configuration. 
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be tested in Aerobee shots. The length was 
determined by laying out the necessary compo- 
nents. Starting at the third stage mounting 
interface the components were stacked until the 
position of the pointed experiments was deter- 
mined in relation to the shroud curvature. 

At that time it was known that the power 
requirements were much greater than originally 
thought, and the solar cell array was shown 
to require almost all available space within the 
Delta shroud. 

The major changes were the division of the 
wheel into compartments, and the use of rib and 
deck structure in the design of the wheel. Spin 
gas requirements were determined and the 
storage bottles selected. Three containers were 
required to store the gas, so compartmentation 
was made a multiple of three. Nine compart- 
ments were chosen because of the deck span of 
each compartment at the outer edge. This 
configuration provided ample compartment 
space and good structural rigidity. 

At that time very little was known about the 
weights and centers of gravity of the various 
experiments and components to be mounted in 
the wheel. The Delta was more adaptable to 
a spherical payload than a wheel configuration. 
Tt was found that the principal moments of 
inertia of the configuration shown in Figure 
3-2 were very nearly those of a sphere, but it 
was determined from dynamics considerations 
that the ratio of spin axis moment of inertia to 
any transverse axis moment of inertia had to 
be at least 1:2. It was decided to add ex- 
tension arms to obtain this ratio. The gas 
storage bottles were the logical mass to put on 
the arms because of their size and weight. 

Figure 3-3 shows the final OSO I structural 
configuration. The basic elements of the orig- 
inal concept were all present; the wheel was 
roughly a torus around the azimuth shaft and 
precession gas bottle, the pointed experiments 
were in a cast yoke, and the solar cell array 
panel was attached to the yoke. The main 
differences were the addition of the extension 
arms and the nine-sided wheel. 

The changes in shape from the design shown 
in Figure 3-2 to that in Figure 3-3 were the 
result of further knowledge of the components 
which were fitted into the wheel and onto the 
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{Spin Axis) 
Yaw Axis 


ozzles for Pitch Control 


Solar Cell Array 


Pointed Instruments 


Roll Axis 
{Line of Sight 
to Sun) 


Spin-up 
Nozzle Nozzle 
Gas Container for Spin Rate Control 


Fieure 3-3.—Final configuration. 


elevation casting, and of further analysis of 


loads and stresses to be sustained during launch. 


The flat wheel-perimeter segments resulted 
from the addition of the extension arms and 
further investigation of fabrication problems. 
The wheel deck structure was of stamped, 
convoluted sheet metal for weight reduction. 
Castings mounting the azimuth shaft bearings 


were refined for load-carrying ability in view 


of the increasing weight requirement and higher 
vibration input specifications. 


Load Inputs 


The thrust and vibration loads were specified 
by Douglas Aircraft Company in their Payload 
Restraints Document, and later modified by 
NASA. The first stage had a peak steady- 
state thrust acceleration of 12.1 g, the second 
stage 2.8 g, and the third stage 6 g. 


WHEEL STRUCTURE 


General 


The wheel was a torus centered about the 
azimuth shaft and precession gas bottle, in- 
cluding the base casting and the upper bearing 
casting, but not the bearings or arms. 

The wheel was composed of a center casting, 
upper and lower center castings, nine decks, 
nine ribs, nine rim panels, and the upper and 
lower cover panels as shown in Figure 3-4. 
The base was specified by the Douglas Payload 
Restraints Document to provide compatibility 
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Figure 3-4.—Basic wheel assembly. 


with the third-stage interface mounting surface. 
The third-stage rocket and the spacecraft were 
clamped with a vee-band. The wheel height 
was established by the longitudinal dimension 
required of slip rings, bearings, and precession 
gas bottle. The cover panels were used pri- 
marily for thermal shielding. It was necessary 
that each cover be electrically insulated to 
reduce the eddy current losses. 


Loads and Stresses 


The critical flight conditions for structural 
design occurred at the time dynamic pressure 
multiplied by booster angle of attack was a 
maximum, and at the time of Ther main engine 
burnout. These conditions are referred to as 
maximum ga, and burnout, respectively. Maxi- 
mum transverse loadings occurred at the 
maximum ga condition and maximum axial 
loads at the burnout condition. Limit loading 
inputs at the Delta vehicle-spacecraft interface 
for these conditions are as follows: 


Maximum ga Condition: 
Azial 


Steady-state. _.._..._--__---- =+0 
—2.8 g 

Vibration 

Sinusoidal (50-500 eps) *..-=+7.1 g 

tS 010 (0) 00 Ce oe rere = 0.047 g2/eps 
Transverse 
Vibration 

Sinuscidal (50-500 cps)*_--=+1.4 2 

IRSndG@Mcnsconcermecrsenc =0.047 g?/cps 


*It is assumed that the 
in the 50-500 cps range. 


spacecraft is vibration critical 
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Burnout Condition: 


Azial 
Steady-state_____-._--.----_- =+0 
—12.1¢ 
Vibration 
Sinusoidal (50—500 eps)__-=+7.1¢g 
Random... 2-22 .c2cc ecu =0 
Transverse 
Vibration 
Sinusoidal (50—500 cps)_--=+1.4¢ 
Random... 22 enc seet =0 


It was necessary to estimate magnification 
and attenuation factors to arrive at final load 
factors on the spacecraft components. By 
using the conservative assumption that the 
lowest primary structural resonant frequency 
is at 100 eps and that the magnification factor 
is 2.5, final loads on the spacecraft components 
and structure became: 


Maximum qe Condition: 


Azial 
Steady-state__________-_-_---- =+0 
—2.8¢ 
Vibration 
Sinusoidal... -cs<-csss =+17.8¢ 
Randominc 22 .cscenscete =+ 51g 
Otel snes coees secs Be =+22.9 
—25.7 2g 
Transverse 
Vibration 
Sinusoidal... ._---.....-< =1+3.5¢ 
RENE OT en oe ie yo =+5.1l¢ 
3 0) 1) =4+86¢ 
Burnout Condition: 
Azial 
Stéady-state: ccceec cece ce =+0 
—-12.1¢ 
Vibration 
Sintiseidalis 2 2..c5c0.2582 =1+17.8¢ 
Rend OM nas an Sse cists =0 
OVA) w= on ae =+17.8¢ 
—29.9 ¢ 
Transverse 
Vibration 
Sinusoidal__.....-..-_---- =4+3.5¢ 
Random... -221 42. =0 
Ot: sacle itso tances ten =13.5¢ 


For design purposes, ultimate loadings were 


assumed to be 1.5 times the above values. 
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43.50 IN, —————»| 


CG OF SAIL 
a STRUCTURE 


CG OF WHEEL 
STRUCTURE 


<+—_—_—— 43. 00 IN. 


Fiaure 3-5.—Geometry and loading on OSO I. 


Spacecraft Geometry 


Figure 3-5 is a sketch of the spacecraft. 


showing the general configuration and loading 
while in the boost phase. The symbols used 
are defined as follows: 


W,=Weight of oriented portion of space- 
craft 
W..= Weight of wheel portion of space- 
craft 
N= Lateral load factor 
n= Vertical load factor 
V=Shear at spacecraft-launch vehicle 
interface 
P= Axial load at spacecraft-launch ve- 
hicle interface 
M=Bending moment at 
launch vehicle interface 


spacecraft- 


Loads on Spacecraft 


By utilizing geometry data from Figure 
3-5 and the load factor data from the preceding 
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pages, the following equations were derived 
for the spacecraft-launch vehicle interface 
loads. Results of the equations appear in the 
table following. 


2F,=0 
M,W,+n.,W,+P=0 (3.1) 
P=—n1,,W,—1,,W » (3.2) 
Do F,=0 
1z,W,+N2,,Ww—V=0 (3.3) 
V=nz,W, +nz,,W w (3.4) 
>) M=0 
20n;,W,+7.9n2,W.tM=0 (3.5) 
=—20n,,W.—7.912,W w (3.6) 
Item Units Condition 
Max, ga Burnout 
Ww Lb: escvenss 315 315 
Ww, Lbisice eos 145 145 
Ns, wavieaice oese —25.7 —29.9 
Me, |ovedewswesnt 8.6 3.5 
Nes Voeuse Seteses —25.7 —29.9 
Nee Ne eae ce odes 8.6 3.5 
P Lb limit_...| 11822 13754 
V Lb limit. --. 3956 1610 
M In.-lb limit _-| — 46340 18860 
Wheel Ribs 


Because the wheel had to be spin balanced, 
it can be assumed that axial loads were dis- 
tributed equally to each of the nine ribs. It 
can be further assumed that the load center of 
mass is two-thirds of the distance from the 
center wheel casting to the outer rib radius. 
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aa 


t ot 


SECTION A-A 
HORIZONTAL 
BEADS 
>M=0 
—10.56P+9.5R,=0 
10.56 
R= 9.5 7 


1 
P= 2 (n,,) = 229 (29.9 1.5)=1545 Ib ult. 


R,=1720 lb ult. 
1=P=1545 lb ult. 
The rib is critical for burnout condition. 
Effective area for reacting R, is Section A-A. 


Area=1X0.064=0.064 in.? 
F,,=62000 psi (MIL-HDBK-5) 
_P_ 1720 __ ; 
Fe= A= 9.964 = 26900 psi ult. 
Assuming that the beaded panels do not buckle, 
we determine the margin of safety to be 


62000 | __ 
MS8.=555997~1=1.3 
R, must be transferred to the center wheel 
casting by five %” 2117-T3 rivets in single 
shear. 

Lond/Rivet= “+1720 _ 344 Ib ult. 

Allow. Rivet Shear—388 Ib (MIL-HDBK- 

5) 


MS.=77 1=0.13 
Bearing in rib (0.064 thick) 
Fyy4=105,000 (e/d=1.5) 


1.8 IN. 2117-T3 RIVETS 
(SINGLE SHEAR) 


Bearing Allow./Rivet—8101.05=850 Ib 


ult. 
850 
M.S. =344 1 =1.47 


Shear Load R,: 


This load is carried through 18 \’’ rivets in 
single shear. 


1545 


Prvet= 18 =86 Ib 
Web Shear: 
— 1545 _ 4 
(= 5 $= Ge = 163 Ib-in. ult, 


Because of the web beading, the web is not 
critical. 


Decks 


The decks were formed from 7075 sheet 
aluminum, 0.050 inch thick, and heat treated 
to a T6 condition. There were 5 depressions 
formed, varying in depth from % inch at the 
wide end to % inch at the narrow end. A typical 
deck is shown in Figure 3-6. 


Rim Panels 


The rim panels were brake-formed of 6061— 
T6 aluminum, 0.090-inch thick, with a %,-inch 
bend radius. They served the function of 
holding the ribs laterally, and supporting the 
wide edge of the decks. The three arm com- 
partments received the full reaction force of the 
arms during arm extension. A typical rib panel 
is shown in Figure 3-7. 
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Fieure 3-6.—Typical deck. 
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Ficure 3-7.—Typical rib panel. 


The main loads induced in the rim panels 
were caused by the arms during extension, and 
to a lesser extent from vibrations when the 
arms were folded. Peak P; and P, loads (see 
Figure 3-8) occurred during arm extension and 
were on the order of 600 pounds and 300 pounds, 
respectively. These loads occurred simulta- 
neously for a short duration. 


Fieure 3-8.—Loading on rim _ panel 
extension. 


during arm 


Wheel Center Casting Assembly ‘ 


Figure 3-9 is a free-body diagram of the 
center casting assembly showing the expected 
loadings. This casting had to react all loadings 
from the oriented portion of the spacecraft and 
from the wheel ribs and deck assembly. In 
arriving at final loads, the weights and load 
factors shown on page 3-12 were used in con- 
junction with the ultimate load factor of 1.5. 
P,, R,,, and R,, are the loads produced on the 
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FiaurE 3-9.—Wheel center casting assembly. 


casting by the oriented portion of the space- 
craft. Critical condition is maximum qa. 


P,=145X25.7X1.5=5590 lb ult. 
P=11822X1.5=17730 lb ult. 
V=3956 X 1.5=5930 Ib ult. 
M=46340X 1.5=6950 in.-lb ult. 
Ru, — Bi, =Mz,W.=8.6 (145) (1.5) =1870 Ib ult. 
13R,,=17.5n2,W, 
17.5(8.6) (145) 1.5 
u,= 13 
R,,=2520—1870=6650 Ib ult. 
P,=M.,W,=25.7 (145) (1.5) =5590 bb ult. 
0.4312, Wu= (0.43) (8.6) (315) (1.5)=1750 Ib ult. 
0.57 n2,, W y= 2320 Ib ult. 


= 2520 lb ult. 
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Figure 3-10.—Ultimate cross-sectional loads on wheel 
center casting assembly. 


Figure 3-10 shows ultimate cross-sectional 
loads on the casting. These loads are used in 
the following stress analysis of the casting. 


The equivalent axial load on the casting assem- 
bly shell is: 


2M 
Pea=Pana tz (3.7) 

x Prasiat M R Poa 
Ib in-lb in. Ib ult. 
0 17730 69590 4. 69 47406 
3.6 17730 47490 4. 69 38834 
9 11000 55000 6.0 29333 
13. 6 5590 4790 6.0 7187 

Maximum Stress on Base Casting: 
P. 474 : 
te s 06 19300 psi ult. 


~2eRt  2x(4.69) (.156) 
Casting is Compression Critical: 
F.,=31000 psi 


MS. —22000 


Maximum Stress on Hub Casting: 


Ps 38834 , 
Je SERi~ Fu (4.69) (0.098) ~ 13900 Pai ult. 
31000 |, 
MS. =73900 727 1:23 


782-552 O—66——_6 
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Casting was not buckling critical because of 
stiffening from rib flanges running the length 
of the casting. 


Fabrication 


The dies for hydroforming of decks and 
ribs were designed by Ball Brothers Research 
Corporation and procured from a subcontractor. 
The raw materials and dies were then furnished 
to the manufacturer of the hydroformed parts. 
This procedure resulted in BBRC responsi- 
bility for proper sizing and fitting of parts. 
BBRC also controlled the necessary die re- 
work for springback correction and tolerance 
correction. Considerable liaison and design 
work were necessary in this task. Heat 
treatment for these parts to BBRC specification 
was also procured from a subcontractor. The 
resulting uniformity of parts was excellent as 
was control of tolerance. 

Patterns for castings were subcontracted 
using BBRC designs. Castings were also 
obtained from a subcontractor and were then 
machined at BBRC. Assembly jigs and 
fixtures were designed and built at BBRC, 
as was all of the tooling required. After the 
first trial fit of stamped parts, the dies were 
reworked for tolerance correction and sizing. 
This was done between the time of assembly 
of the structural test model and the prototype 
model. The structural model required some 
shimming and handwork which was largely 
eliminated on the prototype model. 

Fasteners presented some problems. Origi- 
nally, POP rivets were specified throughout, and 
were used in the structural model. These break 
a pin inside the rivet while swage-forming 
the head. The broken pin inside the rivet 
cannot be extracted and rattles loosely inside 
the rivet. All rivets were changed to solid 
aluminum rivets for prototype and flight 
models. To reduce the weight, aluminum 
screws were specified for mounting the cover 
panels, but it was found that the heads twisted 
off when used with locking nuts. These were 
replaced with stainless steel screws. 

Other minor fabrication problems were en- 
countered, but the over-all wheel assembly was 
straightforward and relatively simple. No 
redesign of the structure was required after 
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tests, however minor changes in the locations 
of wiring holes were required. 


UPPER STRUCTURE 


General 


The upper structure of the spacecraft con- 
sisted of: (1) the azimuth casting which was 
mounted on the azimuth shaft; (2) the elevation 
casting, which carried the pointed experiments 
and was mounted on bearing supported shafts 
within the azimuth casting; (3) the sail structure 
which supported the solar cell array; (4) the 
azimuth shaft; (5) the elevation motor and 
bearings; (6) the nutation damper. 

The upper structure contained the motorized 
servo elevation drive system and the precession 
gas control system, including the precession gas 
jets. It also supported the upper structure 
electronic packages and controls. Figure 3-11 
is a photo of the sail structure. 

Because the moment of inertia of the upper 
structure added to the spacecraft transverse 
moment of inertia and contributed nothing to 
the spin moment of inertia, it was necessary to 
keep this moment of inertia as small as possible 
relative to the spacecraft center of gravity. 
This meant that all large masses were to be 
mounted as near to the bottom of the upper 
structure possible. However, the servo 
elevation control of the pointed experiments 
had to permit at least +5 degrees of movement 
of the experiments about the elevation axis. 
The elevation axis, or pivot point, had to be 
chosen so that in the depressed position the 


as 


2 - oe 


anes 


Figure 3~11.—Basic sail structure. 
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experiment field of view would not be occluded 
by the extended arms nor would the experi- 
ment physically strike the wheel structure. 

A necessary design requirement for the upper 
structure was that all of the moving parts be 
locked during the launch phase. Both the 
elevation and azimuth motions of the upper 
structure were locked with squib-actuated pin 
pullers. 

An open framework was used for the solar cell 
support structure. This was made of 0.025- 
inch thick aluminum sheet stampings riveted 
together, and formed a light rigid unit readily 
adaptable to mounting components as well as 
solar cells. The sail structure form was deter- 
mined by the cross-sectional area available in 
the vehicle shroud. 

Since it was necessary to locate the precession 
jet nozzles as far from the spacecraft center of 
gravity as possible to develop the greatest 
torque, they were located at the periphery of 
the sail within the open framework. 

The pointed experiment mounting method 
and the mounting of the solar detector eye 
blocks on the pointed experiments were prob- 
lems which had to be solved early in the design 
phase in order to provide design criteria and 
specifications for the experimenter groups. 
The sail structure design had to await correla- 
tion of the total spacecraft power requirements 
and the solar cell output capability before it 
could be completed. 

The azimuth casting supported several elec- 
tronic components and control system sub- 
assemblies. Since the design of the casting was 
predicated upon final configuration of these 
components and subassemblies, the final con- 
figuration of the casting was the last piece of 
structural hardware design completed. 

The azimuth casting bolted to the azimuth 
shaft. The shaft was supported by bearings in 
the wheel assembly as illustrated in Figure 3-12. 
Axial motion of the shaft was restrained at the 
upper bearing, and the lower bearing controlled 
radial play only. The shaft was surrounded by 
a precession gas storage bottle. The bottle was 
threaded on the shaft at the upper end and was 
free to slide on O-ring seals for normal strain 
deformation at the lower end. A hole was 
provided in the shaft to allow flow of the gas up 
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Figure 3—12.—Azimuth casting and shaft. 


through the shaft to the gas distribution tubing 
on the azimuth casting. The azimuth drive 
motor and the slip rings were located at the 
lower end of the shaft, as shown. 


Loads and Stresses 


The load inputs were the same as those for the 
wheel structure. The weights involved are as 


follows: 
Upper section including azimuth shaft 
items.-._--..22 2 eee 70 Ib 
Design weight for pointed experiments___. 75 lb 
Total section___...__._._.-_-_----_- 145 Ib 


Azimuth Bearings 


The entire thrust axis load of the upper 
structure including experiments had to be re- 
acted by the upper azimuth shaft bearing. 
This amounted to 5590 pounds ultimate. New 
Departure, a division of General Motors Cor- 
poration, publishes a value for ‘“‘quiet” running 
limit rating, defined as the safe thrust load on 
a bearing not running. An excess load over 
this rating will produce small Brinell marks in 
the races, and will cause the bearing to become 


5590 LB 
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Figure 3-13.—Transverse bearing loads. 


noisy when subsequently rotated under lighter 
loads. 

A single-row radial, nonnotched-filled, size 
3308, 40 mm bore, ball bearing was selected 
because its size was correct for the space avail- 
able and because it has a quiet rating of 6830 
pounds. The resulting thrust margin of safety 
for this bearing is 0.22. The radial rating is 
determined by the geometry shown in Figure 
3-13. The upper bearing required a rating of 
2520 pounds ultimate, and the size 3308 bearing 
is rated at 4480 pounds, for a margin of safety 
of 0.78. 

The lower bearing was selected for size and 
rating, and a single-row, nonloading groove 
bearing of extra light series, number R-18 was 
selected. This bearing has a radial rating of 
1520 for a margin of safety of 1.34. The bear- 
ings were both 52100 steel, and metal ball 
retainers were replaced with Rulon retainers 
and given a BBRC Vac-Kote treatment for 
vacuum operation. 


Azimuth Shaft 


The only difficulty experienced with the 
azimuth shaft during qualification tests of the 
prototype spacecraft was the low torsional res- 
onance response of the shaft. With the 
azimuth drive torque motor at the lower end 
of the shaft, the shaft acted as a torsional 
spring. The spring rate of the shaft used was 
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Figure 3~15.—Free body diagram of the azimuth 
casting. 


calculated to be 108,000 lb-in/rad, and, with a 
moment of inertia of the upper section of 1.8 
slug-ft?, the torsional resonance was calcu- 
Inted to be at 11.4 cycles per second. This 
resonance caused forced oscillations in the az- 
imuth drive servo system. The gain of the 
servo system had to be reduced to eliminate 
the problem. The other obvious solution would 
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have been to initiate a major redesign and 
locate the motor at the top of the shaft. This 
was done on the following OSO program. It 
was too late in the S-16 program to allow time 
for this redesign. 


Azimuth Casting 


The azimuth casting (see Figure 3-14) is 
critical for axial and transverse loadings result- 
ing from the maximum ge condition. The 
casting is loaded by the sail assembly and 
equipment trunnion-mounted to the casting. 
Assumed loadings are as shown in Figure 3-15. 


Mox,! 
a = -| 3 (3.8) 
me 
oo =o: -| (3.9) 

Max. 


Center of Gravity of Sail Structure Without 
Azimuth Shaft: 


Approx. shaft weight=20 lb 
Sail structure weight=145-20—125 lb 
c.g. of azimuth shaft from Delta-space- 
craft separation plane is: 
Zenatt= 11 in. approx. 
c.g. of complete upper structure is: 
Z=20 in. 
125Z,,,=145(20)—(11) 
Zenit = 21.44 in. 


From free body diagram (Figure 3-15) and 
above c.g. data, the following calculations are 
made: 


—M-+n,W.=0 
M-=125(8.6) (1.5) (21.44—16.5) = 7953 in-lb ult. 
P—n,W.=0 
= (25.7) (125) (1.5) =4820 lb ult. 
—V+n,W,=0 


V=125(0.6) (1.5) =1610 lb ult. 
{Load factor (see page 73). 
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* Weight of elevation casting and pointed 
experiments=75 lb 
Weight of remaining sail structure less 
azimuth shaft=125—75=50 Ib 


P,=(76)(8.6) t (1.5) =967 Ib ult. 
P=-(2) (25.7) + (1.5) =1446 Ib ult. 


px OD GB-DALS) 


2 (9.5) =101 lb-in. 


> M,=0 
(2) (9.5) (4.75) w+ (9.5)?q. +4.75P:— M=0 
90.25w+-90.25¢,=3360 


w+q=37.2 (3.11) 
>> F=0 (sail and solar cells only) 
(2) (9.5) w-++9.59q,=50(8.6) ¢ (1.5) 
2w+ q=67.9 (3.12) 


From Equations (3.11) and (3.12) we determine 
that: 


w=30.7 Ib/in. ult. 
Solution of Equations (3.8), (3.9), and (3.10), 
using values for Z, and J, of 0.0212 in.* and 
0.26 in.‘, respectively, yields values for .%, 
Xo, and X3: 

X,=— 500 Ib ult. 

X2= 11457 in.-lb ult. 

X3== 2255 |b ult. 


tLoad factor (see page 73). 


Final ultimate bending moments (in.-lb) are 
shown in the diagram below. 


1039 313 -413 


~ 


-2323 LS) 4175 
8377 7953-16330 


Nore. Positive moments yield compression 
in outer fiber. 


The casting is critical in bending on the 
vertical leg (Section A-A, see Figure 3-14). 


Bending moment=4175 in.-lb ultimate 

Tension ultimate for TENS 50=40,000 psi 

Under plastic bending of the material at 
Section A-A, the maximum allowable 
bending moment is: 


Allow B.M.=4500 in-lb 


The structural model was built and tested 
with the azimuth casting configuration shown in 
Figure 3-14. Strain gages were utilized on both 
the azimuth and elevation castings during 
steady-state acceleration tests. The maximum 
stress obtained was found on the outer edge of 
a rib near a sail attach point. The remaining 
gages located on webs showed negligible stress 
levels. 
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FicurE 3-16.—Flange with holes added. 


Between the fabrication of the structural 
model and the fabrication of the prototype 
model of the casting, a design change was made 
adding eight holes for electrical components in 
the outer bottom flange of the casting as shown 
in Figure 3-16. Four holes were %5 in. in 
diameter, and four were '%, in. in diameter. 
The first indication of trouble was found after 
prototype model vibration tests, when a crack 
was found in the casting from a hole to the 
outer edge of the flange. 

At this point, the flight model assembly was 
fully assembled and wired. With this fact in 
mind, it was decided to use the design regard- 
less of the crack. The justification of this 
decision was based on two factors: 

1. Vibration input levels on the prototype were 
one and one-half times expected flight levels. 
During actual flight the superimposed thrust was 
unidirectional, loading the flange in question in 
compression and reducing the tension levels which 
caused the crack to occur. 

2. Three additional sinusoidal vibration tests 
were performed on the prototype model, plus a 
random vibration test, all with the same casting, 
and the casting still did not fail. 

After vibration tests of the flight model 
spacecraft, the cover over the flange-mounted 
components was removed, and the paint on the 
casting between the holes and the edge of the 
flange was removed. No cracks were found. 


Elevation Casting 

The elevation casting (Figure 3-17) was 
designed to carry an 80-lb instrument. load. 
Strain gage measurements were made during 
structural model acceleration tests and indi- 
cated very low stresses for the 49 pounds of 
dummy experiments. 

During servo checkout tests conducted with 
dummy experiments on the prototype model, 


FigurRE 3-17.—Elevation casting. 
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Ficgurr 3-18.—Torsional loading of the elevation 


casting. 


it was found that a low torsional frequency 
mode existed in the elevation casting. From 
the front, the casting forms a box, with one 
dummy instrument mounted to each side of 
this box (see Figure 3-18). Whenever the 
torque motor was driving, the dummy instru- 
ment on the opposite side would lag and then 
oscillate. The torsional spring rate of the 
casting was measured and then the casting 
was redesigned by relocating and adding ribs. 
No depth of section could be added without 
redesign ng the azimuth casting or reducing 
the size of the experiments. The stiffness was 
increased by a factor of 3. The problem still 


existed and the dummy experiments had to be 
tied together through damping material during 
servo tests, or the servo gain had to be reduced. 

When the prototype experiments were re- 
ceived and installed, it was found that the 
amplitude of the oscillation was far less than 
it had been with the dummy experiments since 
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thé motion was now well damped by the experi- 
ments themselves. The problem was much 
reduced, and the eventual solution was to 
slightly reduce servo gain at the expense of 
somewhat reduced pointing accuracy. 


Elevation Bearings 


The elevation bearings were selected using 
the same criteria as the azimuth bearings, with 
different loads. These bearings carry the 
elevation casting and the pointed experiments 
for a total of 84 pounds. 

These bearings (New Departure type 3305) 
also were disassembled and treated with the 
BBRC Vac-Kote process prior to installation. 


Sail Structure 


The sail structure was a semi-truss type 
structure of thin sheet aluminum. From front 
and back it resembled a truss, but from the 
sides it did not. It was loaded with its own 
weight of 17.8 pounds, with 5.5 pounds of solar 
cells, and with some components of low mass. 

The structural model sail assembly was tested 
independent of the spacecraft and only one 
significant modification resulted. When vi- 
brated in the thrust axis, deflections of trans- 
verse tie members were such that the cross 
axis motion exceeded the thrust motion. To 
overcome this condition, stiffeners were added. 

Originally, it was decided that the solar cells 
would be mounted in sections on separate sub- 
panels, which in turn mount on the sail struc- 
ture. The main advantage of this scheme lay 
in ease of replacement of a small group of cells. 
The subpanel modules were approximately four 
by six inches, and were press-formed with a 
pattern to increase stiffness. 


7 
| 


Solar cell sub-panel cross-section (orig- 
inal design). 


SUBPANEL 


SOLAR CELL SHINGLE ADHESIVE 


FIGURE 3-19. 
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The first set of solar cells was installed by 
applying the adhesive to the panels first, and 
then placing the shingles of cells in place. The 
result was that the stamped depressions in the 
subpanels were filled with the adhesive (see 
Figure 3-19). 

When the units were subjected to thermal 
changes, the greater mass of adhesive in the 
depressions expanded more than the thin layers, 
thus breaking the solder joint between cells and 
causing open circuit failures. Efforts to correct 
this condition and salvage the cells were un- 
successful, and the subpanel system had to be 
abandoned. In its place, sheets of honeycomb 
material with a smooth, flat surface were used. 
As a further precaution, the method of bonding 
the cells was changed to that of placing the 
adhesive on the cell shingles first. The number 
of fasteners between the structure and the 
panels was reduced, and Teflon bushings were 
used with the fasteners to allow relative motion. 
The honeycomb panels were tested in vibration 
on the sail structure. This design proved ac- 
ceptable, and no further problems occurred. 


Nutation Damper 


The nutation damper consisted of a pendulum 
bob submerged in a damping fluid and enclosed 
by an aluminum case. Nutation caused a 
point on the upper section to be translated in 
a circular path in a plane perpendicular to the 
spin axis. 

The reaction of the pendulum-type damper 
to the nutational input was to absorb energy 
as heat through the viscous action of the fluid 
in the damper. The design parameters were 
the forcing function frequency, the mass of the 
bob, the natural frequency of the bob and wire 
pendulum, and the damping constant of the 
fluid. 

The damper was derived analytically and 
then tested on a special test fixture and on the 
air bearing table mockup. When proven satis- 
factory, the design was finalized for flight 
hardware with the result as shown in Figure 
3-20. 

Caging the bob for the launch phase presented 
a difficult problem. Several methods were 
tried, but during tests the pendulum wire was 
permanently deformed. Serrating the caging 
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FigurE 3-20.—Nutation damper assembly. 


seat and adding three needle pickup points to 
the plunger caging surface solved the problem. 
Earlier versions of the assembly utilized roll- 
ing rubber diaphragms, or Bellophrams. The 
final version used a piston with O-rings for 
caging and metal bellows for accumulators. 
The rubber diaphragms were abandoned when 
it was realized that they were permeable to 
gases and would permit bubbles to form in the 
liquid. The metal bellows act as volume com- 
pensators during temperature changes. 


Fabrication 
Sail Structure 


The sail structure was fabricated from stamp- 
ings of 0.025-inch-thick 2025 aluminum sheet 
and heat treated to a T-4 condition. The dies 
were designed by BBRC and built elsewhere. 
The sheet stampings were entirely riveted 
together. No particular problems were en- 


countered during fabrication or assembly of 
the units. 
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Castings—Elevation and Azimuth 


The elevation casting design was completed 
in time to allow sufficient time for pattern 
making, casting pour, and heat treat at local 
sources. The azimuth casting, being last out 
of design, was rushed for pattern and foundry 
time. Futhermore, the pattern was very com- 
plicated and difficult to fabricate since all 
surfaces on the casting were cored. Even 
after heat treated castings were on hand, con- 
siderable machining time was required. 


Fabrication of Other Items 


Fabrication of the azimuth shaft, elevation 
shafts, and various fittings was straightfor- 
ward and presented no difficulty. The fabri- 
cation of the nutation damper was complicated 
by the need for pressure-tight, aluminum- 
welded seams. During assembly of the nuta- 
tion damper the blind adjustment for caging 
the pendulum without deforming the pendulum 
wire, and the vacuum filling with silicone oil 
without leaving any bubbles, were time con- 
suming and difficult. 


COMPONENT MOUNTING 


The design requirement for mounting com- 
ponents in the wheel structure and on the 
pointing section was treated as part of the over- 
all structural design. There were five experi- 
ments in the compartments of the spacecraft 
wheel, all of various size and weights. These 
had to be balanced against each other and 
against the four compartments containing 
telemetry equipment and control items, to keep 
the wheel in both static and dynamic balance 
about the spin axis. To do this required a 
continuous effort throughout the program 
from the time the weight of the first component 
was in until the last experiment was weighed 
and center of gravity determined. To main- 
tain dynamic balance, both components and 
experiments had to be raised off the wheel 
compartment decks and brackets had to be 
designed to mount them at the necessary 
heights. 

For light weight and ruggedness, a basic 
sheet metal zee bracket design was utilized 
wherever feasible (Figure 3-21). Buckling 
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Figure 3-21.—Zee bracket mounting. 


loads and eccentric loading for these brackets 
were computed. Either three or four such 
brackets were used for each item, so that 
lateral support was provided regardless of the 
direction of vibration input. Where only 
three were used, it was found that the angles 
relative to each other were critical. Some high 
amplifications of displacement were found due 
to rocking modes of vibration, and redesign 
was necessary to eliminate this condition. 
The zee brackets, being different sizes for 
different mounting applications, served to 
decouple the experiments and equipment from 
each other, since each mounted item had a 
different resonant frequency. In fact, each 
bracket supporting an item could be made to 
have a different resonant frequency to over- 
come the disadvantage of high amplification. 
Typical zee brackets are shown in Figure 3-22. 

The tape recorders were the only items which 
vere mounted on isolation mounts. The tape 


recorders were designed to meet the wheel 
component specification of 15.6 g from 50 to 


Figure 3-22.—Typical zee bracket mountings. 
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1000 cps of sinusoidal vibration. However, 
during structural model spacecraft tests, it was 
found that the wheel had a resonance at 120 
cps, with a transmissibility of 3 to 5, with a 
prototype input specification of 10.7 g from 
50 to 500 cps. It was decided that the tape re- 
corders could not take this level and would be 
isolation-mounted so that they would never be 
subjected to any inputs greater than the com- 
ponent specifications. It was realized that the 
mounts would permit relative movement be- 
tween balancing operations in a gravity field 
and performance in a zero ¢g field, but calcu- 
lations showed that the tape recorders’ motions 
would cause an error less than 25 percent of 
the allowable balancing error. 

In general, vibration mounts are not designed 
to perform under variable superimposed thrust 
loads. Characteristic curves by the Lord 
Manufacturing Company for their BTR mount- 
ings showed a potential for this type loading, 
and so they were tested. A dummy test 
setup was made of the tape recorders (see 
Figure 3-23), using six mounts with their 
elastic centers intersecting as near the center 
of gravity of the package as space would 
allow. This required three mounts on the 
bottom and three around the upper edge. 
A long, relatively soft spring was placed on 
top to duplicate the thrust loading. Different 
size mounts were tested, but all of them bot- 
tomed out and put shock loads on the simu- 
springs added under- 
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Figure 3-23.—Tape recorder vibration isolation test 
setup. 
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Figure 3-24.—Tape 


recorder 
damper. 


mounting and arm 


neath the recorders to reduce the differential 
loading. These were calculated to provide a 
3 g lift against the 12 ¢ thrust, for a differential 
of only 9 g. More lift could not be added 
because the mounts crept with time under load. 
This design eliminated the bottoming of the 
mounts both with and without the thrust spring, 
and was incorporated in the final design. 
Figure 3-24 shows the tape recorders mounted 
in the wheel compartment. 


ARMS AND ARM DAMPERS 


General 


The prime consideration in the design of the 
extendable arms was the achievement of the 
proper ratio of the spin moment of inertia to 
the transverse moment of inertia. The length 
of the arms for the OSO I was selected on the 
basis of preliminary calculations of these mo- 
ments. The final measured ratio was 1.35 to 1. 

Even though the arms could be released as 
soon as the shroud separated from the launch 
vehicle, it was preferable that they not be 
released until after termination of third stage 
thrust so that they would not need to with- 
stand acceleration forces in the extended po- 
sition. Therefore, the time of extension was 
selected to occur after third stage burnout and 
before third stage separation. With the arms 
extended, there was ample clearance for the 
third stage bottle separation. 
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After third stage burnout, the spacecraft and 
third stage engine case had an angular velocity 
of 120 rpm+10 percent. An added benefit 
from extending the arms was the reduction of 
spin rate due to the increase of the spin moment 
at the time the arms were extended. 

It was decided early in the OSO I program 
that the three arms should be physically tied 
together so that if any one failed to fully ex- 
tend, the others would remain in symmetry, 
and the dynamic balance of the spacecraft 
would be maintained and pointing control 
achieved. Calculations indicated that with 
the extension torques involved, centripetal 
force alone was more than sufficient to extend 
the arms and, in fact, the arms must be re- 
strained during extension. This fact led 
directly to the concept of a hydraulic damper 
system which was series-connected to each of 
the three arms. <A folding linkage was placed 
on each arm to position the arms when ex- 
tended. (See Figure 3-25.) The linkage pro- 
vided a convenient way to lock the arms 
down in the stowed position and provided a 
positive position lock for the extended position. 

The design was further modified when it 
was decided to utilize the arm linkage as a 
part of the spacecraft antenna system. The 


linkage had to be electrically insulated from 
both the arm and the wheel, and had to provide 
an adequate mechanical lock for ground op- 
eration. 
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Figure 3-25.—Arm and arm damper system. 
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-It was necessary to join the three gas bottles 
to a common manifold so that equal weight 
could be maintained in each bottle thus pre- 
serving the dynamic balance of the spacecraft. 

Provision was made to run a high pressure 
(3,000 psi) and two low pressure (60 psi) gas 
lines through the hinge joint of the arm. The 
low pressure lines supplied the spinup and 
despin gas jets which had been placed at the 
ends of the arms to provide maximum torquing. 

The problem of a rotating high pressure 
joint was solved by simply twisting a length 
of ¥-inch diameter copper tubing in torsion 
through the 90 degree rotation. A test unit 
was built and a piece of tubing was cycled for 
400 bends with 3,000 psi internal pressure, 
without failure. It was estimated that the 
arms on the flight model would be cycled as 
many as 40 times, but not more than 10 times 
with full pressure. The low pressure lines 
were simply flexible tubing run through slots 
into the arm hinge end. 


Loads and Stresses 


The maximum loads on the arms that oc- 
curred during arm extension will be discussed 
first. Later, the loads due to vibration inputs 
and thrust will be reviewed. 

The typical arm and arm damper assembly 
in Figure 3-25 shows the geometry of an arm 
in the stowed position. The forces acting on 
the arm at the instant of release are: 


Centrifugal force F.= Mruw* (3.13) 


Damper force Fz;=PA (3.14) 


where 


M=Mass of arm and gas bottle 
r=Radial distance from spin axis to 
center of gravity, inches 
w=Initial angular velocity of the wheel 
in radians per second 
P=Fluid pressure within the piston cyl- 
inder, lb/in.? 
A= Piston area, in.? 


From conservation of angular momentum 
for the spacecraft about the spin axis we may 
write 
(3.15) 


Tw= Tq022 


where 


w,=Instantaneous velocity as the arms 
extend 

I,=initial spin moment of inertia 

J,=instantaneous moment of inertia as 
the arms extend 


The differential equation of motion for this 
system may be represented by the following 
equation: 

I,6=M.=M, (3.16) 


where 


I,=moment of inertia of the arm assem- 
bly about its support hinge point 
6=angle of rotation of the arm from the 
stowed position 
6=angular velocity of the arm 
§ =angular acceleration of the arm 
M,.=moment exerted about the arm hinge 
due to centrifugal forces 
M,=moment exerted about the arm hinge 
due to the damper 


In the differential equation above the terms 
M, and M, are both nonlinear in @ and a», 
which are functions of time. This equation 
does not lend itself to closed-form analytical 
solution. 

To control the time duration of extension, an 
orifice had to be provided between each damper 
cylinder, and the size of the orifice determined. 
For a piston of specified size and stroke, the 
volume of fluid to be moved is known. The 
problem reduces to a fluid flow determination, 
where 


Q=0.61A flow, ft?/sec (3.17) 


0.61=Constant for a broomy flow orifice 
A= Area of orifice to be found, ft? 
P=Pressure, lb/ft? 
p= Mass density, slug/ft? 


When alcohol was used for the hydraulic fluid, 
a 0.019-inch diameter orifice was required to 
allow for the volume flow in 1.50 seconds. This 


was a practical value which could be realized by 
a simple drilled hole. 
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Since the dampers form a closed hydraulic 
system, thermal cycling could cause internal 
pressure changes which could limit the design 
values. The differential expansion between the 
fluid and the container system was calculated 
and converted to pressure by using the com- 
pressibility factor for alcohol. Assuming that 
the system was filled at low temperature and the 
maximum rise was 35°C, the pressure was 
found to be 5000 psi. , 

In establishing the design load for the hy- 
draulic system, there was one other factor 
investigated. As mentioned, the system was to 
provide a mechanical tie between the arms in 
case one armhung up. If one arm did hang up, 
there would be no fluid flow through the orifices, 
and under static conditions the pressure would 
become twice the potential maximum seen by 
any one cylinder, because the arm which was 
hung up would exert no pressure on the system. 
Since the maximum pressure per cylinder was 
calculated to be 1750 psi, this design criterion is 
less than that for thermal expansion. Thus, 
5000 psi was established as the design value for 
the hydraulic damper system. An arm damper 
cylinder may be seen in Figure 3-24. 


Arm Stress During Extension 


Since the damper piston was very closely 
coupled to the hinge of the arm, and the arm 
section was heaviest in this region, the arm very 
closely approximated a cantilever beam during 
extension. Maximum moment occurred when 
the arm was extended approximately 30 degrees 
open, and was normally 143 ft-lb. Section 
moduli were computed for various points along 
the arm and stresses were calculated to range 
from 12,000 psi to 5660 psi. Based on a yield 
strength for 2024-T4 aluminum, this design 
provided a margin of safety of 2.0 to 7.1. The 


arm was fabricated in two sections and bolted 
together (see Figure 3-26). 


The section was 
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Figure 3-26.—-Typical arm construction. 


heavier at the bolts, and this was where the 
low flexure stress occurred. The remainder of 
the arm was very nearly a constant stress 
section. 

The safety margin for the arm flexure stress 
was raised for several reasons. First, the cal- 
culated loads were based on nominal torques at 
nominal spin rates. The torque increase with 
wheel spin velocity was not linear. A 10 per- 
cent velocity increase raised torque by 21 per- 
cent. This reduced the margin of safety to 
1.47. Second, the two arm sections were 
machined from plate stock, and a fairly loose 
dimensional tolerance was desirable. 

The lug that was bolted to the arm web and 
tied to the piston had a margin of safety of 2.1 
in shear and 1.6 in tension. The piston clevis 
pin which mated with the lug was 4130 cold- 
drawn steel having a margin of safety of 2.5 in 
shear and 4.7 in tension. Other detail parts 
were stressed similarly. 


Vibration Stress 


For vibration, the arm was again treated as a 
simple beam and the transverse input of 11.8 g 
random vibration used for load criteria (Figure 
3-27). Checking various points along the arm, 


11.8 ¢ 


the maximum flexure stress was found to be 
10,000 psi, resulting in a margin of safety of 3.6. 
Using the endurance limit, the margin was re- 
duced to 1.8, based on 5X10’ cycles. However, 
this level of input is reached only during ran- 
dom transverse testing for four minutes in each 
axis, and not enough cycle reversals occur to 
justify this rating. 

The vibrational loads are directly transferred 
to the pin connections on the linkage. The 
stresses were calculated and the minimum mar- 
gin of safety involved was found to be 4.3. 


Figure 3—-27.—Equivalent beam load. 


Figure 3-28.—Spin acceleration loading. 


Spin Acceleration Stresses 


During spin acceleration of the third stage 
booster, the arm hinges were loaded in shear 
as shown in Figure 3-28. The spin accelera- 
tion was specified by Douglas Aircraft Company 
to be radians per second per second. The 
margin of safety for the hinge pins in shear 
was calculated to be 5.0. 


Hydraulic System Stresses 


The tie bolts were 303 stainless, the cylinder 
was 304 stainless, the end caps were 2025-T4 
aluminum, and the piston was 416 stainless 
steel. 

Based on a maximum load of 5000 psi 
internal pressure, and the yield strength of 
the materials involved, the detail parts had 
the following margins of safety: 

Tie bolts__._..__.. 1.28 (tension) 


Cylinder_._._____ 1.07 (burst) 
Aluminum ends___ 12.2 (shear about O-rings) 


Fabrication 


Considerable difficulty was encountered in 
the fabrication of the arms, resulting in a 
major design change. 

The original design utilized aluminum tubing 
as structural members and had an all-welded 
construction. Assembly weld jigs were made 
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and the first set of arms was procured from an 
external source. To maintain the required 
strength, these arms were heat treated after 
welding. 

The first set was tested on a dummy wheel 
model on a spin table. It showed that the 
web area where the damper piston attached to 
the arm was weak. The web was reinforced 
and further tests proved successful. Addi- 
tional welded arms were ordered from suppliers 
and when received were found to be warped 
and out of tolerance. A new source was tried 
with the same result. It was found that warp- 
age occurred primarily in the heat treating 
operation. 

At this point, the design was changed to 
an arm fully machined from plate stock. In 
redesigning, the same section modulus and 
weight were maintained for a different geome- 
try. Fabrication proceeded without further 
trouble, and the arms produced were uniform 
and within tolerance specification. Further 
tests were made to fully qualify the latter 
design. 

No difficulty arose in the fabrication of other 
parts of the system except for the insulated 
tie member between the linkage and the wheel. 
First, an insulated bushing system was tried, 
but this allowed too much electrical capacitance 
between the charged linkage and the grounded 
wheel. Then a fitting in the form of a tee 
was made from laminated fiberglass board. 
This, however, was not strong enough in shear 
across the laminations. 

Finally, a design was incorporated using 
fiberglass epoxy laminations where the lamina- 
tions were not in shear (Figure 3-29). A 
heated, closed metal mold was used to produce 
the section desired. The electrical and me- 
chanical performance was satisfactory. 
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FicuRE 3-29.—Laminated tee section. 


Chapter 4 


CONTROL SYSTEMS 


INTRODUCTION 


The basic approach to the problem, that of 
providing a stabilized solar-oriented space 
platform from which scientific instruments 
can continuously monitor the sun, was to 
utilize the inherent gyroscopic stability of a 
rotating body and to orient a separate structure 
which could be shaft-mounted to the spinning 
body. The separate structure could then be 
oriented to the sun by means of a gimballed 
axis arrangement. The control problems then 
were: 

1. Control the rate of spin of the rotating 
body and the orientation of the spin axis of 
the rotating body with respect to the sun. 

2. Control the gimballed axis orientation 
of the oriented structure with respect to the 
sun. 

Problem (1) was solved with gas control 
systems for spin-rate maintenance and for 
spin-axis orientation. Problem (2) was solved 
with electrical servo-mechanisms, one for each 
of the two gimballed axes, deriving orientation 
information directly from the sun. The fol- 
lowing paragraphs describe in a general way 
how the control systems performed the orienta- 
tion task. The remainder of this section 
describes in detail the control system parame- 
ters, design, and mechanization. 

The OSO I spacecraft utilized the entire 
vehicle as a controlled platform. Coarse 
elevation or pitch control of the platform was 
accomplished by the ON/OFF pitch gas control 
system. By exhausting nitrogen gas through 
nozzles mounted on the stabilized upper section, 
torques of either sense were produced about 
the roll axis. These torques, which were 
applied when the spacecraft upper structure 
was oriented, precessed the spacecraft spin 


89 


axis about the pitch axis. The pitch gas 
control system maintained the spin axis perpen- 
dicular to the solar vector within about three 
degrees. No control about the roll axis (sun 
vector) was provided, but rates about this 
axis were slow due to the rigidity of the gyro. 

Fine elevation positioning of the pointed 
instruments was accomplished by an electrical 
servo called the elevation servo. The elevation 
servo motor was mounted on the casting which 
supported the pointed instruments. 

Prior to third-stage engine firing, the entire 
third stage and spacecraft with arms in the 
stowed condition were spun up to approxi- 
mately 120 rpm by a system of small rocket 
motors. This spin-up started the operation 
of the spacecraft sequencing timer at zero 
time. 

At approximately 100 seconds (sequencer 
time), and after third-stage engine burnout, 
the arms were released and, due to centripetal 
force, raised and locked in the extended posi- 
tion. Shortly after this time, the spacecraft 
was separated from the third stage. 

At 200 seconds the spin rate of the spacecraft, 
with the wheel and upper section mechanically 
latched together, was reduced to approximately 
30 rpm by the action of the despin jets, located 
at the ends of the arms. After completion of 
this despin, the despin system was permanently 
deenergized. 

Turn-on eyes, a set of six eyes mounted on 
six of the nine sides of the wheel, were used to 
actuate electrical equipment each time the 
spacecraft emerged from the earth’s shadow. 
The same eyes were used to turn the electrical 
servos and the pointed experiments off during 
the satellite night. 

This spin rate was maintained within +5% 
of nominal value by spin-up jets located at the 
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ends of the extended arms. The jets were 
actuated by a signal from the electronic spin 
control system which computed the instantaneous 
period of rotation of the wheel relative to the 
sun. The primary sensors for this system were 
two spin eyes connected in parallel and mounted 
on the rotating wheel. The spin eye output 
was a narrow pulse generated as the eye swept 
past the.sun once per wheel rotation. 

At 400 seconds (sequencer time), the azimuth 
release squibs and the mutation damper release 
squibs were fired and power was applied to the 
azimuth servo. 

The azimuth servo actuating the azimuth 
DC torque motor drove against the wheel to 
despin the upper section and point it at the 
sun. The azimuth servo position error signals 
originated from two types of detectors. These 
were coarse eye detectors and fine eye detectors. 

There were four coarse eye detectors, each 
having a 90-degree field of view, giving a full 
360 degrees of position control about the spin 
axis. They were mounted to the solar array 
support structure and had a stable null perpen- 
dicular to this structure and an unstable null 
in the antisolar direction. Their field of view 
was limited to 15 degrees above and below a 
plane perpendicular to the spin axis. This 
limiting of the coarse eye field of view eliminated 
the periodic signals caused by sunlight reflecting 
into the coarse eyes from the three rotating spin 
gas bottles and reduced any reaction that could 
be caused by the earth’s albedo. This also 
means that the spacecraft could not acquire the 
sun if its spin axis exceeded 15 degrees from a 
plane perpendicular to the solar vector. 

The composite coarse eye amplitude curve 
was such that its first derivative provided a 
favorable despin signal for approximately 80 
percent of an upper structure rotation. As the 
upper section spin rate was reduced to zero, 
the coarse eyes point the upper section to within 
2 to 3 degrees of the solar vector. This acquisi- 
tion of the sun had to be accomplished every 
spacecraft dawn. 

Coarse pointing of the upper section per- 
mitted the operation of two additional systems: 
the azimuth fine servo control system and the 
pitch control system. 


The pitch control eyes were detection units 
for the pitch control system. This block of four 
eyes was mounted on the side of the stabilized 
upper structure facing the sun. An 8-second 
time delay was incorporated into the pitch 
control circuitry to insure that the upper section 
was pointed at the sun before using pitch gas. 
For these conditions, and with the spacecraft 
spin axis exceeding 3 degrees from the normal to 
the solar vector, one of these eyes turned on the 
appropriate jet to precess the spacecraft back 
toward the correct position. Two of the eyes 
were needed for this function, one of either 
sense. The other two eyes turned off the jets 
whenever the spacecraft attitude had been 
overcorrected one degree in the opposite direc- 
tion. 

An unstable condition could have resulted 
without a time delay in the pitch control system. 
This could have occurred for a situation in which 
the upper structure was pointed at the sun and 
the spacecraft had a large nutation or wobble 
angle, such that the eyes would call for pitch 
correction during only part of the wobble period. 
The gas was called for when the spacecraft spin 
axis was at its maximum error relative to the 
solar vector. If no gas was used and if the 
nutation damper should have failed to work, the 
maximum error would have remained the same. 
With the nutation damper working properly, 
the wobble or nutation amplitude was reduced 
to zero and no problem existed. If pitch gas 
was expended only near the portion of maximum 
error, the amplitude of any wobble or nutation 
was increased for each impulse of pitch gas and 
the spacecraft spin axis nutated in an ever- 
widening cone. The time delay, as noted 
above, prevented pitch gas being expended un- 
less the upper section was oriented, and further- 
more prevented an unstable condition if the 
nutation damper should have failed. 

At the time that the coarse azimuth servo 
had pointed the upper section to within 2 to 3 
degrees of the solar vector, a disabling eye 
mounted on the pointed instruments actuated a 
relay that turned the coarse control off, leaving 
the azimuth positioning servo with fine eye 
control only. 

The disabling eye had a field of view of 
+6 to +8 degrees in both the azimuth and ele- 
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vation directions. A 1- to 2-second time delay 
was used in conjunction with the disabling cir- 
cuit to prevent transients in the coarse servo. 
These transients would have resulted if the 
servo were disabled for a short time each time 
the upper structure faced the sun during 
acquisition. 

The coarse servo was disabled during the 
fine pointing mode in order to eliminate the 
errors caused by the coarse eyes seeing the earth 
and those errors caused by differences in null 
position between the coarse and fine eyes. 

There were two azimuth fine eye detectors 
with a field of view of +10 degrees. The eye 
amplitude curve away from the null position had 
been shaped to minimize hunting during acqui- 
sition when large initial position errors and 
velocities were encountered. 

The azimuth fine servo positioned the pointed 
instruments to within one arc minute of the 
center of the sun. Long-term accuracy was 
better than 2 minutes of arc. 

After the nutation damper was unlocked at 
400 seconds (spacecraft sequencer time) and 
the upper structure was oriented at the sun, 
the nutation damper damped out nutation due 
to the wobble caused by the burned-out third 
stage, the unsymmetrical thrust of the separa- 
tion spring, and the unsymmetrical motion of 
the arms as they were released and swung out. 
A nutation of several degrees, which could 
have been caused by these effects, would have 
caused high power usage by the servo system 
and therefore had to be quickly removed. 

The nutation damper was provided to remove 
these undesirable motions. The damperworked 
on the principle that if energy is removed from 
a freely rotating body, the body tends toward 
a rotation about the axis of maximum moment 
of inertia. This axis was made to coincide 
with the azimuth shaft axis by careful balance 
before launch. 

The nutation damper was mounted to the 
oriented upper section on the azimuth shaft 
axis and consisted of a tuned pendulum moving 
in silicone oil. The frequency of the pendulum 
determined by the mass of the bob and the 
spring constant and length of the sire, was 
tuned to coincide with the nutation frequency. 
The damping constant was small so the bob 
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moved through large amplitudes for small nu- 
tations. The damper was very effective for 
nutations small enough that the bob did not 
hit the walls of the container (less than % 
degree). For these small amplitudes the damp- 
ing time constant was about 10 seconds. At 
greater amplitudes the damping rate appears 
to have been a constant of approximately one 
degree per minute. 

Another cause of nutation during the regular 
orbiting condition was the unbalance of the 
pointed instruments due to the movement of 
internal photodetector scanning mechanisms. 
The detectors were placed at some specific point 
for ground checkout balance of the spacecraft. 
However, during orbit operation, the detectors 
moved from the balance position. No nutation 
occurred during the time the instrument was 
pointed at the sun, but as soon as the pointing 
control turned off at night and the upper struc- 
ture began to spin, a dynamic unbalance 
occurred that caused a wobble. When the 
servo controls pointed the experiments at the 
sun the next spacecraft day, the wobble was 
then converted to a nutation which had to be 
damped out. 

At 800 seconds (spacecraft sequencer time) 
the elevation gimbal was released and the ele- 
vation servo pointed the instrument in elevation. 

The fine eyes for the elevation servo were 
mounted to the pointed instruments and were 
the same type as the azimuth fine eyes. There 
were no elevation coarse eyes since the pre- 
cession control system provided the coarse 
elevation control. 

The Orbiting Solar Observatory is shown in 
Figures 4-1 and 4-2. Figures 4-3 through 
4-8 show the launch sequence events and sche- 
matic representations of the various subsys- 
tems as they were integrated into the spacecraft 
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Servo Analysis 


There were two independent servo systems, 
one for azimuth control of the upper structure 
and one for elevation control of the oriented 
instruments. 

The azimuth servo operated about the spin 
axis of the spacecraft and was used to hold 
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Figure 4-1.—Orbiting Solar Observatory (OSO I). 


the oriented upper section fixed in space by 
driving against the rotating wheel. The ele- 
vation servo had only to rotate the instruments 
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Figure 4—2.—Orbiting Solar Observatory systems. 


a few degrees in a plane containing the solar 
vector and the spin axis. The azimuth fine 
servo and the elevation servo were almost 
identical. 

An azimuth coarse servo was required about 
the azimuth shaft since the upper section spun 
up at night. This meant that the azimuth 
servo had to be able to acquire the sun from a 
spinning start. The coarse mode servo was 
required to give proper error signals from 
all possible sun angles about the azimuth axis 
and to bring the upper section into the oper- 
ating region of the fine detectors. 

The azimuth coarse servo was designed to 
acquire the sun from a spinning start with the 
spacecraft spin axis +15 degrees from the 
normal to the solar vector. This value was 
selected because of the +10-degree tolerance 
orientation at orbit 
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Figure 4-3.—OSO I flight sequence. 


The coarse servo eyes, therefore, had to 
have a 360-degree field of view about the spin 
axis and a +15-degree field of view perpen- 
dicular to the spin axis. The field of view of 
the unshielded coarse eye was +90 degrees in 
the latter direction. Shields were installed 
to permit an unobstructed view of the sun 
at an angle of +15 degrees and to occult the 
sun at angles greater than +25 degrees. 
This arrangement permits the coarse eyes to 
see the sun throughout the design range and 
limits their view of the earth to the maximum 
possible extent. 

The object of this, of course, was to make the 
sun the brightest object to the coarse eves so 
that the sun would be acquired and not the 
earth. Even though this problem arose only 


during the first acquisition immediately follow- 
ing third-stage separation, it was still serious. 
If the earth were acquired, the pitch control 
system would precess the spacecraft spin axis to 
a position perpendicular to the earth’s local 
vertical. The spacecraft spin axis would be 
precessed so far out of perpendicularity to the 
solar vector that acquisition of the sun at the 
following dawn would be highly unlikely. 

The azimuth fine eyes had a field of view 
limited to +10 degrees. Beyond this range, 
the inputs to the azimuth system consisted 
entirely of the signals from the coarse eyes. 

At the start of acquisition both the fine and 
coarse servos were in operation. The coarse 
servo despun the upper structure and oriented 
it at the sun to within +3 degrees (within the 
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Figure 4-4.—OSO I control systems. 


fine eye field of view). If the upper structure 
maintained this orientation for a period of 3 
seconds, the input signal from the coarse 
eyes was disconnected. This action was accom- 
plished by a time delay circuit activated by a 
target eye having a +6- to 8-degree field of 
view in azimuth. The fine azimuth servo then 
pointed the experiment package to within +10 
degrees of the sun. 

Disconnection of the coarse eyes eliminated 
pointing errors which might have resulted from 
coarse eye unbalance due to stray light from the 
earth or reflections from the spacecraft. 

The elevation servo was required to work over 
a maximum range of +5 degrees because of the 
active control of the spin axis orientation. The 
fine elevation detectors have a field of view of 
+10 degrees which eliminated the requirement 
for an elevation coarse control mode. 
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The mechanical constants of primary im- 
portance in the servo design were friction, 
moment of inertia, and the motor damping. 

The moment of inertia of the upper structure 
about the spin axis of the spacecraft included 
the moment of inertia of the experiment pack- 
age which could rotate about a pitch axis 
perpendicular to the spin axis. For a rotation 
of y about this pitch axis, the contribution of the 
experiment package to the moment of inertia 
about the spin axis was reduced by the factor 
cos? y. Since the pitch rotation was limited to 
+5 degrees and the square of the cosine of 5 
degrees is 0.993, the moment of inertia about the 
spin axis was constant to within 1 percent. 

The friction present was the coulomb friction 
due to bearings, slip ring, and motor brushes. 
This friction was relatively constant in magni- 
tude, and its sign opposite to that of the angular 
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Figure 4-5.—Gas control systems. 


velocity. The value of the coulomb friction for 
the azimuth system was approximately 0.05 
lb-ft. 

A torque motor was selected as the actuator 
because it could be connected directly to the 
azimuth shaft, thus eliminating the need for 
gearing with the attended problems of backlash 
and imcreased friction. The torque motor also 
had a high efficiency. 

A 1.8-lb-ft (364-0z-in.) motor was selected. 
The motor, with the spacecraft voltage available, 
produced a maximum of about 0.54 lb-ft of 
torque. It provided a dynamic range (i.e., the 
ratio of full output torque to friction torque) of 
10 and was a convenient size mechanically. 
The time to acquire the sun with this motor 
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operating with a full output despin torque and a 
duty factor of 0.6 was 


t= a 8, 
- 3 lb-ft-sec? ] [ rad 
(0.540.6) Ib-ft_] |.” sec 
~30 sec 


In writing the overall transfer function, it is 
assumed that the eyes and the amplifiers were 
not frequently sensitive in the frequency range 
of interest. The frequency range of interest 
was below 100 eps, and the frequency response 
of the solar-cell eyes and amplifiers was flat 
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Figure 4-6.—Wheel electronics systems. 


for frequencies several orders of magnitude 
greater than 100 cps. 

To obtain the open-loop transfer function, we 
note that the equation of motion for a body 
rotating about an axis with coulomb friction 
opposing the velocity of the body is given by 


P d 
I, Gp (6) =—Ka 5 (0) (4.1) 


where 
7,=moment of inertia of the body about 
the axis of revolution 


o=angular position of the body 
Aau=motor damping constant 


In an effort to control the motion of the body, 
a control torque, 7.(f), and gain, K, are 
introduced, 


where 


T(t) - i Li(t—r)W (r)dr (4.2) 


and 


#,(t)=the input to a filter 
W (t) =the weighting function of the filter 


With the addition of a control torque, Equation 
(4.1) becomes 


a d -(' 7 a * ; 
(1. Sat Ka 560K Ey(t—1r)W(r)dr_ (4.3) 


The Laplace transform of Equation (4.3) is 
s(I,s+ Ka)oo=KSOIW (SE )] 


=c(s)in(S) (4.4) 


where c(s) is the transfer function of the com- 
pensating networks needed to stabilize the 
system and ¢;,(s) is the Laplace transform of 
the input to the compensating network. 
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Figure 4~-7.—Solar-oriented experiments. 


The open-loop transfer function becomes 
go(s) -# l 
din(S) 7) 
Me(s45 


The fine and coarse azimuth servos were to 
have a pointing accuracy of 1 minute and 2 
degrees, respectively. To make this possible, 
an angular deviation of 1 minute and 2 degrees 
had to produce a torque at the out put sufficient 
to overcome the coulomb and viscous friction. 


-¢e(s) (4.5) 


Thus, we have 


K,—(2% lb-ft+0.015 Ib- *) (& es 


2 min deg 


(oe 


= eal 3 lb-ft/rad 


=111.7 


Q7 


and 


‘180 deg 
( 7 rad 


3 0.05 lb-ft +0.015 lb-ft 
K=( (2 deg) (0.966) )( 


=1.93 lb-ft/rad 


for the minimum fine and coarse azimuth gains, 
respectively. The factor 0.966 in the denomi- 
nator of the latter equation was introduced to 
account for the reduced eye gain at 
degrees away from the sun. 
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Azimuth Servo 

The simplified equations of motion of the 
wheel and upper structure about the azimuth 
shaft are 


Ip’o=—T (4.6) 


1. po n=T (4.7) 
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where 


es d 
dt 
Z=the moment of inertia of the upper 
structure 
Zo=the moment of inertia of the wheel 


o=the of the 


structure 


azimuth angle upper 


go- 


T =the torque applied between the two 


the azimuth angle of the wheel 
sections 


Inclusion of the torque motor on the azimuth 
shaft results in the equations 
P(t) = 


—Kiplo(t) —¢6(t)|—Tr—e (4.8) 


l p'ba(t) = Kaplo(t)—.(t)|4+Trt+e (4.9) 


where K, is the torque motor damping constant ; 
Ty is the torque due to the friction of the bear- 
ings, torque motor brushes, the slip rings; and 
c is the control torque. The control torque, c, 
is given by the expression 


¢ -K (EP *) $(t) 


mel (4.10) 


where A is the torque gain and 7,p+1/73p+ 1 
is the equalization function. Substitution of 
Equation (4.10) into Equation (4.8) and (4.9) 
yields 


-T1pt+l 


Ipo(t)=—K ~~ o(t)—Kaplo) —¢.()|— Tr 
top +1 


(4.11) 


mp+l 


$(t) + Kapld(t) —bo(t)]+ Tr 
Top +1 


(4.12) 


lL. post) =K 


98 


. CONTROL SYSTEMS 


[erst D 45 (147) ses 


+(ns+1) | 60)=—-(2) tile (ro6-+1) 
+42 (147) Gott tn |oO+ G+) 
lz oH (A+ | are rob (0) (4.13) 


Equation (4.13) shows that the upper section 
is stabilized with respect to inertial space. 
The errors in the servo system were due to the 
frictional torque and the initial velocity of the 
upper secticn at each spacecraft dawn. 

By use of the final value theorem, it is seen 
that the servo error due to the friction torque, 
Tr, is given by the expression 


and the error due to initial velocity (or motor 
damping) is given by 


so=(1 “F ue ¢(0) 


(4.14) 

The value of K for the azimuth servo (fine 
mode) is 250 lb-ft/rad; the friction torque of 
the bearings, slip rings, and motor brushes is 
approximately 0.05 lb-ft; and the motor damp- 
ing constant, Ky, is 0.038 Ib/ft/sec. The 
moments of inertia J and J, are 2 and 24 slugs, 
respectively. 

Therefore, the errors due to the frictional 
torques and motor damping are 0.60 and 1.55 
minutes of arc. These errors are, however, 
of a particular sign. During control system 
testing, these errors were biased out so that 
the actual pointing errors due to friction and 
motor damping were caused only by deviations 
from the biased value. The following is a 
block diagram of the azimuth servo. 


In the block diagram the following notation 
is used: 
Ky=eye gain (ua/rad) 
K,=DC amplifier gain (volts/ua) 
K,=power amplifier and torque motor 
gain (b-ft/volt) 
K=K,;K,K,=250 |b.ft-rad 
Tr=friction torque=0.05 Ib-ft 
Kz=motor damping=0.038 lb-ft-sec 
J=moment of inertia of upper section 
about the spin axis 
Iw=24 lb-ft-see ? 
7,==lead time constant (sec) 
t2=lag time constant (sec) 


The open-loop transfer function for the 
block diagram can be written as 


K(ns+ 1) 
Kals(ras +1) get 1) 


Ge)= (4.15) 


The lead-lag equalization network readily 
stabilizes this system; however, it was found 
in development of the control system that 
structural resonances significantly altered the 
control open-loop transfer characteristics. The 
dominant resonance at 29.5 cps had ampli- 
fication of approximately 40 db, which was 
sufficiently high to cause instability when the 
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requisite gain was used. To cure the problem, 
a high-frequency roll-off filter was introduced 


GA(s)= 


in the control error channel. 


K(0.225s-+1) 


The resultirig 
controller transfer function, G,(s), was 


The Bode plot of this transfer function and the 
measured fréquency response of the flight 
hardware are shown in Figure 4-9. 

The Bode plots of the total loop transfer 
function, including the controller character- 
istics and the structural resonances, are shown 
in Figure 4-10. To obtain this plot, a linear 
power amplifier was used instead of the pulsed 
power amplifier. 

The gain margin of the linear system is 
shown to be 7 db. The gain margin of the 
actual system correlated closely with the 
linearized model. The fast roll-off of the con- 
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Figure 4~10.—Linearized azimuth servo bode plot. 


(0.0115s+1)[1.35(10~7)s* +. 6(10-5)s?+2.18(107*)s+1] 


(4.16) 


troller filter succeeded in attenuating suffi- 
ciently the resonant peaks. 

The azimuth coarse mode used the same 
roll-off network that was used for fine. The 
lead-lag equalization and the system gain 
were different, however. The lead-lag net- 
work can be represented as 


The Bode plot of the actual flight hardware 
equalization, including the roll-off network, is 
shown in Figure 4-11. 

The torque gain for the coarse mode was 
nominally 50 Ib-ft/rad. 
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Figure 4-11.—Azimuth coarse mode equalization. 


Elevation Servo 

Simplification of the equations of motion as 
given in Chapter 2 (see Equation (2.59)) results 
in the equations 


[peok eae CAL pesaris. in 

, pt+l 
Inp'(e—a)=—K OS (e—a)—Kyp(e—a)—Tr 
(4.18) 
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The solution of the above equations is given by 


[Zey8%(ras +1) + Kao ra6-+ 1) +K (nist) ]le(8) als) =— 2 (r06-+1) +LLaye(r06 +1) 


+Kj(res+1)+ Kr ][e(0)—a(0)]+[L2,(728+1) + Karalle (0)—a&(0)]+ Iz,r2f€(0)—a(0)] (4.19) 


At each satellite dawn, ¢(0)=a(0)—é(0) 
=a(0)=0, and the servo error is given by 


Ty 


€c-a = FF 

The servo error for a Ty of 0.05 lb-ft and a gain, 
K, of 150 Ib-ft/radian is approximately 1 
minute of are and, unlike the azimuth servo, 
cannot be biased out. 

The elevation servo block diagram is identi- 
cal to that of the azimuth servo except that 
the motor damping input from the wheel does 
not exist. 

The parameters used on the elevation servo 
are as follows: 


K=150 |b-ft/radian 

Ky=0.015 Ib-ft-sec 

I, =1.3 lb-ft-sec? 
7:=lead time constant=0.22 sec 
72=lag time constant=0.016 sec 


A Bode plot of the elevation loop using these 
parameters and a 20-db structural resonance is 
shown in Figure 4-12. The phase margin with 
nominal gain is 58 degrees. 


Mechanization of the Electrical Control System 


The servo control for orienting the instru- 
ments to the sun operated about two orthogonal 
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axes, the azimuth axis and the elevation axis. 
The two servo systems were independent of one 
another, but were nearly identical. The azi- 
muth servo system was slightly more compli- 
cated because of the large acquisition angles 
required. It operated about the azimuth of 
spin axis of the spacecraft and was used to 
hold the oriented section fixed in space by 
driving against the rotating wheel. The eleva- 
tion servo rotated the instruments a few 
degrees in a plane containing the solar vector 
and the spin axis. 

A block diagram of the aximuth servo system 
is shown in Figure 4-13. Error signals pro- 


DRIVER 


Figure 4-13.—Azimuth servo block diagram. 


duced by the coarse and fine optical eyes, i.e., 
error detectors, were sent to the coarse and fine 
preamplifiers and then through appropriate 
lead-lag stabilization networks. If the error 
angle was large, the coarse eyes with their 
360-degree field of view were connected into the 
circuit along with the fine eyes. When the 
error angle was less than 5 degrees, the coarse 
eyes were then switched out of the circuit and 
only the fine eyes exercised control. 

The error signal was chopped by a solid-state 
chopper at 2 ke, amplified at that frequency and 
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demodulated by a solid-state demodulator. tion and azimuth position controls. Support 
The amplifier then fed the pulse-width modu- — elements such as the readout amplifiers are also 
lator, which converted the dc error signal to a _— discussed. The packaging techniques used on 
pulse train in which the pulse width was pro- __ the electronic circuits of the control system are 
portional to the amplitude of the error signal. _ illustrated in Figures 4-14 through 4-17. 


The repetition rate of the pulse-width modulator 
was about 55 pulses per second. 

The pulse-width signal drove a power ampli- 
fier and transistor bridge which, in turn, drove 
the motor. The transistors in the bridge were 
either saturated or cut off by the pulse-width 
signal so that very little power was dissipated 
in the bridge. 

The motive element was a dc torque motor 
using a permanent magnet field. This type of 
motor delivered large torques directly to the 
output shaft. The elements mentioned briefly 
above will now be discussed in more detail. 


Electrical Control Hardware Description 


The following discussion presents the theory 
and method of operation of each of the func- 
tional elements used in mechanizing the eleva- 
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Figure 4-15.—Wheel electronics package. 
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Error Detectors 


Three types of eyes were used in the OSO 
servo system: coarse eyes, disabling eves, and 
fine eyes. Coarse eyes were used for coarse 
pointing and acquisition; disabling eyes were 
used to switch the azimuth coarse servo off; 
and fine eyes were used for accurate pointing. 

Coarse Eyes—The coarse eyes each had a 
characteristic curve approximating a cosine 
curve. In OSO I, the four coarse eyes were 
arranged as shown in Figure 4-18, using shadow- 
ing masks to modify the cosine curve into that 
shown in Figure 4-19. This arrangement pro- 
vided an error signal with a stable null toward 
the solar vector and an unstable null in the 
antisolar direction. In addition, the arrange- 
ment was specifically designed to aid in solving 
the acquisition problem. At spacecraft dawn, 
the oriented section (sail) was spinning at the 


Figure 4-17.—Pulse width modulation circuit. 
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Figure 4-18.—Arrangement of the OSO I coarse eyes. 


same angular velocity as the wheel section. 
Because of this, the sun had to be acquired each 
spacecraft morning by stopping the sail. Since 
the motor torque was not sufficient to stop the 
sail in a half revolution, a signal was needed 
that would provide a stopping drive for a large 
portion of a rotation. A rate gyro would, of 
course, have been an ideal type of device for 
generating such a signal, but the power con- 
sumed and the reliability problem with such a 
device would not allow its use. By shaping 
the coarse eye output curve as shown in Figure 
4-19, the error rate damping (lead network) 
generated signals which provided sail despin 
torques over an appreciable percentage of a 
revolution. 

The azimuth coarse servo was able to orient 
the upper section to the sun to an accuracy of a 
few degrees. When this was done the upper 
section was stopped and coarsely oriented. 
The fine eyes, which had a 10-degree field of 
view, were then able to see the sun and to orient 
the instruments more precisely. 

Disabling Eye—When the servo had settled 
down in the fine-eye region, the coarse eyes 
were no longer necessary and, if left in the 
system, they would have contributed errors in 
the pointing. The errors were caused by signals 
due to the earth’s albedo and to the difference 
in the coarse and fine eye null positions. A 
disabling eye actuated the switch disconnecting 
the coarse eyes from the circuit when no longer 
needed. The disabling eye was identical to a 
fine eve in construction except that the reticle 
was rectangular aperture. The angular 
characteristics of a disabling eye are shown in 
Figure 4-20. A time delay of 2 to 3 seconds 
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Fieure 4-20.—Angular characteristics of disabling eye. 


was provided with the switch so that switching 
would not continually take place during the 
initial acquisition. 

Fine Eyes—The fine eyes for both elevation 
and azimuth were mounted directly on the 
pointed instruments. Fine-eye detectors pro- 
vided the error signals for the final servo control 
of the instruments pointed at the sun. Two 
eyes differentially connected were required to 
exercise control about a single axis. 

Figure 4-21(a) shows the angular character- 
istics of the fine eye. The combined field of 
view of an eye pair was a cone with a half-angle 
of nearly 10 degrees. If the conical field were 
cut by a plane passing through the axis of 
symmetry, the resulting half-cones would cor- 
respond to the field of view of the individual 
eyes. In practice, the half-cones were slightly 
lapped, or toed-in, in order to linearize the re- 
sponse of the pair through the zero position 
(see Figure 4-21(b)). 

The major components of this detector were: 
un objective lens, reticle, filter, back aperture, 
and silicon-cell detector, as shown in Figure 
4-22. The objective lens was a plano-convex 
lens with a back focal distance of 0.320 inch. 
Its purpose was to project the image of the solar 
dise on the surface of the reticle. 

The reticle was vacuum deposited on the 
front surface of a deep-red glass filter dise and 
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Figure 4—21.—Fine eye response. 
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Figure 4-22.—Fine eye assembly. 


was in the form of a knife edge, the region to 
one side of the edge being opaque (see Figure 
4-23). 
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The deep-red filter was used so that the pass 
band accepted by the detector would fall in a 
natural window in the atmosphere. The cutoff 
point of this filter on the low side was approxi- 
mately 0.60 micron, below which there was 
severe atmospheric attenuation. The filter 
therefore permitted ground testing of servo 
systems to establish loop gains which changed 
less than 20 percent for operation outside of the 
atmosphere. 

The back aperture controlled the output 
from errors between 1 degree and 10 degrees 
in such a way that overshooting was mini- 
mized for large initial position errors. 

The lens and reticle were staked into the same 
piece of metal so that no possible shifting could 
occure as a result of vibration. The cylindri- 
cal tube mount of the objective lens was de- 
signed so that it could be deformed by a special 
adjusting tool to achieve a borasight adjust- 
ment of the detector. In these eyes, 0.0001- 
inch movement of the lens corresponded to a 
minute of angle, thus the importance of a fixed 
alignment between objective lens and reticle 
is apparent. 

Photo Cells—The photo cells used in the 
coarse and fine eyes were small silicon solar 
cells. The silicon solar cell has excellent 
characteristics for use in such an application. 
The time constant is small (microsecond); the 
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output current is linear with light level and the 
photosensitivity is very stable. 

To have the current output linear with light 
level, and to minimize changes with tempera- 
ture, it was necessary to use the cell as a short- 
circuit current generator. For this size cell and 
expected cell illumination levels, the short circuit 
current characteristics would be obtained if 
the load is less than about 100 ohms. The 
preamplifier following the eyes was a grounded 
base amplifier which had an input impedance 
of about 80 ohms. 

The type of photo cell used in the disabling 
eye was a Clairex CL~7 cadmium sulfide cell, 
a photo-resistive device. 


Drive Motors 


Both servos used de torque motors as driv- 
ing elements. These large-diameter pancake 
motors delivered large torques directly to the 
output shaft without the use of gears. The 
azimuth motor provided a peak torque of 
0.83 lb-ft, and the elevation motor, 0.47 lb-ft. 
Since the motors and drive system were di- 
rectly exposed to vacuum, the elimination of 
gears was very important. A serious problem 
with this type of motor was m the use of brushes 
exposed to vacuum. However, by treating 
the brushes with a special lubricant it was 
possible to run these motors for several times 
the required number of revolutions in a vacuum 
of 2X10-8 mm Hg with negligible brush wear. 

At the normal spin rate used for the space- 
craft wheel section, the back emf of the torque 
motors produced no effect other than a re- 
duction of the net drive voltage by a small 
amount. The back emf produced no appreci- 
able servo damping. 


Readout Amplifiers 


The readout amplifiers were part of the 
monitoring system and provided information 
from which the pointing error angle of the servo 
was determined. These amplifiers were re- 
quired to determine the azimuth and elevation 
pointing angles to within +20 seconds of are. 

The azimuth and elevation pointing angles 
were measured by employing two fine-eve solar 
detectors. A fine-eye detector consisted of two 
silicon solar cells mounted as shown in Figure 
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4-22 and connected such that a linear-output, 
short-circuit current was provided over the 
range of +30 minutes of arc (see Figure 4-21). 
The most important electrical consideration in 
regard to obtaining accurate readings from a 
fine eye was that it operated into a very low- 
impedance load, i.e., a load approaching a short 
circuit. 


CURRENT GENERATOR 
PROPORTIONAL TO 
TOTAL LIGHT FLUX 


Figure 4-24.—Equivalent circuit of a solar cell. 
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Figure 4-25.—Forward characteristics of a silicon 


diode. 


Figure 4-24 shows an equivalent circuit of a 
single solar cell. Typical forward characteristics 
of the shunt diode are shown in Figure 4-25. 
It can be seen that a portion of the current from 
the current generator will be diverted by the 
diode depending upon the voltage developed 
across the diode. The accuracy requirements 
of the monitor were such that the diverted 
current had to be less than 1 percent of the 
generator current. This meant that for a peak 
current of 1.7 milliamperes, the current through 
the diode had to be less than 17 microamperes. 
By using a forward characteristic curve plotted 
for maximum operating temperature, the volt- 
age required to cause 17 microamperes to flow 
through the diode and source resistance was 
determined to be 150 millivolts. Therefore, 
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Figure 4-26.—Schematic of readout eye amplifier. 


the amplifier impedance had to be less than 
0.150 volts/1.7X10-? amp, or 88 ohms. 

A common-base configuration was chosen for 
the input amplifier in order to obtain the 
necessary low-input impedance. Figure 4-26 
shows the schematic diagram. The input 
impedance of this circuit was 50 ohms. The 
circuit parameters were chosen such that the 
amplifier output was 2.5 volts for a zero eye 
current and the output ranged from zero to 
five volts, depending on the magnitude and 
polarity of the eye current. The diode, CR1, 
was used to nullify the transistor base-to-emitter 
voltage drop to keep the voltage between the 
input terminals less than 15 millivolts over the 
temperature range, 0° C to 50° C. 

A zener diode was used to supply the reference 
voltage of the common-base circuit. This diode 
was selected to have a value of temperature 
coefficient of voltage change which would tem- 
perature-compensate the amplifier circuit. Us- 
ing a 6.8-volt zener with a + 5-percent tolerance 
resulted in amplifier output drift of a little less 
than +0.5 millivolts per degree centigrade. 

One problem with this amplifier was its 
output sensitivity to variations in supply 
voltage. This sensitivity was due to the 
dynamic impedance of the zener diode. Nega- 
tive feedback provided by the emitter resistor 
solved this problem. 

The input impedance of the amplifier can be 
derived using the equivalent circuit, Figure 
4-27, where it is assumed that the biasing 
resistor, /?,, is large compared to the other im- 
pedance to ground from that input node, and 
that R, is small compared to the r, of the 
transistor. 
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Figure 4-27.—Equivalent circuit of a readout amplifier. 


The input impedance seen by the eye is Adding Equations (4.22) and (4.23) gives: 
E _ 1 
z—% (420) 0=—I(RetZ) +1] (Retrety ts) (ot Z| 
(4.24) 
To find J, the loop equations are solved. First, 
we have the relation The matrix of Equation (4.21) plus Equation 
(4.24) 
E=I(R,+Z,+Z,)—I, (iq3%t®) (4.21) 
Loy 
where El |RtZ+m —~(s5 Za+R.) || I 
R, is the emitter resistor iv : Tote 
Z, is the zener dicde impedance 0 —(Re+Z,) Retre+ i+8 I, 
Za is the impedance of CR1 
8 is current gain of the transistor (4.25) 
and 
If the voltage dropped between the transistor ga A (4.26) 
junction and ground is V, then: a RAG 4rtZ, , 
cu’" 148 
V=IR,+1(R.+1.) (4.22) ee 
heh 7.4 RetZrl+8)+nl 5 
Va—IZA1 (Gg) OotZ) (4.28) A OEY Bebe tay 
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Figure 4-28.—Response of input Z to Zs. 


With the eye currents used, the minimum value 
of PR, is 4K. Therefore, r, and r, can be ne- 
glected in the denominator, and Equation (4.27) 
becomes 


(R.+Z.)[r, +8) +79] 


OS Oat BB) Ze 


(4.28) 


As can be seen from Figure 4-28, the input 
impedance is not increased until Z, approaches 
R,. Vf Z7,.<<R, the important factors are Z, 
and 7,. 

The amplifier was temperature compensated 
by selecting a zener diode of such voltage that 
its temperature coefficient was nearly that of 
the base-emitter diode but of the opposite sign. 
The theory of this is as follows. 

Temperature compensation of the amplifier 
requires that the collector current remain con- 
stant with temperature (assuming thal the 
collector resistor is temperature stable as was 
the case with the metal-film res: tors used). 
The collector current is at, and 


‘ eee | 
t= (V,—-V.— Vr) R (4.29) 
where 
V,=zener voltage 
V.=supply voltage 
Vr=base-emitter diode drop 
R,=emitter resistor 
Therefore, we have 
ai,=(V,—V.—Vr) a (4.30) 


ZR +%) z 
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It is required that the expression 
(V.—V.—Vr) R 


be constant with temperature. The major 
change with temperature in this expression is 
the —2.5 mv/°C change in Vp with tempera- 
ture and the change in V, with temperature. 
The temperature coefficient is slightly positive 
for a. 

Since, above about 5v, a zener diode has a 
positive temperature coefficient which increases 
with zener voltage, the amplifier is compensated 
if the zener voltage is at a value such that its 
temperature coefficient is near +2.5 mv/°C 
(a coefficient slightly less than +2.5 mv/°C is 
needed to offset the positive coefficient of «). 
A 6.8v zener has this coefficient. Using 6.8v 
zeners with a +5 percent tolerance resulted 
in amplifier output drift of a little less than 
+0.5mv/°C. An order of magnitude improve- 
ment can be realized in this value if the zener 
voltage is picked within this +5% range to 
match the particular transistor diode coefficient 
and the particular transistor, a. On some 
transistors, such as the Fairchild 2N1613, the 
base-emitter coefficient from transistor to tran- 
sistor is uniform enough so that the diode need 
only be picked for the a measured at room 
temperature. Thus, matching becomes possible 
without making temperature runs on the 
individual transistors. 

The output sensitivity of the amplifier due 
to variations in supply voltage is primarily 
due to the zener voltage changing by a factor 
ict 
(Ry+Za+Zz) 
voltage, where Z, + Z, (the dynamic impedance 
of the zener and normal diodes) is very small 
compared to R,. Therefore, for changes in 
supply voltage, Equation (4.29) becomes 


_ AV; 
= 


times the change in supply 


Ai, (4.31) 


since Vr is completely independent of current. 
Then 


aAV, 
R, 


Ai ,=ahi,.= 
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Then the change in collector voltage is 


AVo=a (#) AV,. (4.32) 
Thus it can be seen that R, should be kept 
large compared to R, to minimize sensitivity 
variation with power supply voltage change. 


Preamplifier 


The servo preamplifiers provided the proper 
load impedance for the error detectors and con- 
ditioned the error signals by converting the 
low-impedance, input-circuit current to a rela- 
tively high-impedance, circuit-stabilized voltage. 

A simplified schematic of the preamplifier is 
shown in Figure 4-36, and the detailed sche- 
matics for the servo preamplifiers and readout 
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amplifiers are shown in Figures 4-30 and 4~31. 
Referring to Figure 4-36, the bases of QI and 
Q2 are clamped to a fixed potential by the zener 
diodes CR1 and CR2, so that the voltage at the 
emitters is held constant by the base-emitter 
voltage. The quiescent current flowing through 
each transistor at null (when no light current is 
flowing from the eyes) is slightly greater than 
the maximum current delivered by the photo- 
cells. 

If the current generated by the eyes is as 
shown in the schematic, additional current equal 
to i, must flow through R2 and Q1 to prevent 
the voltage at the emitter of Q1 from changing. 
The quiescent current flowing in R5 and Q2 
must decrease by precisely i.,, if no change in 
voltage is to occur at the emitter of Q2. There 
is a differential output between the collectors of 
Q1 andQ2. The two separate outputs are acted 
on by passive lead networks formed by C1, R7, 
R9, and R11; and C2, R8, R10, and R11, to 
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Figure 4-29.—Servo preamplifier. 
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Figure 4-30.—Elevation servo preamplifier and readout amplifiers. 


provide the necessary stability for the servo 
system. The differential output of the lead 
networks is then sent to the chopper and ac 
amplifier. 

The azimuth coarse and fine preamplifiers 
and the elevation fine preamplifier were identi- 
cal except for different value components needed 
by differing coarse and fine eye currents and 
differing lead network parameters. 

The preamplifier was mechanized as a dif- 
ferential amplifier because it was self-tempera- 
ture stabilized to a first approximation, it had 
inherent rejection to supply voltage changes, 
and good common mode rejection. The bases 
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were tied together in order to minimize the 
effect of differential temperature coefficients. 
Thus, the temperature drift of this stage was 
the difference in the drifts in the base-emitter 
voltage, the collector and emitter resistors, and, 
to » small degree, differential drifts ina. The 
collectors of the preamp were biased to 10v to 
allow about a +5v peak swing. 


Modulators 


In order to provide the necessary gain for the 
servo loop, a fairly high-gain voltage amplifier 
was required. The standard method of syn- 
chronous chopping (modulating) of the input 
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Figure 4-31.—Azimuth servo preamplifier and modulator. 


and output of an ac amplifier to provide the 
necessary low drift characteristics was used. 

The modulator alternately sampled between 
the differential outputs of the preamp. The 
output of the modulator was thus a square wave 
with pesk-to-peak amplitude equal to the 
differential outputs of the preamp. 

At a frequency such that the reactance of 
the lead capacitor was small compared to 20K, 
the signal output voltage to the modulator was 
nearly equal to the collector voltage swing, 
or 4.2v peak. Therefore, the modulator tran- 
sistors had to be able to hold off this voltage. 
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Thus, the modulator drive voltage had to be 
greater than 4.2v peak, and the base-emitter 
diode had to have a breakdown greater than 
the peak-to-peak signal, or 8.4 v. The rea- 
soning is as follows. 

If the maximum signal were applied to the 
modulator, the voltage at Ql emitter (Figure 
4-32) would be 14.2v and at Q2 emitter, 5.8v. 
When Q1 is conducting, the collector voltage 
of Q2 would be about 14.2v. To keep Q2 from 
drawing current through the collector-to-base 
diode, its base voltage must be greater than 
14.2v. Since the emitter of Q2 is at 5.8v, the 
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Figure 4-32.—Typical modulator circuit. 


base-emitter breakdown must be in excess of 
the difference in these voltages. 

The drive current must be such that the 
offset voltage (collector-to-emitter voltage when 
conducting) at the signal current being drawn 
is small compared to the required system 1eso- 
lution, and it must be greater than the current 
being drawn divided by 8. The collector- 
base, 6,is very low. In the case of the 2N328’s 
it was near 1. 

The drive current is controlled by the value 
of Rl and R2. When Q1 is cut off, the base- 
collector voltage of Q2 is about 0.6v. There- 
fore, R2 is nearly shorted out and the drive 
voltage less 0.6v appears across Rl. Thus, 
the base current is nearly equal to the drive 
voltage divided by R1. 

The modulator drive signal had to have a 
rise time, and the modulator transistor had to 
have a switching time, which was short com- 
pared to the chopping period, so that changes 
in these parameters would not affect the gain 
of the amplifier. This was easy to accomplish 
with typical conditions and components, except 
for the transformer. The transformer had to 
be driven from a lower impedance than that 
for which it was rated in order to obtain rise 
times faster than 50 » sec. ‘The low-impedance 
drive was also necessary to minimize droop in 
the modulator drive signal. 

In addition to the transformer impedance 
and turns ratio, the interwinding capacitance 
was important since it was the greatest cause 
of switching transients in the modulator. The 
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Figure 4-33.—Equivalent circuit of modulator 
transformer and associated circuit. 


transients are caused by the transformer inter- 
winding capacitance and the input impedance 
of the ac amplifier in parallel with the differ- 
ential output impedance acting as a differ- 
entiating circuit. There are three effects that 
give rise to a signal through this differentiating 
circuit. They are as follows: (see Figure 4-33) 


1. A nonbalanced to ground drive. An un- 
balanced drive causes the transient voltage 
V, to vary from half-cycle to half-cycle. In 
other words, if the circuit consisted of only 
Cl and C2, Vy would assume a value between 
V, and V, depending on the values of Cl and 
C2. However, if during one-half cycle Vi=13v 
and V.=2v, then the other half Vi=3v and 
V.=13v, Vr would change. This would result 
in a spike every half-cycle as this voltage dis- 
charged through the lead network resistor. 

2. If Cl and C2 were different in value there 
would be an effect similar to that in 1., above. 

3. At the instant of switching, the peak-to- 
pesk drive voltage appears across R1 or R2 in 
parallel with Re, thus making Vr highly 
positive or negative depending on which 
transistor is on when V, is positive. 

The pulse generated at switching had the 
same polarity for each half cycle. Tn the case 
of the modulator constructed, the pulses were 
always positive. However, the voltage was 
only 0.1 to 0.2 volts because the time constant 
of Cl and R1 paralleled by Re (since a sharp 
pulse shunts the lead network and appears on 
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“Re) was about 0.14 usec. Since the rise times 

of the drive signals were considerably longer, 
the voltage across Rl was the true derivative 
of the drive voltage, which only had a value 
during the rise or fall of the drive signal and 
was much smaller than the peak-to-peak 
voltage. 

The first two effects gave positive and nega- 
tive spikes on alternate half-cycles because the 
spike was the derivative of a square wave. 
These spikes were of greatest concern because 
of the pulse widths which were 10 to 20 usecs. 
This pulse width was determined by the time 
constant of the 1000 suf shunt capacitor of the 
ac amplifier discharging through the preamp 
collector resistor. Without this capacitor the 
height would have been much greater but the 
width would have been much less. The spikes 
were nearly eliminated by putting 0.1 of 
capacitors from the collector to ground of each 
transistor in the preamp. Since these capacitors 
were across the collector resistor, they had 
little effect on the frequency response. 

The third problem, caused by the trans- 
former interwinding capacitance, was an off- 
balance at the modulator input. This was 
caused by the rectifier action of the choppers. 
When chopper Q1 is conducting, C1 dumps 
C(V) coulombs on one lead capacitor, and C2 
removes C2(V) from the same lead capacitor. 

When the drive switches polarity, C1 re- 
moves C1(V) coulombs from the opposite lead 
capacitor, and C2(V) is injected into it. 

With both preamp inputs at 10v, the voltage 
across Cl for state 1 in Figure 4-33 is 4v. 
When it switches to the opposite state, it will 
charge to —9 volts if the drive is symmetrical. 
Thus, the total voltage change across each 
capacitor regardless of state is 13v. The cur- 
renc into one lead capacitor is fV(C1-C2) and 
into the other lead capacitor is {V(C2-Cl). 

Since most of this current flows through the 
cwo 20K resistors, the unbalance voltage is the 
difference between these currents multiplied 
by 40K or 


40K X2KC x 13V [(C1-C2)—(C2-Cl)] 
or 


2080 X 108(C1-C2) 
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The measured values of Cl and C2 in one trans- 
former were 19 wuf and 26 uuf. The voltage 
unbalance caused by these values of interwind- 
ing capacitance is: 


2080 X 10°X7 X10-"=14 mw 


which is close to the measured unbalance of 
about 17 mv due only to chopper drive. 

The effects on the amplifier of the first two 
problems were not serious since the spikes were 
well filtered at the output. However, the 
spikes caused a reduction in gain proportional 
to the spike area and the area of the signal out- 
put square wave. This resulted in minor cross- 
over distortion since the ratio became less with 
increasing signal level. The spikes also had 
various minor effects because the amplified 
spike could cause the output stages of the ac 
amplifier to limit. 

The major problem was the change in C1 and 
C2 with temperature causing a change in un- 
balance voltage. This was the major cause of 
drift. 


Medulator Driver 


The modulator driver (see Figure 3-34) pro- 
vided the switching drive to the modulator and 
demodulator. Its driving requirements were 
not severe except for rise and fall time. The 
circuit had to supply approximately 1 ma of 
drive current. 

The rise and fall time was important because 
of its effect on output noise. In a carefully 
designed system, the output noise from spikes is 
primarily at the switching rate, since the 
majority of energy is at this frequency and the 
output filter has the least attenuation at this 
frequency. To keep the noise energy at the 
switching frequency to a minimum, the switch- 
ing time must be kept at «a minimum, thus 
requiring a fast rise and fall time. 

To accomplish fast rise and fall times with 
normal audio transformers, the transformer 
driving impedance must be much less than 
rated. This also reduced droop. Double emit- 
ter followers were used to provide this low 
impedance. 

The driver circuit used a unijunction trigger 
circuit. to provide trigger pulses to a flip-flop. 
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Ficure 4-34.—AC amplifier, demodulator, and driver. 


It was found that on occasion the fall of the 
trigger pulse turned on the transistor that the 
trigger rise had just turned off. To eliminate 
this, a diode shunted by a resistor to discharge 
the coupling capacitor was used in the trigger 
line. It was later found that the high-speed 
diodes used for CR12 and CR13 also cured this 
problem. 

The flip-flop was common except for the steer- 
ing circuit. The diode of the off-side of the 
circuit was reverse-biased so the turn-off pulse 
would not reach the base. However, the diode 
in the on-side was not reverse-biased and the 
turn-off pulse could readily pass to the base. 
This scheme provided positive steering of the 
pulses. 

The flip-flop had good rise and fall times. To 
keep the flip-flop from being loaded and to 
provide a low-impedance drive for the trans- 
formers, complementary emitter followers were 
used on each output. This circuit provided the 
low impedance of an emitter follower on both 
half-cycles without the requirement for the very 


114 


high currents needed to accomplish this with an 
emitter resistor at drives approaching the 
supply voltage. 

The transformers were connected from side to 
side instead of one side to ground to eliminate 
dc in the primary, thus reducing droop. 


AC Amplifier 


The ac amplifier amplified the square wave 
from the modulator (see Figure 4-34). It had 
to have sufficient bandwith to preserve the rise 
and fall times, minimize droop, and maintain 
stable ac gain. The output impedance had to 
be low and not put de in the primary of trans- 
former, T2, so that a good square wave could be 
retained at the transformer secondary. 

Lowest noise level from the modulator was 
obtained when the impedance that the modu- 
lator worked into was high. Also, since this 
impedance was high in comparison to the shunt 
impedance in the rate network (20K), the varia- 
tion in the amplifier impedance had little 
effect on the lead network. Therefore, an 
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“efnitter-follower input stage was decided upon. 
It was desired that the input stage clip at a 
level somewhat greater than that required for 
output saturation. To accomplish this, a 
resistor was put in series with the base and 
collector lead. When the signal went positive, 
the collector voltage decreased to the emitter 
voltage and clamped the emitter voltage at a 
value determined by the resistance divider 
made up of emitter and collector resistors, or 
about 5v. The resistor in the base lead 
limited the current when the clamping voltage 
was reached. The value of collector and base 
resistor had to be kept fairly low or the high- 
frequency response would have been jeopardized 
due to capacitance. Negative clipping was 
accomplished by transistor cutoff. Because it 
was originally planned to clip at +0.5v, the 
emitter quiescent voltage was set at 0.5v. To 
stabilize this voltage and thus the clipping 
voltage and quiescent current against tempera- 
ture drift, a diode was put in the biasing circuit. 
To adjust gain, the emitter resistance was 
made up of 2 resistors as a voltage divider. 

The two amplifier stages were conventional 
grounded emitter circuits, with feedback to the 
emitter of the first stage. The amplifier had a 
lag network in the first collector to control 
amplitude and phase at high frequencies to 
improve amplifier stability. 

Decoupling was provided by a 1K resistor 
and a zener to ground. A zener diode was used 
instead of the conventional capacitor so that 
the gain would not be modulated by low- 
frequency ripple of supply voltage. 

The output stage used complementary emit- 
ter followers for a low-impedance output. 
This stage differed from that used in the modu- 
lator driver outputs by the addition of the 
diodes in the base circuit. The purpose of the 
diodes was to provide proper bias for the emitter 
followers. The diode voltage drops tracked 
the base emitter voltage needed to keep a small 
quiescent current flowing in the stage and thus 
eliminate crossover distortion. They also pro- 
vided low-impedance coupling to the bases of 
the two transistors. 

To eliminate de from the transformer pri- 
mary, the end of the transformer which was not 
connected to the emitter followers was con- 
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nected to a voltage divider circuit which used 
capacitors to keep this end of the transformer 
at signal ground. 

Feedback was taken from the transformer 
primary to reduce the transformer driving 
impedance and thus help to compensate for 
transformer deficiencies. 


Demodulator 


The demodulator consisted of a 7.5v refer- 
ence, synchronous demodulator, z-section filter, 
and output complementary pair emitter fol- 
lower for low-impedance drive (see Figure 4-34). 
Since it operated synchronously with the 
modulator, its output was a de voltage propor- 
tional to the amplified solar detector eye signal. 

The voltage reference was used to provide 
the quiescent output voltage for no ac signal 
voltage. The actual reference came from 
matched zener diodes. These zeners were put 
in series between +15v and ground with a 
resistor between them. The resistor was center- 
tapped, thus giving 7.5v. The 7.5v was fed 
to a complementary pair of emitter followers 
like those used for the ac amplifier output. 
This provided a low-impedance 7.5v so that the 
reference was not loaded at full output. 

The demodulator consisted of the driver 
transformer, current-limiting resistors, and the 
demodulating transistors. The transformer 
provided a peak voltage in excess of the peak 
voltage expected from end to end from the ac 
output transformer to assure that the demodu- 
lator transistor block was cut off for one-half 
cycle. 

The resistor limited the drive current to a 
value several times that drawn from the demod- 
ulator during the conduction half-cycle. 

The transistors were alternately forward and 
reverse-biased. When forward-biased, the col- 
lector was clamped to the emitter and the drive 
current was limited only by the transformer 
resistance, current-limiting resistor, and forward 
diode drop of the base-emitter diode. 

When reverse-biased, no current could flow 
in the base-emitter or base-collector diode if 
the voltage across the transformer was equal 
to instantaneous end-to-end voltage across the 
amplifier transformer. More explicitly, at max- 
imum output, the voltage at the input to the 
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Figure 4-35.—Pulse-width modulator. 


filter was 13v. The emitter voltage of the OFF 
transistor at this output was 11 volts less, or 
2 volts. Since the bage-collector diode was to 
be reverse-biased, the transformer had to put 
the base at a voltage in excess of 13v. Thus 
the transformer had to supply more than 13 
minus 2, or llv. Obviously, it was necessary 
that the base-emitter diode be able to withstand 
this reverse voltage. The only transistor found 
with this high rating was the Raytheon 2N328A, 
which had a Veso greater than 70 volts, ten 
times the maximum for the next highest tran- 
sistor found. 

The filter was a simple -section filter used to 
filter the transient from switching, as well as to 
generate a rapid roll-off in both azimuth and 
elevation channels. The roll-off was necessary 
because of structural resonance. Although the 
phase shift at this resonance was such that the 
system could not oscillate, the resonance was 
excited by the pulse drive, and therefore gave 
a signal at the amplifier output. It was desired 
to keep this signal low in amplitude so that 
no motor drive power was consumed at this 
frequency. 

The output amplifier was of the same type 
used for the 7.4v reference, except for lower 
vesistance base-biasing resistors. These were 
decreased to enable the output stage to supply 
more current in the resistors. At maximum 
drive, these resistors had only 2v across them. 
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Thus the output current divided by the tran- 
sistor 6 at the coldest operating temperature 
had to be smaller than 2v divided by base- 
biasing resistance. 


Pulse-Width Modulator 


The pulse-width modulator supplied pulses 
with a duration proportional to the error signal 
from the demodulator. These pulses drove the 
power amplifier. 

The schematic of this circuit is shown in 
Figure 4-35. The block diagram below illus- 
trates the operation. 
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Two ramp signals were obtained from the 
ramp generator by means of an inverting 
amplifier and a noninverting amplifier. These 
two voltages were then compared with the 
input error voltage by means of a forward 
comparator and a reverse comparator. Figure 
4~36 shows the relationship between the two 
ramp signals and the error signals. 
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Figure 4-36.—Pulse-width modulator output charac- 
teristics. 


When the error signal was of such a value 
that it was in the dead zone of the PWM, 
neither comparator supplied an output, and 
the servo was in its null position. If the error 
signal changed about the null value by an 
amount which placed it outside of the dead 
zone, one of the comparators supplied a4 signal 
to its limiting amplifier. The output of the 
comparator was the portion of the ramp lying 
between the error voltage and the dead zone. 
The limiting amplifier was driven into satura- 
tion for almost the entire duration of the signal 
from the comparator. The limiting amplifier 
output was therefore a pulse whose duration 
was equal to the duration of the signal from the 
comparator. Figure 4-36 shows how this pulse 
is derived. Jt can be seen that the width of 
the pulse is proportional to the error voltage 
and thai it will vary from a zero width to a 
constent de voltage. 

Figure 4-37 shows how the motor torque 
varied with the error signal to the pulse-width 
modulator. The torque increased from zero 
torque linearly to a maximum torque at which 
point the drive from the pulse-width modulator 
was Maximum or a de voltage. This linearity 
of torque versus error signal was obtained by 
using a linear ramp and by making the pulse 
repetition period much greater than the motor 
armature time constant. In OSO I this 
repetition rate was 55 pulses per second. The 
choice of this pulse rate was a compromise 
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Figure 4~-37.—Torque motor output versus error 
signal. 


between a rate much higher than the cutoff 
frequency of the de preamplifier and a pulse 
period much greater than the motor time 
constant. 


Power Amplifier 


One of the major requirements of the OSO I 
servo electronics was that it had to use a 
minimum of power. This requirement for low 
power consumption was met in part by design- 
ing the power section of the electronics to have 
a high power efficiency. 

The most efficient mode of operation for a 
transistor is to use it as a switch. That is, 
the transistor is either cut off or it is driven 
into saturation. In the cutoff state, the tran- 
sistor uses no power, while in the saturated 
state the power used is small because of the 
low saturation resistance. 

The power amplifier used to drive the torque 
motors consisted of two transistors and two 
silicon-controlled rectifiers connected in a bridge 
circuit as shown in Figure 4-38. 

The power amplifier operated as follows. 
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Figure 4-38.—Power amplifier schematic. 


A positive pulse of about 10 volts amplitude 
from the pulse-width modulator was applied 
to the base of the emitter follower Ql. This 
pulse fired the silicon-controlled rectifier Q2 
and drove the transistor Q3 into saturation. 
The torque motor was then connected across 
the line through Q2, Q3, and CR1 with brush B 
positive and brush A negative. The average 
torque developed by the motor was controlled 
by the duration of pulse applied to Q1. When 
the signal was removed from the base of Q1, 
Q3 ceased to conduct and reset the silicon- 
controlled rectifier. The voltage transient due 
to the motor inductance was limited to a safe 
peak value by the 3xf capacitor across the 
motor. Reversal of the motor was accom- 
plished by applying a positive pulse to the base 
of Q6, which drove Q5 into saturation and 
fired Q4. This connected the motor across 
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the line through Q4, Q6, and CR1 with brush A 
positive and brush B negative. 

Some typical instantaneous power distribu- 
tion figures for this circuit with the motor 
stalled are as follows: 


Motor armature resistance of 10 ohms 

Supply voltage of 18 volts 

Voltage drop due to Q2 and Q3, and 
CRi=8 volts 

Modulator power=0.05 watt 

Driving power from Q1=1.8 watts 

Power dissipated in Q2, Q3 and CR1=4.5 
watts 

Power delivered to the motor =22.5 watts 

Total power delivered by the supply 
=28.8 watts 

Power efficiency of the power amplifier 


28.8—6.3 
a8 00% 7o 
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Ficure 4-39.—Control electronics power section 
efficiency. 


This efficiency was independent of the power 
delivered to the load except at small load power 
when the power required by the modulator 
and voltage regulator became appreciable com- 
pared to the power delivered by the power 
amplifier. 

Figure 4-39 shows how the efficiency of the 
power section of the control electronics varied 
with load. This figure also shows how the 
efficiency of a conventional linear power section 
varied with load. It can be seen from Figure 
4-39 that a pulse-width modulation system 
requires much less power than a conventional 
linear amplifier system except at near maximum 
loads. The normal load on the power amplifier 
was between 5 and 10 percent of maximum. 
This was the load after acquisition when the 
servo was Maintained at null. During acquisi- 
tion the load on the power amplifier increased 
to maximum value, but this lasted only for 
about one minute at the start of the 60-min- 
ute sunlit portion of the orbit. The circuit 
schematic (Figure 4-40) shows the power am- 
plifiers, drivers, and monitor circuits. 

A double L-section energy storage network or 
filter was used in series with the 18-volt power sup- 
ply to provide peak currents for the power am- 
plifier. The purpose of the filter was to reduce 
the pulse current load on the power supply, 
thereby preventing modulation of the power 
supply voltage at the power amplifier pulse rate. 
The filter also increased the efficiency somewhat 
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because with it in the circuit, most of the current 
was supplied by the solar-cell array. Without 
the filter the peak currents would have had to 
be supplied partially by the battery with a 
resulting decrease in overall efficiency. 


15-Volt Regulator 


Many circuits in the OSOI control system 
electronics required a stable supply voltage. 
The main spacecraft power was obtained from 
batteries, and the voltage on the power line 
could vary due to the state of charge of the 
batteries and due to varying loads. An elec- 
tronic regulator was developed to operate from 
the battery voltage and supply a +15-volt out- 
put with a regulation of better than +1 percent 
for the expected line and load variations. 

Figure 4—41 shows the schematic diagram for 
this regulator. The input voltage from the 
batteries was connected to pins M and P. The 
regulated 15 volts appeared on pins K and P. 
Transistors Q6, Q5, and Q3 were the high gain 
de amplifier. Changes in the output voltage 
were coupled to the input of the de amplifier by 
Di, D2, and R12. These changes were ampli- 
fied and the signal appearing at the output was 
coupled to the base of Q4, the series regulating 
transistor. If the output voltage of the regula- 
tor tended to increase, then Q4 operated to 
minimize this increase. Figure 4-42 shows 
typical transfer characteristics for the regulator. 


Spin Jet Control 


The purpose of the spin jet control was to 
maintain the spacecraft wheel section rotating 
at a nearly constant rate so that the nutation 
damper would work effectively. The desired 
period of rotation for the OSO I was 0.495 
seconds +0.025 seconds. The nutation fre- 
quency was directly proportional to the wheel 
spin rate. The nutation damper was a sharply 
tuned energy absorber designed to operate in a 
nartrow range of wheel spin rates. A change in 
nutation frequency of about 5 percent reduced 
the effectiveness of the damper by a factor of 2 
which was about all that could be tolerated. 
Torques to maintain the spin rate were provided 
by gas jets mounted on the arms. Gas was 
supplied to these jets by a solenoid valve that 
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Figure 4—40.—Servo power amplifier and driver circuits and power monitor cireuits. 


actuated when the spin decreased below the 
preset value. 

Figure 4-43 is a block diagram of the spin jet 
control for OSO I. A photocell located on the 
rotating wheel supplied a current pulse every 
time its field of view swept across the sun. 
This current pulse was shaped to obtain a con- 
stant amplitude pulse with small rise and fall 
times. The differentiated output of the pulse 
shaper was used as a trigger input to a bistable 
multivibrator. The bistable multivibrator 


switched from one stable state to the other 
once every revohition of the wheel; therefore, 
the duration of the output pulses of this circuit 
was equal to the period of the wheel rotation. 

A bootstrap-type integrator was used to ob- 
tain the time integral of the pulses from the 
bistable multivibrator. 


The integrator out- 
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put was a ramp which had a peak value propor- 
tional to the period of rotation. The voltage 
ramp was compared with a reference voltage by 
a circuit designed to furnish an output only if 
the ramp exceeded the reference voltage. 
Therefore, as the wheel slowed down, the peak 
of the ramp increased. As soon as the ramps 
had increased above a critical value, the com- 
parator supplied a trigger to the 4-second mono- 
stable. The 4-second pulse from the mono- 
stable multivibrator passed through one stage 
of power amplification and opened a solenoid 
valve. This valve supplied gas to the jets from 
gas storage bottles for 4 seconds, which was 
sufficient to speed up the wheel by the desired 
amount. 

Several problems associated with this tech- 
nique are not obvious. As the spacecraft comes 
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Figure 4-41.—Temperature monitor and regulator circuits. 


into the sunlight, it passes through the penum- 
bral shadow where only a part of the sun is 
visible. If the turn-on circuitry applies power 
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Ficure 4~-42.—Typical 15-volt regulation character- 
istics showing effects of temperature. 
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to the spin-up system before the spin eyes are 
producing pulses of sufficient amplitude, gas 
would be expended when not required. Thus, 
very high-spin eye sensitivity was required. 
Furthermore, to take another precautionary 
measure, the regenerative trigger discussed 
below has its power delayed for 5 seconds. It 
takes about 9 seconds for the spacecraft to go 
through the penumbral shadow. 

Figure 4-44 is the schematic diagram of the 
electronics for the spin jet control system. 

The circuit consisting of Q1 and Q2, etc., is 
for pulse shaping. In the absence of a current 
from the photocell, both transistors are cut off. 
The collector of Q1 has a potential of 15 volts, 
and the collector of Q2 has a potential of 0 volts. 
A signal causes both Q1 and Q2 to conduct and 
regeneration is provided by Ri and Cl. The 
transistors Q1 and Q2 are therefore caused to 
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Figure 4-43.—Spin jet control system block diagram. 


switch rapidly to full conduction by an input 
current. 

The voltage at the collector of Q1 rapidly 
drops to a low value and remains there as long 
as there is sufficient input current. When the 
input current drops below a critical value, both 
transistors switch off. The output signal from 
Q1 is a negative square pulse having relatively 
constant amplitude and fast fall and rise times. 


This pulse is differentiated by C3 and thé 
negative spike triggers the bistable multi- 
vibrator comprising Q3 and Q4. The bistable 
circuit is a conventional flip-flop. 

The time integral of the flip-flop output is 
obtained in a synthetic manner by use of a 
bootstrap ramp generator. This circuit com- 
prises Q5, Q6, and Q7. When Q4 is cut off, 
base current is supplied to Q5 which shunts the 
current through R16 around C8 to ground. 
When the flip-flop is switched to the other 
stable state, the base drive to Q5 is removed and 
the current through R16 charges C8. Capaci- 
tor C7 is the bootstrap capacitor. It is. 
charged to 15 volts and acts as an additional 
15-volt power supply. The voltage on C8 
is coupled to the integrator output by a double 
emitter follower where it appears in series with the 
voltage across C7. As C8 charges, the voltage 
supply to R16 also increases giving a linear 
rising ramp at the integrator output. This 
ramp voltage rises until the flip-flop is switched 
back to its first stable state at which time the 
ramp is abruptly terminated. The output 
of the integrator then drops to its minimum 
value. It is evident from the above discussion 
that the peak voltage of the ramp is propor- 
tional to the spin period. 
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Figure 4—44.—Spin jet control system schematic. 
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The voltage comparator consists of the zener 
diode D14 and diodes D10 and D12. D14 
supplies the reference voltage which appears 
across R22. When the voltage at the arm of 
the potentiometer R19 exceeds the reference 
voltage, diode D12 is back biased and the 
potential across R22 rises. This increase of 
voltage on R22 is the trigger signal for the 4- 
second monostable multivibrator. 

The 4-second monostable circuit comprises 
transistors Q8, Q9, Q10 and Q11. This circuit 
operates the same as the pulse shaper except 
that it operates as a monostable, rather than 
as a Schmitt type circuit. The time the 
circuit spends in the transient or unstable state 
is determined by the time constant of C10 
and the resistance immediately to the left of 
C10. Temperature stabilization of the spin 
controller operating point is provided by S1, a 
silicon resistor, which has a positive tempera- 
ture coefficient. 

The application of 15 volts to Q11 was de- 
layed because, when the voltage is first applied 
to the spin-circuit, C7 charges through D6 
and R18, Ri9 and R20. This causes a large 
transient at the input to the comparator 
which is sufficient to trigger the 4-second 
monostable. The delay of voltage to Q11 
allows this transient to die out. 

The power amplifier used to drive the sole- 
noid valve is made up from transistors Q12 
and Q13. 

The anticipated temperatures in the wheel 
were within the range of 0° C to 25°C. Within 
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Figure 4-45.— Dependence of spin rate on spin circuit 
temperature showing wheel spin rate at gas jet 
turn on. 
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Figure 4-46.—Temperature dependence of 4-second 
monostable. 


this temperature range the spin controller was 
to maintain the desired spin rate within + 5 
percent. Figure 4-45 shows the effect of 
temperature on the operating point of the spin 
circuit. It can be seen that the set point 
variation is less than + 5 percent over the 
anticipated temperature. 

Figure 4-46 shows the temperature de- 
pendence of the 4-second monostable which 
controls the valve open time. 

Input signal sensitivity of the spin controller 
was such that proper operation would be 
obtained if the photocell resistance dropped 
below the illuminated value listed below: 


Photocelt Iluminated 
gy Upper photocell 
¢ 


resistance resistance 
—30_..---- 500K 168K 
PAs ee ee 500K 209K 
60_-------- 500K 250K 


These sensitivity figures represent the maxi- 
mum practical sensitivity capability of the spin 
circuit. The reason for setting this circuit to 
maximum sensitivity was to insure that the spin 
controller had a sufficiently large input signal 
for operation when the power was turned on by 
a less sensitive turn-on circuit at dawn. 

The standby power consumption of the spin 
controller was 90 milliwatts; i-e., 5 ma from the 
regulated line. 

During the despinning operation, the spin 
control functioned as follows: The spacecraft 
and third-stage engine assembly were spun up 
to approximately 2 rps before the third-stage 
engine fired. This provided spin stabilization 
for the assembly under thrust conditions. This 
spinup was the zero time reference for the space- 
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Figure 4-47.—Pitch control eyes schematic. 


craft sequence timer. At 200 seconds after 
third-stage spinup, the sequence timer energized 
the despin relay. (The third-stage engine had 
been separated from the spacecraft and the 
spacecraft’s arms had been extended prior to 
200 seconds.) The despin relay applied power 
to open a solenoid valve which allowed gas to be 
supplied to the despin jets. These jets slowed 
the wheel down until the lower limit of the spin- 
control circuit was passed, at which time the 
normal spin-control circuit actuated and allowed 
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gas to be supplied to the spin-up jets for 4 
seconds. As soon as the spin-up circuit opened 
the spin-up solenoid valve, the despin relay was 
latched over to its original state which closed 
the despin solenoid valve. This prevented any 
further actuation of the despin solenoid valve. 


Pitch Control System 


The pitch control system kept the spin axis of 
the spacecraft approximately normal to the 
solar vector so that the elevation servo system 
was within its operating range. The controller 
operated whenever the spin axis was more than 
3 degrees from the normal to the solar vector. 
The controller operated gas jets which precessed 
the spacecraft until the spin axis was approxi- 
mately one degree out of normal to the solar 
vector in the opposite direction. A schematic 
of the pitch control eye system is shown in 
Figure 4-47, and a block diagram illustrating the 
total pitch control system is given in Figure 
4-48. 
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Ficure 4-48.—Automatic pitch angle control block diagram. 
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The control photocells, Clairex CL-7 cad- 
mium-sulphide detectors, have an electrical 
resistance which is a function of illumination. 
When they are illuminated by sunlight, they 
have a low resistance (a few thousand olims); 
and when they are dark they have a resistance 
of several megohms. Referring to Figures 4-47 
and 448, with 89°<¢<91°, the outer two 
photocells are shadowed by the mask and very 
small signal currents are supplied to the 
electronic control. Photocell B is illuminated. 
Its resistance is a low value which causes a 
relatively large current to flow into the input of 
Amplifier No. 1. This input current holds the 
output voltage of Amplifier No. 1 at zero, there- 
by removing the reset signal from bistable 
multivibrator No. 1. 

As soon as ¢ reaches 93°, Photocell A is als 
illuminated and a large signal current is sup- 
plied to Amplifier No. 2 which causes its output 
voltage to change from zero to some large 
value. The output voltage from Amplifier 
No. 2 causes the bistable Multivibrator No. 1 
to switch to its alternate stable state which 
supplies an input voltage to Power Amplifier 
No.1. Power Amplifier No. 1 in turn operates 
the solenoid valve which supplies compressed 
gas regulated to 30 psi to the up-jet nozzle. 
The pitch-up jet applies a torque to the space- 
craft in such a direction as to cause ¢ to de- 
crease. As @ decreases, first Photocell A is 
darkened and the output of Amplifier No. 2 
drops to zero. When ¢=89°, a 1° overcorrec- 
tion, Photocell B is also darkened and the 
output voltage of Amplifier No. 1 goes from 
zero to some large voltage. The output from 
Amplifier No. 1 causes the bistable Multivi- 
brator No. 1 to switch to its original stable 
state. This removes the driving signal from 
Power Amplifier No. 1 which closes the solenoid 
valve and removes the torque from the space- 
craft. 

For ¢<89°, the operation is the same except 
Photocells A’ and B’ and their associated 
control electronics are employed. Figure 4-49 
shows the electrical schematic of the automatic 
pitch control system. 
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Day Power Turn-on 


During the dark portion of the satellite orbit, 
all electronic systems using the sun for a signal 
source were turned off. These include all of 
the upper section electronics and instruments 
and the spin control system in the wheel. 

As mentioned before, an important require- 
ment of the day power turn-on circuit was that 
it should not apply power to the spin control 
system until this circuit had received sufficient 
sunlight to insure reliable operation. The 
reason for this requirement was that the spin 
control system could have interpreted an ab- 
sence of an input signal as being due to a low 
wheel spin rate and would therefore expend 
gas. 

The sensitivity of the day power turn-on 
circuit was set so that it would not apply day 
power until there was sufficient sunlight to 
cause each input photocell resistance to decrease 
to less than 40 kilohms. The sensitivity of 
the spin control was set so that as soon as 
there was sufficient sunlight to cause its input 
photocell resistance to drop below 100 kilohms, 
reliable operation would be obtained. 

Figure 4-50 shows the location about the 
wheel of 6 parallel connected turn-on photocells 
together with their resistance in sunlight as a 
function of their orientation to the sun. The 
dark or night resistance of the parallel com- 
bination of turn-on photocells was 150 kilohms 

Figure 4-51 is the schematic diagram of the 
printed circuit board which contained the day 
power turn-on circuit plus the despin relay, 
spin rate monitor amplifier, and the delayed 
15 volts for the spin control circuit. Operation 
is as follows: 

The six photocells located around the wheel 
are connected in parallel and supply the input 
signal to the day power turn-on circuit. The 
photocells are connected between the base of 
Qi and the 18-volt supply bus. In sunlight 
the combined resistance of the eyes drops to 
less than 15,000 ohms so that sufficient cur- 
rent is supplied to the base of Q1 to cause it to 
saturate. The drop in potential at the col- 
lector of Q1 is coupled to a magnetic latching 
relay through transistors Q5, Q6, and Q7. 
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Figure 4-49.—Pitch control schematic. 


The relay is latched over and turns on the day 
power. In order to conserve power, a set of 
contacts on this same relay is used to remove 
the voltage from the last energized relay coil 
once the relay is latched. 

When the satellite enters the dark portion 
of the orbit, the photocell resistance increases 
and QI is cut off. The positive potential at 
the collector of QI is coupled through tran- 
sistors Q2, Q3, and Q4, thus energizing the 
OFF relay coil. The relay latches over to 
remove power from the day power bus and at 
the same time grounds the base of the relay 


driver transistor to remove power from the 
relay coil. 


Undervoltage Switch 


The undervoltage switch was located be- 
tween the spacecraft batteries and the space- 
craft battery load. 

The spacecraft batteries were nickel-cad- 
mium cells which had a rather flat discharge 
curve until they became almost fully discharged. 
Near the fully discharged state, the voltage 
would fall abruptly and the impedance would 
rise so that very little power could be drawn 
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Figure 4-50.— Detector output characteristics. 
from them. If the batteries had become al- spacecraft and permit the batteries to charge 


most fully discharged they would not have been 
able to deliver the current necessary to allow 
the servo to catch and orient the upper section. 
The azimuth servo would have tried to ac- 
quire the sun throughout the daylight portion 
of the orbit and thus would never have per- 
mitted the batteries to recover. This would 
have led to a disabling of the spacecraft. By 
ground command, sections of the spacecraft 
could be turned off to conserve power so that 
the undervoltage condition could be corrected. 
However, if the command system was not 
operative and the batteries discharged to the 
point where the voltage dropped abruptly, a 
last measure was available to prevent the loss 
of the vehicle. This was the undervoltage 
switch which could shut down the entire 


from the rotating solar-cell array. When the 
batteries were about 10 percent charged, the 
undervoltage switch turned on the spacecraft 
again. A block diagram of the undervoltage 
switch is shown in Figure 4-52. 

All the power to the spacecraft arrived 
through a 6-pole double-throw latching relay. 
Five of the poles carried spacecraft power and 
one was used for circuit switching by the under- 
voltage switch. 

Figure 4-53 shows a typical charge-discharge 
curve for an OSO I battery pack. Reference to 
this figure shows that the battery voltage 
starts dropping rapidly once it reaches 17 
volts, and at 15.5 volts the drop in voltage is 
so great that the battery pack can be con- 
sidered discharged at this point. 
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On charge the battery voltage rapidly in- upper switching point of the undervoltage 


creased until it was 19.0 volts, or about 10 
percent charged. Above 19 volts, the rate of 
increase of voltage was approximately constant 
until a peak was reached at about 90 percent of 
full charge. 

The undervoltage switch was designed to 
remove the loud from the batteries if their 
voltage dropped below 15.5 volts, and it would 
not reconnect the load until the battery voltage 
increased to 19.9 volts. The choice of the 
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switch was dictated by the temperature charac- 
teristics of the batteries (see Figures 4-54 
and 4-55). The turn-on point of the under- 
voltage switch had to be chosen low 
enough so that if the batteries were warm, that 
is, 30° C, the voltage would increase above the 
set point. If the batteries were cold, that is 
—10° C, the set point had to be high enough 
to insure that the batteries receive a minimum 
charge before the load was reconnected. 
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Figure 4-52.—Undervoltage switch block diagram. 


Figure 4-56 is the schematic diagram of the circuit having a characteristic similar to a 


undervoltage switch together with some tem- Schmitt circuit. The collectors of both these 
perature monitoring circuits and a voltage transistors are coupled through emitter fol- 
monitor circuit. lowers Q3 and Q6 to power transistors Q4 and 


Transistors Ql and Q2 are connected so. Q5. When the voltage level at Qi exceeds a 
that they operate as a regenerative switching preset. value determined by the zener diode 
D5, both QI and Q2 switch to full conduction 
and the collector of Q2 goes positive. This 
positive voltage causes the power transistor 


@ tke e men ae Q6 to conduct and operate the magnetic 
220 latching relay whose contacts connect the load 
S19 to the battery packs. This has a set of con- 
ae Dee ee er aeen ee tacts whica switch _between two different. 
< voltage divider circuits at the input to Q1. 
Bit7 When the load is connected to the batteries, 
dis the voltage divider keeps Q1 in saturation 


until the battery voltage drops below a lower 
limit determined by the setting of R7. When 
this lower limit is reached, Q1 and Q2 switch 


” 
7) 


10 #12 «14 16041 20 22 


TIME (HOURS) off and the collector of Q1 goes positive causing 
Ficure 4-53.—Typical room temperature battery Q4 to conduct and latch the relay over to 
charge discharge curves. remove the battery load. 
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Fiaure 4-54.—Family of charge curves for NI-CD battery test pack. 


The load is not reconnected until the battery 
voltage increases to a value sufficient to enable 
the second voltage divider to overcome the 
bias provided by D5 and cause Q1 to conduct. 
The upper battery voltage sufficient to cause 
conduction of Q1 is set by adjustment of R3. 

From the explanation of the circuit operation, 
it can be seen that this circuit disconnected the 
battery load when the voltage dropped below a 
level determined by R7 and reconnected the 
load when the voltage increased to a level deter- 
mined by the setting of R38. A set of contacts 
on the relay was used to disconnect the relay 
coil last energized to conserve power. 

Figure 4-57 shows the effect of temperature 
on the upper and lower switching points of the 
undervoltuge switch. These measurements 
were taken with the upper switching point set 
for 18.5 volts at room temperature. Power 
consumption of the circuit board, which includes 
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the temperature monitors, was 27 ma at 18 
volts, or 49 milliwatts. 


Monitor Circuits 


The following section describes the operation 
of the spacecraft monitoring circuits. 


Temperature Monitor 


The temperatures of various points through- 
out the spacecraft were measured by the tem- 
perature monitor circuits. The temperature 
monitors furnished an output of 0 to 5 volts, 
covering the temperature range of —40°C to 
+80°C, with the exception of the solar-cell sail 
temperature monitors. The solar-cell sail tem- 
perature was monitored by two circuits; one cir- 
cuit furnished an output of 0 to 5 volts cover- 
ing the range of —70°C to +20°C, and the 
other circuit output varied from 0 to 5 volts 
covering the range of +10°C to +120°C. 
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Figure 4-55.—Family of discharge curves for NI-CD battery test pack. 
Bead thermistors were used as the tempera- circuit had to have a resistance voltage char- 


ture sensitive elements. These devices have a acteristic which was the same as the resistance 
resistance-temperature characteristic, which is temperature characteristic of the thermistor. 


closely approximated by the following equation: | This requirement (shown in Figure 4-59) of 
; the monitor circuit was nearly achieved by 
R(T» =k) efit (4.33) the circuit shown in Figure 4-60. 
eS/To . : _ . walt : 
where Figure 4-61 is a calibration curve for a 
yher 


typical temperature-monitor circuit. These 
monitors have proved to be stable in calibration 


R(T) is th sis bs - . ae ways 
(7) is the resistance at absolute tempera and will repeat the calibration curves within 


ture, T + 2 percent. Figure 4-62 i acecraft 
? . . ~ sas 
R(T)) is the resistance at absolute tempera- ot Pe showi ° . P itors 
ture, lr, schematic showing some temperature monitors. 
8 is a constant depending on the type of Battery Voltage Monitor 
thermistor 


The battery voltage monitor circuit was 
located on the undervoltage switchboard. The 
characteristics of a Fenwall Type GA5SIL2 bead — PUTPose of this circuit was to supply an output 
thermistor. This unit has a resistance of | Which varied from 0 to 5 volts as the battery 
100 kilohms at room temperature. voltage varied from about 14 to 20 volts. The 

In order to obtain «a linear temperature region of 14 to 20 volts on the battery charge- 
voltage characteristic, the temperature monitor discharge curves represented the region which 


Figure 4~58 shows a plot of the resistance 
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Figure 4-59.—Temperature monitor circuit Ri versus 
Eo characteristics. 
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Figure 4-60.—Typical temperature monitor circuit. 


could give some information on battery state 
of charge. Calibration curves for a typical 
circuit are shown in Figure 4-63. 


Pitch Angle Monitor 


The pitch angle of the spacecraft, defined as 
the angle between the solar vector and a 
normal to the spacecraft spin axis, was moni- 
tored by means of a solar detector mounted on 
the sail structure. The monitor had a half- 
opaque circular aperture through which sun- 
light was allowed to fall on a silicon cell. As 
the pitch angle changed, the edge of the opaque 
half of the entrance aperture shadowed more or 
less of the cell. This gives a current outpué 
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Figure 4-61.—Calibration curve for a typical temper- 
ature monitor circuit. 


proportional to the pitch angle. The detector 
output current was fed into an amplifier 
identical to the readout amplifiers previously 
described (Figure 4-64) except that no emitter 
resistor was used. Thus, the dark signal gave 
essentially zero volts output and a fully lit 
signal produced 5 volts output. The 0 to 5 
volt swing represented —5 to +5 degrees 
pitch angle where 2.5 volts is 0 pitch angle. 


Spin Rate Monitor 


The spin rate of the wheel was monitored by 
telemetering the timing ramp from the spin 
control circuit. The peak value of this ramp 
was proportional to spin period. An emitter- 
follower impedance-matching amplifier was 
necessary to isolate the spin control from the 
telemetry system. Figure 4-65 shows the 
calibration curve taken on the flight model 
monitor. 


Servo Positioning Accuracy Monitors 


In order to determine the elevation and azi- 
inuth pointing accuracy of the servo systems, 
two sets of fine eye detectors (readout eyes) 
were aligned to point parallel to the optical 
axis of the pointed experiments and hence 
boresighted to the control fine eye detectors. 
The control eyes were mounted on one pointed 
experiment and the readout eyes on the other. 
In this manner, information could be recorded 
to show any relative shift between the pointed 
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Ficure 4-62.—Temperature monitor regulater schematic. 
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experiments and to monitor the day-by-day 
performance of the positioning servos. 

The eye outputs were fed into the readout 
amplifiers, see Page 105. The amplifier out- 
puts were centered around a 2.5-volt null with 
about 180 mv per minute of are sensitivity. 
This allowed a readout of positioning accuracy 
to better than % minute of arc. 


Launch Sequence Timer 


The purpose of the OSO T launch sequence 
timer was to produce a timed sequence of events 
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Ficurse 4-64.—Pitch readout amplifier. 


after the third-stage spin-up. Figure 4-66 
shows the block schematic diagram of this unit. 
The timer was started by an acceleration switch 
which was closed by the radial acceleration 
produced by the third-stage spin-up. The 
following outputs were programmed: 100 sec- 
onds after timer start, a ground closure was 
supplied to a relay which fired the arm release 
squibs; at 200 seconds, a ground closure oper- 
ated the despin relay which started the satellite 
despin sequence, and a ground closure operated 
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FigurE 4~-65.—Spin rate period (sec/rev). 
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relays which turned orbit power on and the 
redundant tape recorder off; at 400 seconds, a 
ground closure operated the relays which fired 
the azimuth release squibs and the nutation 
damper release squib; at 800 seconds, a pulse of 
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Figure 4-66.—Launch sequence timer block diagram. 
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+18 volts was provided to operate the relay 
which fired the elevation release squib. In 
addition, all the previous outputs of the timer 
were repeated at 800 seconds. Immediately 
after supplying the 800-second output, the 
timer turned itself off. Also, to assure reliable 
sequence, a completely redundant timer was 
used in parallel. The timer consisted of an 
8-stage binary divider, a unijunction oscillator, 
buffer amplifiers, a 15-volt regulator, and start- 
ing and stopping logic circuits. Figure 4-67 
shows the schematic diagrams of the timer, 
Figure 4-68 shows the printed board wiring of 
the timer, and Figure 4-69 shows the assembled 
timer package. 

The timer was started by an acceleration 
switch closure caused by the radial acceleration 
due to the third-stage spin-up. Either of two 
redundant acceleration switches could start 
both of the timers. There were two require- 
ments on timer starting: (1) the timers must 
not start the timing sequence by intermittent 
closures of the acceleration switches due to 
shock and vibration during launch, and (2) the 
timers must have a reset signal present when 
armed and ready to be started by the accelera- 
tion switch. The requirements on starting the 
timers were met as follows. 

When either acceleration switch closed, it 
operated a double-pole, double-throw relay. 
One set of contacts was used to apply +15 volt 
power to the two timer unijunction oscillators. 
The other set of contacts was used to energize 
a second relay whose contacts were used to 
ground the divider reset lines to maintain a 
positive reset on the counters. The unijunction 
oscillators supplied pulses with periods of 6.25 
seconds. If one acceleration switch remained 
closed for 12.5 seconds, an output was obtained 
from the second stage of the counters. This 
output was used to operate a DPDT latching 
relay: One set of contacts were used to hold 
+15 volt power on the unijunction oscillators, 
and the other set of contacts were used to hold 
the reset relays energized. If the acceleration 
switch did not remain closed for 12.5 seconds, 
power was removed from the oscillators and 
reset relays when the acceleration switch opened. 
The counters were also reset to zero. 
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The timer outputs were derived from multi-* 
vibrator stages. A buffer amplifier was used 
to isolate the outputs from the binary divider. 
An RC coupling network having a time constant 
of about 2.5 seconds was used at the input to 
the buffers so that the outputs were negative 
pulses lasting from 2 to 3 seconds. The outputs 
of these buffers were either used directly or 
were used to operate relays which in turn 
supplied outputs. 

At the last timer output (800 seconds after 
timer start) an 800-second output was supplied 
and all of the previous outputs were repeated. 
This was done to increase reliability, i.e., in 
case one of these outputs had not performed its 
function, a second redundant output pulse 
might then have produced the desired result. 
After the completion of the 800-second outputs, 
the timers shut themselves off and could not be 
started again unless a console reset and arming 
signal was applied followed by the proper 
acceleration switch closure. 

For ground testing, a remote starting input 
was used. This input latched the starting 
circuits into the running mode. 


Commutator 


The OSO I utilized an 8-channel FM telem- 
etry system. One channel of the data system 
was used for spacecraft systems data monitor- 
ing. In order to monitor the many points of 
interest (52), it was necessary to commutate 
the information into the data system. This was 
accomplished by two similar commutators 
whose outputs were sequenced into the data 
channel. 

The requirements imposed on commutator 
design were: (1) the power drain had to be low; 
(2) offset voltages had to be low (1 millivolt or 
less); and (3) the hardware procurement had to 
be compatible with the OSO I development 
schedule. The relay commutator was selected 
over alternate methods such as_ solid-state 
switching because it best fit the overall re- 
quirements. The final design had a sampling 
rate of 0.5 to 1 sec which was compatible with 
relay operation, and it had a total power drain 
of 137 milliwatts. The contact switching also 
guaranteed near zero de offset voltages. 
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Figure 4-67.—Timer schematic. 
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Ficure 4-68.—Launch sequence timer circuitry. 


The OSO I commutator was mechanized as a 
ring counter in which magnetic latching relays 
were the active elements. One pole of a relay 
was in the ring counter circuit and the other was 
used for the commutated signal. 

The commutator, which was driven by a 
unijunction clock, had a feature such that if 
certain of the components had failed, the com- 
mutator would have reset itself to channel 1. 
The commutator would thus continue to operate 
after a failure between channel 1 and the chan- 
nel with the bad component. 

The commutator package also contained a 
voltage divider from the regulated 15-volt 
supply that was used to calibrate the telemetry 
channel and a circuit to measure the 15v and 
18v supplies. 

The commutator had one DPDT latching 
relay for each commutated channel. One pole 
of each relay was connected to the commutator 
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output (see Figure 4-70). The channels to be 
commutated were connected to the contacts of 
this set. The other set of contacts were used 
to control commutation. When channel 1 was 
on, 18 volts was applied to the OFF coil of 
channel 1, and the ON coil of channel 2. When 
the clock circuit grounded the return line of the 
coils (all channels connected in parallel), 
channel 1 would throw to OFF and channel 2 
to ON. This action was assured by the charge 
stored in C9 as follows: C9 charged in less 
time than the activation time of the relay. 
Therefore, if channel 1 relay activated before 
channel 2 relay had turned on, the charge in the 
capacitor across the channel 2 ON coil would 
have thrown the relay on. 

By this action, channel 2 came on. Also, 
power was supplied to the high side of the OFF 
coil of channel 2 and the ON coil of channel 3. 
These coils activated when the next ground 
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Figure 4-69.—Assembled timer package. 


closure occurred on the coil return line. This 
process repeated until the last channel was on, 
at which time voltage was applied to the OFF 
coil of the last channel and through a diode to 
the ON coil of the first channel. When the 
next grounding of the coil return line occurred 
the last channel turned off and the first channel 
turned on again. This completed the cycle. 
The clock timing was accomplished with a 


unijunction transistor in conjunction with 
timing elements R1, R2 and C2. C2 had a 
positive temperature coefficient which was 


partially compensated for by the reduction with 
temperature of the trigger voltage of the uni- 
junction. The uncompensated drift was about 
6 percent over the temperature range of —20°C 
to +40°C. This drift was not serious because 
the only requirement on timing was that each 
reading have sufficient duration to establish a 
good average in the presence of telemetry noise 
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and yet short enough so that each channel can 
be sampled often enough. 

The unijunction drives a filter circuit used to 
keep stray, high-frequency pulses from the gate 
of the controlled switch, Q3. When the uni- 
junction fired, the pulse from its base fired the 
controlled switch. The switch clamped the 
relay coil return line to ground as long as the 
anode current remained above about 0.1 ya. 
When the previously ON relay was turning off, 
power was interrupted to the relay coil return 
line for an interval determined .by the relay 
transfer time, about 2 ms. The only current 
through the controlled switch during this time 
was from the discharge of stray capacitance. 
Thus, the controlled switch would then open 
until the next trigger pulse. The resistor, R7, 
was a current limiter. 

The reset circuit protected against malfunc- 
tions (that resulted in removal of +18v from 
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Figure 4-70.—Communications schematic. 


the reset line) by recycling the commutator to 
channel 1. The circuit protected against the 
following problems. 

1. An ON channel goes off, but the succeeding 
channel does not go on. 

2. Arelay that gets hung up between contacts. 

The above conditions were sensed by the 
reset line. When voltage to the reset line was 
removed, the voltage across C6 decayed. 
When the voltage dropped below the zener 
voltage of CR14, Q7 was no longer held clamped, 
and base drive was provided to Q5, which 
energized the ON coil of channel 1. At the 
time of the next clock pulse, power would flow 
through the ON coil of channel 1 on. This 
broke the circuit to the +18v side of the reset 
circuit, and thus the controlled switch dropped 
out and the commutator proceeded normally. 
CR13 prevented a base-emitter breakdown in 
Q5 and Q6 when the commutator was working 
normally; i.e., there was +18v on the cathode 
of CR13 and ground at the base of Q6. 

The voltage monitors were mechanized with 
zener stacks which were chosen to provide 
about 2.5v out at normal voltage in. The 
zener diodes used also had a low temperature 
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coefficient. Since a 2 percent, or 50 mv, 
change in the normal telemetry output voltage 
represents 50 mv, or 0.33 percent, of the 15v 
regulated line, or 0.28 percent of the +18v 
line, the supply voltages could be read quite 
accurately. 

Calibration signals were provided by tapping 
down the 15v regulated line. (The 15-volt 
supply was essentially insensitive to temper- 
ature.) Generation of calibrate signals with 
zeners with a suitable voltage coefficient would 
have required a larger power dissipation. 
Also, since the 15v bus was read to a higher 
accuracy than the calibration voltages, a 
correction factor for both the calibrate signal 
and the 15v bus can be derived as follows: 


V»=15v monitor output as read by telem- 
etry 
V,=actual output voltage of 15v monitor 
V=actual voltage of the 15v line 
V,=actual calibrate voltage 


V.=V/3 
5 
Vane Va 
V,—V—12.5 


Therefore 
12.5 


V=iry,/is 


(4.34) 


Thus, the above equation shows that the 15v 
regulated voltage can be obtained even when 
a portion of the 15v is used for a reference. 
By taking the derivative of the equation, the 
following is obtained: 


AV=1.1AV,, 


where V,, is 2.5v. Thus, the slope on the 15v 
monitor calibration curve used on OSO I 
should have its slope decreased by 1.1 since the 
calibration curve was obtained with an absolute 
reference instead of the 5v calibrate as a refer- 
ence. 

The filter circuit was used to keep current 
pulses drawn while charging the 22 uf capacitors 
from putting large voltage transients on the 
+18v line. Since the controlled switch turned 
on in one microsecond, the current in the 
inductor was small. Therefore, C5 had to 
charge the 22 uf capacitors and still maintain 
an appreciable voltage. A value of 550 uf 
was chosen for C5 so that the drop would be 
less than 10 percent. This assured that the 22 
uf capacitors would be at full charge at the time 
of contact transfer. 


Squib Firing Circuits 


During pre-launch and launch activities at 
AFMTC, many very high-power output radar 
transmitters and high-power RF transmitters 
were in operation. Any parallel wire cabling 
was thus subject to RF power pickup of high 
current generating potential. In order to 
assure that no such current generation was 
possible, critical leads had to be properly 
shielded and twisted. Furthermore, the shield- 
ing had to be properly terminated. 

The OSO I utilized squib-actuated pin puller 
devices to retain and then release several 
mechanisms; namely, the extendable arms, the 
azimuth and elevation pointed instrument 
gimbals, and the nutation damper bob. 

To avoid the possibility of accidental firing 
of the squibs, extensive shielding and grounding 
techniques were used as shown in the schematic 
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of Figure 4-71. The bridge wires were held 
shorted by the OFF contacts of the firing relay. 
The squib leads were shielded up to the squib 
connector, and the shield was grounded both 
at the squib connector and at the relay end of 
the cable. 


GAS CONTROL SYSTEMS 


This section describes the pneumatic systems 
which provided torques by discharging gas 
through nozzles. 

Torques from the gas control system had to 
be applied to the spacecraft for three purposes: 

1. Despin: The spin-stabilized third stage 
of the launch vehicle detached, leaving the 
the spacecraft spinning at about 1.5 revolutions 
per second. It had to be slowed to a nominal 
spin rate of about 0.5 rps. 

2. Spin-up: The spacecraft was slowed by 
aerodynamic and electromagnetic drag. Itthen 
had to be spun up to a nominal spin rate of 
about 0.5 rps. 

3. Pitch Control: For coarse elevation point- 
ing, torques were required to precess the space 
craft about the elevation or pitch axis. 


Description of Gas Systems 


Despin and Spin-Up System 


This was a dual purpose system, i.e., to reduce 
the spacecraft spin rate from its high initial 
value at injection to the nominal operating 
value of about 0.5 rps, and to maintain the 
spin rate near this nominal value. 

Figure 4-72 is a simplified schematic diagram 
of the despin and spin-up system. The loca- 
tions of the components in the spacecraft are 
shown in Figure 4-73. Nitrogen gas was stored 
at an initial pressure of 3000 psi in three fiber- 
glass bottles. The gas was piped through a 
filter to a pressure regulator, and then to two 
solenoid valves. When one of these valves 
was open, gas discharged through three despin 
nozzles. When the other valve was open, gas 
discharged through three spin-up nozzles. The 
pressure at the nozzle inlet was 60 psia. Each 
nozzle produced a thrust of 0.10 pounds force 
on a 3.97-foot lever arm for a total torque of 
1.19 pound-feet. 
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Figure 4-71.—Squib firing circuitry. 


The electronic circuit for despin is described 
on page 148. Thiscircuit measured thespin rate 
of the spacecraft, and whenever the spin rate 
dropped to a preset level a little below nominal, 
the circuit opened the spin-up nozzle for four 
seconds. Since the daytime spin moment. of 
inertia was about 23.5 slug-ft?, one burst of 
the spin-up system increased the daytime spin 
rate by 0.032 rps. Thus, the spin rate was 
held close to the nominal value. 

The despin valve was used only once, just 
after separation of the spacecraft from the spin- 
stabilized launch vehicle. The valve was 
opened by the launch sequence timer. [n about 
140 seconds the spin rate dropped below its 
nominal value. Then, when the electronic 
circuit switched the spin-up valve on, it switched 
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the despin valve off permanently by a latching 
relay. 


Pitch Control System 


The purpose of this system was to maintain 
pitch attitude so that the spacecraft spin axis 
remained within 3 degrees of perpendicular 
to the solar vector. 

Figure 4-74 is a schematic diagram of the 
pitch control system. The locations of the 
components in the spacecraft are shown in 
Figure 4-73. The nitrogen gas, stored at an 
initial pressure of 3000 psi, was piped through a 
filter to « pressure regulator which dropped the 
pressure to 30 psia, and then to two solenoid 
valves. When one valve was open, gas dis- 
charged through a nozzle which aimed up from 
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Figure 4~74.—Automatic pitch angle control block diagram. 


the right side of the sail, producing a torque 
directed toward the sun. This caused the 
spinning wheel to precess in the pitch down 
direction. When the other valve was open, 
gas discharged through a nozzle aimed up from 
the left side of the sail producing a torque 
directed away from the sun. This caused the 
spacecraft to pitch wp. 

The electronic circuit which controlled the 
valves is described on page 126. Its effect was 
to open the appropriate valve when the pitch 
attitude deviated from the solar vector by 
more than three degrees, and to keep the valve 
open until the pitch attitude deviated in the 
opposite direction by about one degree. (This 
overshoot was provided for one the 
experiments.) 

The nozzle thrust was 0.05 lb, and the lever 
arm was 1.93 ft, so the torque was 0.0965 lb-ft. 
The angular momentum of the wheel with a 
moment of inertia of 23.5 slug-ft? spinning at 


of 
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0.5 rps was 73.8 lb-ft-sec. This resulted in a 
0.0965 
73.8 
thus each pitch attitude correction took about 


53 seconds. 


pitch rate of rad sec—!, or 0.075 deg sec", 


Basic Design Decisions 


This section presents a discussion of decision 
from which most. of the details of the system 
design were derived. 


Mass Ejection 


The requirement here was to change the 
angular momentum of the spacecraft. This 
could have been accomplished in only two ways: 
By reacting against some external object. (such 
as the earth’s magnetic field), or by storing part 
of the spacecraft angular momentum in some 
internal object. (such as a spinning disk or a 
high-velocity gas stream), and then throwing 
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this object away. Very early in the program 
the decision was made to use this mass ejection 
method. A gas ejection system is most practi- 
cal because of the ease of getting high: velocity 
at a large radius, and thus a high angular mo- 
mentum per pound of ejected mass. 


Propellant Selection 


The gas which was ejected from the nozzles 
had to have as little effect as possible on the 
sensitive optical surfaces in experimental instru- 
ments. This consideration, and the desire for 
system simplicity, dictated the selection of a 
passive propellant. 

If the propellant had been stored as a liquid 
rather than as a gas, less tank weight and 
volume would have been required. However, 
this would have introduced serious balance and 
phase separation problems. Therefore, it was 
decided to store the propellant as a gas. To 
simplify development, a gas known not to con- 
dense when passed through pressure regulators, 
valves, and nozzles was chosen. The propellant 
therefore had to have a critical temperature 
well below the expected storage temperature 
or a critical pressure well above the storage 
pressure. These considerations limited the 
choices to nitric oxide, oxygen, carbon mon- 
oxide, nitrogen, hydrogen, helium, argon, 
krypton, and neon. 

An important criterion for the selection of a 
specific propellant is the impulse which can be 
obtained from a given weight of gas-filled 
storage bottle. The storage capacity of a 
spherical fiberglass bottle of the type used is 
about 1.4 (105) psi (in?) pound weight of botile. 
Now, at 460° R, 1 psi (in*) of an ideal gas weighs 
1.095 (10-7) MW pounds, where MW is the 
molecular weight of the gas; so to store 1 pound 
of gas we need 65.3/MW pounds of bottle. 
Specific impulse, J,, is defined as the impulse 
obtained from 1 Ib weight of propellant. Then 


if 1.MW 
Te 4 053 MW+65.3 (4.36) 
Mw 


where Ir is the impulse per pound of (gas+ 
bottle). 
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For the nine gases listed above, we may 
calculate the following values for J>: 


Ir 

Pound (force) 

sec/pound 

Gas I, (weight) 
Hg ton cn baw 274 8.1 
Heo swe uses 167 9. 6 
Ne@s genes shoe 74 17.5 
Aico t ee Sat 52 19.8 
OS Cee ees ee a 36 20. 2 
COs esos eee at 74 22.3 
Nooeeene eck ees 74 22. 3 
NOi 22sec 52 Jens 72 22. 6 
Op 228 See BEE 70 23. 0 


Of the four gases with the highest I;, nitrogen 
was chosen because of inertness. 


Quantity of Propellant 

Despin and Spin-Up System—When the 
spacecratt was placed in orbit, it had a moment 
of inertia of 19.7 slug-ft? and was spinning at 
about 3 rps. Thus, the initial angular momen- 
tum was 247 slug-ft? sec"'. After despin, the 
moment of inertia was 24.4 slug-ft? and the 
spin rate was about 0.5 rps, so the angular 
momentum was 77 slug-ft? sec~1. This change 
of 170 slug-ft? sec-' in angular momentum was 
caused by the despin gas jets, which acted at 
a radius of 3.97 ft. This requires a jet im- 
pulse of 43 Ib sec. With nozzle efficiency 
of 90 percent giving an effective specific im- 
pulse of 67 lb sec/lb weight, despin consumed 
0.64 lb of gas. 

To estimate the amount of gas required for 
spin-up it would be necessary to calculate the 
angular impulse delivered to the spacecraft 
over its six-month life by eddy current damping 
and by aerodynamic drag. Neither of these 
impulses can be calculated, so it was arbi- 
trarily decided to provide enough gas to give 
an angular impulse of 1000 slug-ft? sec™!, 
or 3.76 lb of gas. This would have been 
enough gas even if the drag were great enough 
to reduce the spin rate by 7 percent per day. 
(The actual spin rate decay, measured on the 
orbiting spacecraft, was 0.2 percent per day.) 

The despin and spin-up system carried 4.4 
Ib of nitrogen. 

Pitch System—The pitch gas had to do two 
jobs. First, it had to pitch the spacecraft 
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enough to keep up with the change in direction 
of the solar vector due to the earth’s orbital 
motion. Second, it had to buck out any 
external torques tending to pitch the space- 
craft. Jn estimating the gas requirements, we 
assumed that these two jobs were independent. 

The solar vector rotates 1 degree per day. 
If the spacecraft spin axis makes an angle @ 
with the ecliptic plane, the spacecraft must 
pitch 1° cos @ per day to keep up with the 
solar vector. Assuming the worst case, the 
spacecraft would have had to pitch 180° 
during its six-month life. Since the angular 
momentum of the spacecraft was 77 slug-ft? 
sec~', 180° pitch required an angular impulse of 
77x—242 lb-ft-sec. The pitch jets acted at 
a radius of 1.93 ft, and provided 67 Ib-sec 
impulse per pound of gas, so 180° pitch re- 
quired 1.87 pounds of gas. 

A precise analysis of the external torques 
applied to the spacecraft would have been 
extremely costly; for this reason only a crude 
worst-case analysis was made. This analysis, 
which included the effects of gravity gradient, 
aerodynamic drag, radiation pressure, and 
current loops, showed that the angular impulse 
about the roll axis adds up to less than 270 
Ib-ft-sec during the six-month life of the 
spacecraft. To buck out this angular impulse, 
2.09 pounds of gas were required. 

The total pitch gas requirement then was 
4 pounds. Since there was a little extra 
space available, the pitch system was designed 
to carry 4.4 pounds of nitrogen. 

The actual gas usage was much less than 
anticipated since the actual pitch roll was 
about 4 degrees per week (about of that 
expected). 


Thrust Level 


Despin and Spin-l p—There were two ob- 
vious schemes, either of which could have been 
used to control spin rate. One was for a spin 
rate sensor to turn the jets on when the spin 
rate reached some low limit, and to turn the 
jets off when the spin rate reached some high 
limit. The other was for the spin rate sensor 
to turn the jets on for some fixed time interval 
whenever the spin rate reached the low limit. 
This second method was simpler and more 


reliable electronically, and was the metltod 
used. 

The valve-on time interval had to be long 
compared to the response times of various 
parts of the pneumatic system, yet short enough 
to be regulated by a simple RC network. 
Any interval between 2 and 6 seconds was 
considered usable. 

Considering the various tolerances involved, 
if the spin rate had to be held within a 15- 
percent range, the spin rate increment had to be 
no more than 8 percent and no less than 4 per- 
cent of nominal rate. That is, the angular 
impulses had to be between 3 and 6 ft-lb-sec. 

These considerations required that each spin- 
up nozzle provide a thrust between 0.04 and 
0.25 lb. Using the same thrust on despin, 
between 60 and 350 seconds would have been 
required to be completed. 

It was decided to use 0.10-Ib thrust on both 
spin-up and despin nozzles. 

Piteh—The pitch jet thrust level was set by 
the allowable nutation. It was necessary to 
reduce the nutation amplitude to near 1 minute 
of arc, or 2.91 (1074) radians, to be certain that 
the nutation would not interfere with pointing 
accuracy or cause excessive control power 
useage. 

As shown in chapter 2, the amplitude A of 
nutation caused by control torque L is 


LI 
AaTry 


(4.37) 
where 
I is the spin moment of inertia 


I, is the transverse moment of inertia, and 
w is the spin rate of the spacecraft. 


For this particular spacecraft, 
A=3.01 (107%) L, or L=0.0967 ft-lb 


for 1-minute nutation amplitude. Since the 
pitch jets act at a radius of 1.93 ft, the jet 
thrust of 1-minute nutation amplitude is 0.05 
Ib. This was the thrust level used. 


Storage Pressure 


There was a variety of pneumatic components 
rated for 3000 psi service, but components rated 
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for higher pressure were rare. Therefore, to 
make the storage bottles as small as possible 
without introducing a component availability 
problem, the system was designed for 3000 psi 
storage pressure. 


Nozzle Design 


Approach fo the Problem 


The problem was to develop, quickly and 
cheaply, a nozzle which would produce 0.05 Ib 
thrust with acceptable efficiency. 

Although a great deal of work had been done 
on large rocket engine nozzles, the design rules 
developed for these nozzles could or could not 
have applied to a very small nozzle. (For 
instance, in large nozzle design, one assumes 
that the gas boundary layer is thin compared 
to the throat diameter. This assumption might 
have been invalid for a nozzle with a 0.040-inch 
throat.) Therefore, it was decided to use the 
theoretical equations and large-nozzle design 
techniques for guidance, but to put no confidence 
in anything except test results. 

Symbols—In the nozzle design analysis, the 
following symbols were used: 


P.=chamber pressure, i.e., pressure 
just upstream of the nozzle 

P,.=exhaust pressure, i.e., pressure at 
the nozzle exit 

P,=atmospheric pressure surrounding 
the nozzle 

A,=throat area 

A,=exit area 

6—=half-angle of nozzle exit cone 


«= A. expansion area ratio 
t 


T.=chamber temperature, i.e., gas tem- 
perature just upstream of the 
nozzle. Throughout thissection, 
assume that 7T,=—529° R. 

K-=ratio of specific heats of gas. For 
nitrogen, K=1.404 

I,>=specific impulse. For nitrogen at 
529° R 

I.,=79.4 lb sec/(lb weight) 

m=mass flow rate 

¢=nozzle efficiency, the actual effective 
specific impulse divided by the 
ideal specific impulse 
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F=thrust 

R=gas constant. For nitrogen, R= 
1777 lb-ft/° R, in the ft-slug-sec 
system 


Basie Nozzle Equations—The behavior of 
gas in a De Laval nozzle is very complicated. 
However, a fair approximation can be made 
with the following simplifying assumptions: 

1. The gas is ideal in the sense that PV=RT, 
where F is a constant 

2. The gas is ideal in the sense that K is 
independent of temperature and pressure 

3. Viscosity effects are negligible 

4. The process is adiabatic 

5. The gas velocity is constant across any 
cross-section taken normal to the nozzle axis 

6. The velocity of the discharged gas is 
parallel to the nozzle axis 

7. P,is greater than P, 


With these assumptions, the following equa- 
tions hold. 


Mass flow rate: 


K\/ 2 \Ge) 
wary (Bi) (gs) a 
Expansion area ratio: 
Oe” 
VEsb-6)*] 
Thrust: 


PAWVE = (ga) al (3) ial 


+p ep 


(4.39) 


(4.40) 


Chamber Pressure—High chamber pressure 
required an inconveniently small nozzle throat. 
Low chamber pressure required a difficult pres- 
sure regulator design. A compromise was 
necessary. If 


I pp=79.4 Ib-sec/ (Ib weight) 
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then 0.05-lb. thrust requires 
m=1.96(10~) slug sec™! 
From Equation (4.38), we have 
A,P,=2.76(107*) Ib 
This means that 


if P,=100 psi, the throat diameter=0.019 


in., 

if P.=30 psi, the throat diameter=0.034 
in., 

if P.—10 psi, the throat diameter=0.059 
in. 


A throat diameter less than 0.030 in. is difficult 
to control, so P, should not be much more than 
30 psi. 

A simple single-stage pressure regulator can 
be designed for a pressure ratio of 100, but not 
Since the gas storage 


for a much higher ratio. 
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pressure was 3000 psi, P. should not be much 
less than 30 psi. The value P,=30 psi was 
selected. 

Expansion Area Ratio—Figure 4-75 shows a 
plot of relative nozzle efficiency as a function 
of e, derived from Equations (4.39) and (4.40). 
This plot shows that although a large « is 
desirable, there is not a great deal to be gained 
by increasing ¢ beyond 30 or 40. 

If P, is less than P,, the behavior of the 
nozzle is unpredictable. In orbit, P, is negligi- 
ble, but during laboratory testing it is not. 
The testing was done in a vacuum chamber of 
2(10°) cm? volume. The nozzle discharged 
about 2(107°) slug sec! of nitrogen, so the 
pressure in the vacuum chamber, P,, increased 
at about 2(10-%) psi sec-!. Figure 4-76 shows 
the time required for P, to rise to P,, as a func- 
tion of «. In order to allow 20 seconds for a 
measurement, it was necessary to make e less 
than 31. It was decided to make e about 31. 


Figure 4-75,—Relative nozzle efficiency as a function of expansion area ratio, for a nozzle operating in a vacuum. 
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AT INITIAL PRESSURE OF 0 PSIA. 
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Figure 4-76.—Time to reach over-expansion condition as a function of e. 


Entrance Cone—N ozzle performance was only 
very slightly affected by the shape of the con- 
vergent section of the nozzle. A right circular 
cone with 45-degree half-angle was quite satis- 
factory on many large and small nozzles. 
Therefore, for the sake of simplicity, a 45- 
degree entrance cone was chosen. 

Throat Shape—In large nozzles, efficiency is 
bad unless the throat is carefully contoured to 
provide a smooth path for gas flow. It was 
felt that this contouring would probably be 
unnecessary in a very small nozzle. It was 
decided to use a straight cylindrical throat with 
no rounding at the ends. 

It was shown earlier in this section that it 
P,.=30 psia and F=0.05 lb, and if the nozzle is 
100 percent efficient, the throat diameter should 
be 0.034 in. If the nozzle efficiency were 90 
percent, then a throat with an effective diameter 
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of 0.036 inch would produce 0.05 Ib. thrust at 
P.=30 psia. However, it was felt that a throat 
with a sharp entry would behave as though its 
diameter were less than its actual value. 
Therefore, to get 0.036 in. effective diameter, it 
was decided to try 0.039 in actual diameter. 

Ent Cone Shape—If the expanding section 
ot the nozzle is a right circular cone, the exhaust 
gas stream is divergent. The thrust is not 
quite as great as if each gas particle were moving 
parallel to the axis. To correct for this stream 
divergence, the thrust indicated by Equation 
(4.40) must be multiplied by % (1+ 6), where @ 
is the halt-angle of the exit cone. This function 
is plotted in Figure 4-77. 

In applications where a small increase in 
efficiency is important, it is customary to 
contour the expanding section of the nozzle to 
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Figure 4-77.—Correction for stream divergence. 


minimizestream divergence. Since an exit-cone 
half-angle of less than 16 degrees was -antici- 
pated, where contouring could not be expected 
to give more than 1 percent improvement, a 
simple straight cone was chosen. 

The effective throat diameter of 0.036 inch 
and ¢ of 30 required that the nozzle exit have a 
diameter of 0.20 inch. 

The optimum angle for the exit cone was 
determined experimentally. Several nozzles 
were made with similar entrance cones and 
throats, but with different exit-cone angles. 
These nozzles were run with F=0.05 lb. and 
with F=0.10lb. In both cases, 6=12.5 degrees 
gave the highest efficiency. 

Nozzle Efficiency—Several nozzles as shown 
in Figure 4-78 were tested at 0.05 lb. thrust 
with P,=0.03 psia (approximately). The aver- 
age flow was m=2.22 (10-5) slug sec"). Figure 
4-79 shows that in vacuum the flow for F=0.05 
Ib. would be 2.18 (1075) slug sec™!, so the 
efficiency of the actual nozzle, operating in 
vacuum, is 90 percent. The same efficiency was 
measured with the nozzle operating at 0.10 Ib. 
thrust. 

Evaluation of Design—Figure 4-79 shows 
that the theoretical limit for efficiency of 
nozzles with e=30 is 93.4 percent. Figure 4-77 


shows that the theoretical limit for nozzles 
with @=12.5 degrees is 98.75 percent. The 
limit, then, for nozzles with e=30 and ¢=12.5 
degrees is 93.2 percent. 

gave 90 percent efficiency. 
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It is not known 
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Figure 4-78.—Nozzle assembly. 
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Figure 4-79.—Theoretical limit for efficiency of 
nozzles. 


how much of this 3 percent discrepancy was 
due to gas viscosity, how much was due to the 
non-contoured throat, or how much was due to 
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other factors, but it is clear that there was not 
room for significant improvement. 

There were no highly critica] dimensions in 
the nozzle. Efficiency is insensitive to changes 
in throat diameter, throat length, entrance 
angle, exit angle, and exit diameter. This made 
the nozzle easy to build and inspect. 

Thrust measurements confirmed the estimate 
as to the effective throat diameter. In vacuum, 
the nozzle gave 0.05 lb. thrust at P,=30.0 psia 
and 0.10 Ib. thrust at P,=60.0 psia. 

This nozzle was completely satisfactory for 
its purpose. 


PERFORMANCE 


The performance discussed in this section is 
in some cases necessarily that of the complete 
control system loop since this is all that the 
information transmitted from the spacecraft 
can report. 


Control Systems 


Azimuth Positioning 


The accuracy of azimuth positioning was 
designed to be +1 arc minute with the actual 
design requirement being +5 arc minutes. 
The system was adjusted for zero pointing error 
on the gound with the wheel section spinning 
at 0.5 rps. 

It was anticpiated that when orbit was 
achieved and the upper structure became 
weightless, the azimuth error would be other 
than zero and in the direction opposing wheel 
rotation due to reduced bearing friction. It 
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Figure 4-80.—Azimuth pointing, 1000 orbits. 
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was anticipated that the bearing friction might 
increase slightly after a number of orbits and 
thus reduce the anticipated error toward zero. 

As can be seen from the curve of Figure 4-80, 
the initial error was not in the direction antici- 
pated, but the long-term error was as expected. 
The initial error was about 2 minutes of arc. 
This was reduced to about 1 arc-minute after 
a few orbits and was from that point on about 
1.5+0.5 arc-minutes. The constancy of the 
positioning demonstrates the long-term relia- 
bility of the positioning control system. 

One possible explanation of the initial error 
being in the direction opposite to that 
anticipated is that the dry lubricated bearings 
may have been run-in at the 1 g load ground 
test position and may have had to be run-in 
again at the orbit unloaded position. The fact 
that the error was reduced over several orbits 
from the initial error supports this reasoning. 
An interesting hump appears in the curve of 
Figure 4-80 near orbit 600. The azimuth 
control system power usage, shown in Figure 
4-81, shows the increase in power required to 
maintain point during this time. 


os lI 
AZIMUTH POWER 
CHANNEL 40 
DATA POINT TAKEN 
APPROXIMATELY 
SATELLITE MID~DAY 


POWER IN WATTS 


900 1300 1500 


ORBIT NUMBER 


Figure 4-81.—Azimuth power, 1000 orbits. 


The average power usage for the azimuth 
control system, as shown in Figure 4-81, was 
about 3 to 3.5 watts. A nominal value of 2.5 
watts was anticipated; thus, the power required 
was increased by the increase in bearing friction 
over that expected. 

The engineering experiment eye block on the 
alternate pointed experiment had an azimuth 
error detecting eye pair consisting of two of the 
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six eyes in the block. The data from this eye 
pair corroborated the positioning accuracy as 
read from the readout-detector eye pairs. This 
agreement assured that the errors recorded 
were real positioning errors and were not due 
to movement of the pointed experiments rela- 
tive to their set positions on the ground or due 
to system electronics gain or null point drifts. 

One other interesting point displayed in the 
data is that of the small changes in the azimuth 
positioning error. The servo drives were de- 
signed such that there is a drive dead zone for 
small error signals. As previously discussed 
a small error must exist to produce drive (see 
Figure 4-37) and for the azimuth servo this 
error is always present due to bearing, slip 
rings, and frictional drag of the torque motor 
brushes. Thus it was anticipated that the 
positional error in azimuth would be that error 
required to produce a drive at one edge of the 
dead zone. Furthermore, for a constant fric- 
tional drag, it was anticipated that the error 
would be due to a variation in the friction level. 
The variations seen in the positional error then 
were due to small variations in the friction 
level. 

It is this variable friction problem that must 
be solved when more accurate positioning is 
required. Liquid lubricants can produce a 
much lower and a much more constant bearing 
friction level, and for this reason are being con- 
sidered for use on future spacecraft of the same 
design. 


Elevation Positioning 


Elevation positioning was designed to be 
1% arc-minutes with the design requirement 
being +5 arc-minutes. The system was ad- 
justed on the ground to zero error and it was 
anticipated that the positioning error would 
drift between the dead zone set points of +1% 
arc-minutes with perhaps one direction of error 
predominating due to magnetic coupling effects 
or to flexible lead unbalanced spring action. 
As can be seen from Figure 4-82 this was 
definitely not the case. 

Figure 4-83 which shows the pitch angle and 
the elevation error, quickly explains why the 
anticipated conditions were not achieved. The 
only mechanical connections between the space- 
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Figure 4-82.—Elevation pointing, 1000 orbits. 


craft structure and the pointed experiments 
were the gimbal bearings and the flexible leads 
to the experiments. If the elevation bearings 
were brinnelled during the launch vibration, 
the elevation error would be as seen in the curves 
somewhere near the zero pitch angle, but would 
be constant eslewhere; and furthermore, no 
power would be required to hold the experi- 
ments pointed in elevation at any points other 
than the edges of the brinnelled flats on the 
bearings. As can be seen from the figure, this 
is not the case. 

This leaves only the flexible leads to produce 
the error which is obviously a function of the 
pitch angle. The flexible leads were painted 
with the same white paint that was used on the 
back of the solar array to dump heat. The 
flexible leads then must have been very cold 
and thus were probably considerably stiffer than 
when the pointed experiments were dynamically 
balanced on the ground at room temperature. 
It is assumed then that the flexible leads acted 
as springs attempting to keep the pointed exper- 
iments in a position normal to the spin axis 
and that the elevation control system was 
forced to use considerable power, as seen in 
Figure 4-84 to maintain point against the spring 
action of the flexible leads. 

This problem has been solved for future space- 
craft by using much longer and more flexible 
leads and by making the surfaces of the flat 
leads shiny to keep their temperature near 
room temperature. 


CONTROL SYSTEMS 


AZIMUTH POWER 
(WATTS) 


AZIMUTH POINTING 
(MIN OF ARC) 


ELEVATION POWER 
(WATTS) 


ELEVATION POINTING 
(MIN OF ARC) 


PITCH ANGLE 
(DEGREES) 


0 90 180 270 360 450 540 630 720 810 900 990 
ORBIT NUMBER 


Figure 4-83.—Composite performance data, 990 orbits. 


The average elevation positioning power was _ Pitch Control 
about 2 watts. The curves of Figure 4-85 show that the 
pitch control system, composed of electronic 
ee and gas components as previously described, 
FUEVALION FORE performed very well. Here again, however, a 
DATA ONT tases small deviation from the anticipated perform- 
— ance is observed in that the set points for pitch 
correction were slightly changed from the 
ground checkout values. The control system 
was designed to initiate a correction at a 3° 
error and to overcorrect to 1° beyond the zero- 
error point. 

As previously described, the input signals for 
the electronics were derived from cadmium sul- 
phide photo detectors. There was a problem 

PR Nees associated with these detectors in this applica- 
Figure 4-84.—Elevation power, 1000 orbits. tion. The cells were used with no filter and 
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Figure 4-85.—Pitch readout, 1000 orbits. 


were thus responsive to sunlight illumination 
as a direct function of their own response 
characteristics. In order to determine the 
actual space output, one must know precisely 
the expected gain increase due to moving above 
the atmosphere through which the detectors 
see the sun during ground measurements and 
checkout. The gain increase from ground 
to orbit apparently was greater than antici- 
pated, causing the detector output to be high 
enough at less than 3° pitch error to trigger 
the pitch control electronics. Some difference 
in the set points in orbit was anticipated, and 
since there was no requirement for great 
accuracy (the solar cells become shaded by 
the wheel at pitch-up angles greater than 4°) 
and since it was anticipated that any change 
would be in a direction to slightly narrow the 
control range, it was decided to avoid additional 
development for greater accuracy. 

It can be seen in the curves of Figure 4-83 
that the pitch angle corrections were made for 
angles somewhat greater than two degrees and 
the overshoots were slightly greater than one 
degree. 

Silicon detectors, whose characteristics are 
much more stable and whose gain increase in 
orbit is much more predictable, particularly 
when used behind narrowband filters whose 
transmission is in an atmospheric window, are 
to be used on future spacecraft. 


Spin Control System 


The previous performance discussions reveal 
small deviations from anticipated performance 
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that had negligible effects on the overall 
performance of the spacecraft. The problem 
experienced with the spin control system was 
of a much more serious nature. 

As noted in Chapter 1, the spin-down and 
spin-up sequencing during initial acquisition 
was perfect. Furthermore, spin-up control 
was proper for many orbits thereafter. How- 
ever, beginning with orbit 895 the spin control 
system produced several bursts of gas when 
none were required to maintain spin rate. The 
last burst occurred near orbit 1150. There 
have been none since. A spin rate curve is 
shown in Figure 4-86. 
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Figure 4—86.—Spin rate curves. 


During this time, the spin rate was increased 
from the nominal 0.5 rps to about 0.8 rps. At 
this increased spin rate, the azimuth servo 
could no longer position the upper structure 
to the sun. The reason for this was that the 
back emf of the azimuth torque motor in- 
creased with spin rate, and that the effective 
net drive for acquisition was reduced as the 
spin rate increased due to the coarse eye char- 
acteristic output signals and the coarse servo 
lead network properties. 

The batteries were discharged quite rapidly 
with the azimuth servo drawing high power in 
trying to acquire continuously during space- 
craft day. The undervoltage switch switched 
the load from the batteries as soon as they were 
discharged. The batteries charged up then to 
about 10 percent of their capacity at which 
point the undervoltage switch re-applied the 


‘l6ad. This sequence of events was continu- 
ously repeated until the spin rate gradually 
was reduced by atmospheric drag to about 0.74 
rps at which time, during orbit 1622, the 
azimuth servo regained control. 

During the period of time from orbit 1139 to 
orbit 1622, the only data recorded were during 
those periods when the spacecraft was not in 
the undervoltage condition and was within 
range of a receiving station. 

The undervoltage condition described above 
was repeated after orbit 1822 until about orbit 
3320 at which time the azimuth servo again 
acquired control at about 0.66 rps spin rate. 

The reason for loss of control after orbit 
1822 was that magnetic coupling effects be- 
tween on-board magnets and the earth’s field 
caused a sinusoidal variation in spin rate. 
This variation added to the spin rate after 
the azimuth servo regained control to again 
spin the wheel too fast for servo pointing control 
to be maintained. This coupling effect 
amounted to an increase of only 0.05 rps, but 
was enough, when added to the already high 
spin rate, to cause the nonoriented condition 
to occur again. The spacecraft was mag- 
netically compensated before flight. Had this 
not been done, the coupling effects would have 
been much greater. 

The most probable reasons for the second 
acquisition being at 0.66 rps rather than 0.74 
rps after the initial spin-up problem are 
build-up of brush material on the torque motor 
commutator causing higher apparent com- 
mutator resistance and thus reducing torque, 
and/or an increase in bearing, slip-ring, and 
motor-brush frictional drag. 

In the following paragraphs some probable 
and improbable causes of the spin-up mal- 
function are discussed. Refer to the circuit 
of Figure 4-44. 

It is difficult to find a place for a malfunction 
beyond the burst generator. It is thus as- 
sumed that pulses triggered the burst generator. 

Stray pulses could have triggered the burst 
generator. No such triggering occurred in 
prelaunch checkouts or for the first 895 orbits. 
Tf this were the malfunction cause, the pulses 
either grew more severe and then less sensitive 
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with time. This cause of malfunction is 
improbable. 

A missing trigger pulse for the integrator 
circuit is a probable cause of malfunction. 
There are three likely possibilities that are 
all functions of the detectors. These are as 
follows: 

1. Gradual Reduction of Detector Illuminated 
Sensitivity: There. are two reasons why this 
is thought to be an unlikely explanation of the 
malfunction. First, the detectors of similar 
type (‘on target” detectors and ‘day-night 
turn-on” detectors) have not shown a similar 
problem. Second, if this had been the problem, 
several spin-up cycles over a short period of 
time would have been the result. This was 
not the case. 

2. Detector Continuously Illuminated: The 
detectors were used in such manner that only 
minimum illumination was required to produce 
a resistance low enough to trigger the pulse 
integrator. This was done to insure that the 
turn-on eyes would give a dark signal to turn 
off spin-circuit power at an illumination level 
considerably higher than that required for 
reliable spin-circuit operation. The reason 
for this was to prevent the spin circuit from 
missing a pulse just before power turn off. 
A missing pulse would result in a spin-up burst 
at every spacecraft dusk. If the pulse shaper 
were saturated continuously for one revolu- 
tion of the wheel, a spin-up burst would be 
generated. A continuously illuminated de- 
tector would have produced this result. No 
possible earth-sun-spacecraft geometry could 
have produced the condition of an illuminated 
earth such that the spin detectors could see 
the earth continuously for one revolution. 
Thus, a continuously illuminated detector was 
an improbable cause of the malfunction. 

3. Detector Dark Resistance Reduced: If the 
the dark resistance of the detectors were reduced 
from a nominal 500K ohms or greater to the 
range 200K~280K ohms, the pulse shaper 
would have been saturated. If the dark resist- 
ance were decreased gradually (a possibility 
if in a radiation environment), the pulse shaper 
would gradually have become insensitive as the 
circuit neared saturation. Just before per- 
manent saturation, the pulse shaper would 
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occasionally miss pulses and cause spin-up 
bursts. There was another effect that could 
become important under these conditions, that 
is, the flip-flop to which the shaped eye pulses 
were fed was unsymmetrical as can be seen 
by 6.8 uf and 220K tending to hold the base 
of one flip-flop transistor on. Furthermore, 
if there were feedback from the solenoid driver 
when none was wanted, it would have caused 
the flip-flop to be hard to change from the 
no spin-up pulse state such that the condition 
of no spin-up pulses would be favored. It is 
thought that this reduced dark current theory 
best explains the malfunction. 

The failure was apparently temporary since 
the circuit worked properly when the spin rate 
was reduced to the nominal spin-up set point. 

Silicon detectors whose characteristics are 
much more reliable are being used on future 
spacecraft designs as spin-circuit input elements. 
Some circuit modifications are also being made 
for future applications. 


15-Volt Regulators 


The readout data from the regulators is shown 
in Figures 4-87, 4-88 and 4-89. As is shown, 
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Figure 4-87.—15-volt power amplifier monitor chan- 
nel 45, readout data. 
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Figure 4-88.—15-volt linear amplifier monitor chan- 
nel 44, readout data. 
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Ficure 4-89.—15-volt wheel channel 


readout data. 


monitor 25, 


the regulators regulated well. Further evidence 
of their excellent performance is in the good 
performance of the control systems operated 
from the regulated voltages supplied. 


Day Power Turn-On 


The day power turn-on circuit worked very 
well. The circuit never failed to reliably 
turn power off at night and on during the day. 
One problem was exposed, however, in the 
operation of the circuit. The sensitivity 
hysteresis band between the illumination level 
required to switch power on and that reduction 
in level required to switch power off was not 
set to be wide enough. When the spacecraft 
was in the dawn and dusk portions of the orbit, 
the illumination level was for about two seconds, 
such that the power was cycled on and off about 
five times before either staying off at dusk or 
staying on at dawn. This switching was no 
consequence to any spacecraft functions, but 
was unfortunately very confusing to the Uni- 
versity of Minnesota experiment. The experi- 
ment used circuitry that detected and counted 
each power on-off cycle as one orbit. The 
experiment then had been counting orbits in 
very rapid groups of 5 or 6 which made data 
reduction more difficult than anticipated. 

Silicon detectors of much more reliable 
characteristics are being used on future space- 
craft designs, and only one eye is used, thus 
eliminating the need for a hysteresis band. 


Undervoltage Switch 


Unfortunately, as described fully in the spin- 
circuit performance description, the under- 
voltage circuit was given ample opportunity to 
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‘démonstrate excellent performance. The circuit 
worked properly several hundred times. The 
circuit was designed to give a last measure of 
life to the spacecraft. As it happened, the life 
of the spacecraft without the protection would 
have been only two and one-half months. 


Monitor Circuits 


As can be seen from the curves of this section, 
all of the monitor circuits performed well. 
Data was permanently lost from most of the 
monitors after the commutators failed. 


Sensor Monitoring Experiment 


The space environment effects upon the Ball 
Brothers engineering experiment detectors are 
listed below. 


Degradation 
(percent per 
Detector Type month) 
Open:cell. . 232 2ecce2 ev cesesce 3.6 
Fine pointing.._._...-.--_----- 1.8 
Fine pointing._..-_.-..--------- 1.2 
Coarse pointing. ___.-..-------- 0 


These degradation figures were derived over 
the first 1000 orbits and were, for this period of 
time, linear functions of time. It was assumed 
that the data could be extrapolated to 6 months 
with some confidence if the electron flux problem 
was ignored. 

The open-cell detector exposed the silicon cell 
directly to solar irradiation. The degradation 
was due to direct ultraviolet irradiation damage. 

The fine pointing detectors, with lenses and 
narrow transmission band filters, were the type 
used for the servo-positioning-control error 
detectors. The two detectors were not spec- 
trally matched. This is the reason for the 
slightly different degradation rates. The servo 
gain decrease in 6 months (9 percent average) 
due to eye output reduction caused a positioning 
error of the same percentage applied to the 
initial error. That is, with a 1.0 arc-minute 
initial control accuracy, the error after 6 months 
was increased by 0.1 arc-minute. The variation 
in positional accuracy caused by the different 
degradation rates was negligible. 

The coarse pointing detector was identical to 
the coarse detectors used for the positioning 
control system. No degradation was measured. 
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The detector output varied with good agree- 
ment to the theoretical variation in the solar 
constant. This information indicated that the 
degradation measured for the fine pointing 
detectors was due entirely to effects on the lens 
glass (probably ultraviolet-radiation-induced 
color center formation causing some attenu- 
ation), and that the degradation of the cells was 
negligible when protected by the filter glass. 

Of considerable interest would be data con- 
cerning the effects of high energy electron flux 
on the detectors. Unfortunately, the detector 
outputs were reduced to the lowest level that 
was readable by about orbit 2000. This was 
about the time the 9 July 1962 high-altitude 
nuclear device, which caused the electron flux, 
was exploded. Since then the coarse detector 
eye did not continue to give on-scale readings 
after that time, as would have been anticipated 
since the solar constant was on the increasing 
half-cycle, it was assumed that some radiation 
change had occurred. This change would have 
had to be only about 3 percent to produce the 
effects measured, thus no real limits can be 
estimated. It is thought that the effect of 
electron flux on the detectors would be evidenced 
only in the lens glass from the x-rays caused by 
the electrons impinging on the lens light shields. 
It is thought that these x-ray effects may be of 
greater magnitude than the ultraviolet effects. 
The effects of the x-rays on the silicon cells is 
thought to be negligible since the energy levels 
of the x-rays produced are less than the destruc- 
tive energy level threshold for silicon semi- 
conductors. 

The azimuth position readout pair of detec- 
tors performed well. After the upper commu- 
tator failure about orbit 1900, this detector pair 
became the only readout available to allow 
determination of azimuth pointing accuracy. 

A slight shift of about % arc-minute in 
relative azimuth pointing direction of the 
pointed experiments occurred during launch. 
After this shift had occurred, agreement was 
found unchanged between the actual azimuth 
pointing readout detectors and the pair used 
on this experiment. After 5000 orbits the 
experimental pair was reading azimuth posi- 
tioning errors of less than one arc-minute. 
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Fiaure 4-90.—Error detectr stability experiment. 


Two curves of interest are presented concern- 
ing the experiment. The curves of Figure 4-90 
show the combined effects of degradation and 
solar constant variation over the first 1000 
orbits. The solar constant change was a 
decrease of 3.2 percent over this period. The 
coarse detector, as noted previously, followed 
this change very closely. 

The curve of Figure 4-91 shows the coarse 
detector output variation over one orbit. The 
peaks after dawn and before dusk were of 
variable amplitude and varied somewhat in 
shape and in time as the spacecraft-earth-sun 
orientation changed. The peaks were due to 
earth light inputs to the coarse detector. The 
curve plotted is typical. 

Of value to the circuit designers would have 
been a time-attenuation curve for solar intensity 
as the spacecraft emerged from and went into 
the earth’s shadow. Due to the sensitivity of 
the fine detector readout, a decrease (first few 
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orbits) of about 10 percent in output produced 
low-end-of-scalereadings. Thus, this curve could 
not be obtained. Of some interest, however, 
is the fact that the detectors did decrease this 
10 percent over the period of time from about 
21 seconds prior to power turn-off to about 13 
seconds prior to power turn-off. This indicates 
that there is some atmospheric attenuation in 
the narrow infrared bandwidth to which the 
detectors are sensitive prior to that attenua- 
tion due to the spacecraft entering the earth’s 
penumbral shadow. 


Commutators 


Four commutators were incorporated in the 
OSO I. These were the two spacecraft house- 
keeping channel commutators, providing 30 
points of information in the wheel section and 
22 points in the upper section, the alternate 
pointed experiment 20-point commutator, and 
the Rochester 20-point commutator. 
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Figure 4—-91.—Error detection stability experiment. 
Of these four devices, two have failed. The | was not accomplished in this time. The lower 


spacecraft lower commutator failed during 
orbit 341, causing the loss of 22 of the 32 lower 
commutator data points. The spacecraft upper 
commutator failed after orbit 1900 with all of 
the upper commutator points being lost. The 
experiment commutators were working properly 
after 3500 orbits. 

The housekeeping data commutators were 
designed such that the failure of a switching 
relay to make contact would cause the device 
to reset to channel 1 and would thus allow 
cycling from channel 1 to the channel switched 
by the bad relay. This was accomplished by a 
circuit that allowed the relays 0.5 seconds to 
throw and would cause a reset if relay closure 
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commutator has been operating in this sequence 
since the failure of the relay that switched the 
eleventh data point. 

The reason for the upper commutator failure 
was not understood. The commutator was 
not cycling. The method of operation of the 
two commutators was as follows. The lower 
commutator ran its sequence in 32 seconds 
with 1 second dwell time data sampling and 
then reset to point one. At the reset time the 
output line from the upper commutator, which 
was cycling continuously, was switched into 
the output line through the lower commutator. 
The lower commutator completed its sequence 
while the upper commutator was read out. 


Chapter 5 
DATA ACQUISITION AND COMMAND SYSTEM 


INTRODUCTION 


The data acquisition system on the OSO I 
was designed to perform the following functions: 

1. Accept the analog outputs of seven* 
data channels and one reference channel and 
combine them into a frequency multiplex of 
eight subcarrier oscillators. 

2. Record the frequency-multiplexed signal 
on a tape recorder for 90 minutes. 

3. Upon ground command, play back in 
5 minutes the recorded multiplex at 18.35 
times the record speed. The playback signal 
frequency modulates a 1.75 watt transmitter. 

4. Radiate the transmitter RF signal via a 
near-isotropic antenna system. 

The command system on the OSO I was 
designed to perform the following functions: 

1. Receive a tone-modulated command car- 
rier via the spacecraft antenna system. 

2. Demodulate and select the particular tone 
command channel via the receiver and decoder, 
respectively. 

3. Actuate 10 spacecraft command functions. 

The data acquisition and command system 
required a total of 4.6 watts of power at 19 
volts. Two systems, a primary and alternate, 
were used, having a total weight of 23 pounds 
packaged in a volume of 442 cubic inches. 


SYSTEMS DESIGN 
The Data Transmission Problem 


Satellite Range 


The orbit was circular at 300 nautical miles 
altitude. The inclination to the equator was 
approximately 33 degrees and the period about 


*In some cases several experimental measurements 
were combined into a single channel. 
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95 minutes. The maximum range at which 
data was received from the satellite was 1000 
miles. The time allotted for the transmission 
of stored data was 5 minutes. T'o remain with- 
in the range and time requirements, the bound- 
aries of the area for data transmission were 
as follows: for a direct overhead pass generally 
from west to east, the 5-minute transmission 
interval started at a range of 700 miles when 
the satellite was 32 degrees above the horizon 
and ended at the same renge snd elevation 
angle above the opposite horizon; for passes 
other than directly overhead, the requirements 
for 1000-mile range and 5-minute transmission 
interval were satisfied so long as the orbital 
path was no farther than 645 statute miles on 
either side of the overhead orbital path. 

The following computations were made to 
determine whether the combination of trans- 
mitter power, bandwidth, spacecraft antenna 
patterns, and receiving station parameters 
would yield a satisfactory signal for data 
analysis. 


Given Parameters 


The following known parameters are used in 
the data transmission problem: 


Maximum range: 1000 miles 
Satellite antenna gain: unity with maximum 
short-angle nulls of 6 db.- The nulls are 
determined by plotting the composite of 
linear and horizontal polarization 
Receiving antenna gain available: 19.2 db 
Receiver bandwidths available: 
Model R-220: 8 ke, 45 ke, 70 ke, 180 ke 
Minitrack Mod I: 10 ke, 30 ke, 100 ke, 
300 ke, 1 Me 
Receiver of preamplifier noise figure: 3 db 
Frequency: 136.74 Mc 
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Transmitter output and radiated power dur- 
ing conditions indicated: 


Power out: 

Playback. ____._._-_-- 1.75 watts 

Real-time_____-_------ 300 milliwatts 

Radiated power: (2 db loss in antenna 
system) 

Playback____.-------- 1 watt 

Real-time____________- 200 milliwatts 


Fades} (136.74 Mc) 
Due to refraction: +10 db less than 10 
percent of the time 
Due to absorption: less than 0.3 db 
Due to multipath effects: negligible at 
angles of 23 degrees or greater above the 
horizon 
Galactic Noise 
Worst sky condition: 5000°K 
Average sky condition: 300°K 


Signal Threshold 


The most important factor in determining 
whether an FM-FM transmission system will 
yield satisfactory data is the required ratio of 
signal-to-noise to achieve threshold. 

The following calculations are based upon 
the fact that once threshold has been achieved, 
satisfactory information can be obtained from 
the telemetry records. 

It has been experimentally determined{ that 
in an FM system with large modulation index, 
the signal-to-noise improvement threshold of 
the receiver occurs at # point where the ratio 
of signal-to-noise power is 16, or 12 db. Since 
in OSO I the modulation index was composite 
and approximately 2, setting the threshold at 
12 db provided an extremely conservative 
margin. The 12-db figure was conservative 
because it did not consider the additional 
improvement realized in the subcarrier dis- 
criminators. 

When 12 db was used as the signal-to-noise 
criterion, the receiver threshold occurred at 
109 dbm (0.8 uv) at 100 ke bandwidth and at 


t Propagation Studies for Satellite Systems, Lockheed 
Missile and Space Division, Document No. 917040, 
Phase II, LSMD Document No. 916943 

{Frequency Modulation Noise Characteristics,” 
Murry G. Crosby, Proceedings of the IRE, Vol. 25, 
No. 4, April 1937 
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114 dbm (0.44 uv) at 30 kc bandwidth. These 
values were calculated using a receiver noise 
figure of 3 db and were also achieved experi- 
mentally in the BBRC laboratory. 
Calculations for only the wide-band case are 


as follows: let S equal signal power to achieve 12 
db S/N threshold. 


12 db=power ratio of 16 
N.=total noise power=source noise 
+receiver noise 
N,=k ToBW+k T,BW 
=k BW (T>+Tpr) (5.1) 
k=Boltzman’s constant, 1.38 10-% 
Joules/°K 
To=reference temperature of an- 
tenna=290°K 
Tr=effective temperature of 3-db 
receiver =290°K 
Tot Tr=580°K 
BW=100 ke 
S/N,=16 
S=16k BW (To+Tz) 
= (16) (1.38 X 107%) (105) (580) 
=1.28X 10-" watts 
=109 dbm 
=0.8 uv across 50 ohms 


(5.2) 


The Transmission Problem Solution 


Having determined the signal required to 
achieve the necessary ratio of S/N, it remains 
to be shown that with a constant signal and 
under varying conditions of increased noise, the 
high power transmission system will operate with 
sufficient margins of safety. The safety mar- 
gins of the low-power transmission system can 
be determined by the ratios of power and 
bandwidth since these two factors are the only 
parameters which change. 

Given the fixed parameters above, the noise 
power will be varied simulating ideal, average, 
and worst conditions. 


Ideal Conditions: 


1000 miles 
136.74 Mc 
1.37 X 10-3 miles 
19.2 db (ratio 83) 


Wavelength, \__--.------------ 
Total antenna gain, G, 


Bandwidth, BW__.----------- 100,000 eps 
Radiated power, Py--_-------- 1 watt 
Receiver noise figure - --------- 3 db 
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* + Signal-to-noise ratio achieved under ideal 
conditions: 


P.G; oN 


SIN= "7 BW Gad)? 


(5.3) 


where: 


k= Boltzman’s constant 
T,=Summation of source and receiver 
temperatures 
== wy t Tot+Tr 
T, (ideal) = (0)+290+ 299=580°K 
v 2 
Ga attenuation 
(1.34107)? o 
G2-56)'19° —1-19X10 
-_ (1.0) (83) 
SIN=-3a5<10-) (580) (105) 
= 1.24 10 


=1.19x 107" 


or, expressed as a power ratio, 


S/N=31.5 db 


The safety margin for assumed ideal conditions 
then equals 31.5—12 


=19.5 db 


Average conditions: If it is assumed that all 
conditions remain the same except that the sky 
temperature increases to 300°K, then the safety 
margin is calculated as follows: 


Troy =LlaytTotTr 
=300 290+290=880°K 
580 
—, 3 ed 
S/N=1.24X10°X3e5 
=0.825 X 10° 


=29.16 db 


However, if the full 19.2 db receiving antenna 
gain is not utilized due to improper tracking, 
3 db should be deducted. In addition, deduct 


6 db for spacecraft antenna pattern nulls. 


S/N av) =20.16 db 
Safety Margin=8.16 db 
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Worst Conditions: By increasing the sky tem- 
perature to 5170°K (the remaining parameters 
being unchanged), the margin of safety becomes: 


T : cworst) = 517042904290 


=5750°K 
580 
ae 3 
S/N=1.24X10°X 5 
=1.25X 10? 
=20.96 db 


Deducting tracking antenna errors of 3 db and 
spacecraft antenna pattern nulls of 6 db, the 
safety margin is essentially zero. 


Performance 


In flight, better than average conditions of 
reception did prevail at least 90 percent of the 
time. The OSO [I transmission system pro- 
vided signals 8 to 15 db above threshold. 


RF System 


RF Multiplexing System 


As shown in Figure 5-1, it was necessary to 
operate two transmitters and two command 
receivers using one spacecraft antenna system. 
Two transmitters were alternately connected 
into the antenna feed line by a coaxial switch. 
The switch was actuated by ground command 
in conjunction with the selection of the primary 
or alternate transmitter. 

To permit the operation of the selected trans- 
mitter and the command receivers from the 
same antenna system, a diplexer was necessary 
which provided high isolation between the 
transmitter and the receiver. 

For redundancy, two command receivers were 
operated in parallel. A hybrid junction per- 
mitted such operation without the necessity of 
switching between the two receivers. The in- 
put to the hybrid junction originated at the 
diplexer. 


Transmitter 


The transmitter consisted of two parts: the 
modulated driver and the power amplifier. 
Both units used solid-state active elements. 
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During the 90-minute phase of the orbit, the 
transmitter output was reduced to 300 milli- 
watts and the low-frequency, real-time sub- 
carriers were transmitted. When the satellite 
was within receiver range, the transmitter out- 
put was increased to 1.75 watts and the high 
frequency subcarriers from the tape recorder 
were transmitted. 

The power amplifier was designed to operate 
without spurious oscillations into a tuned load, 
such as the diplexer, with a VSWR as great as 
2:1. 


Antenna System 


Considering the vector sum of the vertical 
and horizontal polarization components, the 
antenna patterns exhibited nulls no greater than 
—6 db for 95 percent of all aspect angles. The 
vertical and horizontal polarization components 
were received at the Minitrack ground station 
via two parallel receiving channels. As the 
spacecraft rotated at % revolution per second, 
antenna nulls were realized in one polarization 
component or the other. A  post-detection 
diversity combiner performed the summing of 
the two signals and provided a smoothed video 
output continuously as great as the stronger of 
the two signals. 


FM Multiplexing System 


The OSO I telemetry system was an FM-— 
FM system (Figure 5-1). The outputs from 
eight nonstandard low-frequency subcarrier 
oscillators were multiplexed into a magnetic 
tap recorder for orbital storage. The tape 
recorder was interrogated and played back the 
recorded signal when in range of one of the 
Minitrack ground stations. 

At the same time that the subcarrier multi- 
plex was being stored, it was also being fed to 
the transmitter for continuous real-time trans- 
mission. When the tape recorder was played 
back, the real-time subcarrier signals were 
removed from the transmitter and the stored 
frequencies were transmitted. At the end of 
playback, the real-time frequencies were again 
connected. 

The subcarrier input data rates from the 
sources indicated below were dictated by a 
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nominal modulation index of 5. The choice of 
subcarrier frequencies was predicated upon 
limited response of the tape reccrder in con- 
junction with tape storage capacity and the 
necessity to operate at a reasonable trans- 
mission bandwidth to conserve transmitter 
power. 


Channel 1: Center frequency 164 cps Uni- 
versity of Minnesota—PCM, 1 bit per sec. 

Channel 2: Center frequency 212 cps OSO I 
spacecraft status—52 PAM channels, sub- 
commutated at 1 sample per second. 

Channel 3: Center frequency 294 cps God- 
dard alternate pointed experiment—20 
PAM channels, subcommutated at 1 
sample per second. 

Channel 4: Center frequency 400 cps Uni- 
versity of Rochester—20 PDM channels, 
% pulse per second. 

Channel 5: Center frequency 572 cps Uni- 
versity of California—pulse rate informa- 
tion at 4 pulses per second. 

Channel 6: Center frequency 790 cps God- 
dard wheel experiment—pulse rate in- 
formation at 4 pulses per second. 

Channel 7: Tape speed compensation refer- 
ence oscillator, fixed at 955 cps. 

Channel 8: Center frequency 1200 eps God- 
dard pointed experiment-——pulse rate in- 
formation at 6 pulses per second. 


When the tape recorder played back at 18.35 
times record speed, channels 1 through 8 
became 3 ke, 3.9 ke, 5.4 ke, 7.85 ke, 10.5 ke, 
14.5 ke, 17.5 ke, and 22 ke, respectively. The 
playback ratio was critical since the sub- 
carrier frequencies had to remain within the 
+7.5 percent bandwidth of the ground station 
filters. 

During playback, an additional channel at 
2.3 ke was mixed with the above frequencies 
at the primary transmitter input. The signal 
originated at a subcarrier in the Ames emissivity 
experiment. 

To increase reliability, two sets of sub- 
carrier oscillators were provided. Only one 
set was turned on. No switching was re- 
quired at the input of the oscillators since each 
of the data channels was connected to each of 
the redundant oscillator pairs. 
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The subcarriers were recorded and played 
back at equal amplitudes. Pre-emphasis taper 
for the stored frequencies was provided by a 
suitable filter at the input of the transmitter 
(see Figure 5-2). It should be noted that due 
to transmitter background noise, little taper 
was possible at the real-time subcarrier fre- 
quencies. 

The subcarriers were required to operate at 
less than 24 milliwatts and weigh less than 0.15 
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Figure 5-3.—Subcarrier oscillator package. 
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pounds per channel. Figure 5-3 shows one 
set of subcarrier oscillators, including the 
reference oscillator and voltage regulator. 


Data Storage System 


Orbital storage was necessary to permit 
total recovery of data taken while the satellite 
was beyond the range of the NASA Mini- 
track receiving stations. The tape recorder 
used was Raymond Engineering Laboratory, 
Model No. 1515. 

The record speed of the tape recorder was 
0.65 ips. This speed was dictated by the 
highest frequency to be recorded and the tape 
storage capacity of 300 feet was required for 
the 90-minute storage interval. 

The pulse averaging discriminating technique 
permitted effective tape speed compensation 
in the receiving station discriminators which 
were tuned to the bands from 3.0 ke to 22 ke. 

The tape recorder frequency response pro- 
vided near uniform amplitudes for channels 
1 through 8. This was necessary to insure a 
uniform signal-to-noise ratio for all channels 
recorded. 

The tape storage system was required to oper- 
ate with a power consumption of less than 
1.1 watts, and it weighed less than 5 pounds. 


Airborne Command System 


Receiver 


The receiver was crystal-controlled AM with 
—100 dbm sensitivity at 75 percent modula- 
tion. It was limited to receiving one tone at 
a time and was diplexed to the spacecraft 
antenna with the transmitter. The hybrid 
junction permitted two receivers and decoders 
to operate in parallel (see Figure 5-1). 


Airborne Decoders 

The decoder, consisting of a series of seven 
bandpass filters, was designed so that the trans- 
mission of two tones in succession was required 
to actuate a given command channel. Tone | 
permitted the selection of the OFF condition 
in preparation to actuate tones 3 through 7. 
Tone 2 permitted the selection of the ON 
condition in preparation to actuate tones 3 


through 7. Once a given condition was estab- 
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lished in the spacecraft it remained until a 
subsequent command changed it. 

The following commands were performed on 

the OSO I. 

Command No. 1: Tape recorder playback 
ON. Performed by actuating tone 2, then 
tone 3. 

Command No. 2: Playback OFF, tape re- 
corder power ON and alternate transmitter 
power ON. Performed automatically by 
the tape recorder when playback is com- 
pleted or by actuating tone 1, then tone 3. 

Command No.3: Primary transmitter power 
select performed by actuating tone 2, then 
tone 4. 

Command No. 4: Alternate transmitter select 
and transmitter power OFF performed by 
actuating tone 1, then tone 4. 

Command No. 5: Primary multiplex system 
select. performed by actuating tone 2, then 
tone 5. 

Command No. 6: Alternate multiplex system 
select performed by actuating tone 1, then 
tone 5. 

Command No. 7: Wheel experiments ON and 
tape recorder power OFF. Performed by 
actuating tone 2, then tone 6. 

Command No. 8: Wheel experiments OFF. 
Performed by actuating tone 1, then tone 6. 

Command No. 9: Pointed experiments ON 
and playback ON. Performed by actu- 
ating tone 2, then tone 7. 

Command No. 10: Pointed experiments OFF. 
Performed by actuating tone 1, then tone 7, 


Receiving and Command Stations 


Med | Minifrack Receiving System 

The data acquisition system for the OSO It 
was initially designed to be compatible with 
the Motorola R-220/URR receiver. The band- 
widths were adjusted to 8 ke and 70 ke during 
real-time and playback, respectively. At the 
time the spacecraft was launched, the GSFC 
Mod I Minitrack receivers had been installed 
at the prime receiving stations. The band- 
widths were readjusted to 30 ke and 100 ke, 
respectively.§ 

§ For more detailed information, refer to the NASA 


Satellite Instrumentation Network and Facilities Report, 
pages 23 and 24. 


Discriminators 


Blossom Point, Maryland; Fort Myers, Fla.; 
Lima, Peru; Quito, Ecuador; Antofagasta, 
Chile; and Santiago, Chile, were equipped with 
EMR Model 97 tunable discriminators and 
Model 95 low-pass output filters. In addition, 
Fort Myers had a diversity combiner and two 
EMR Model 189F fixed discriminators with 
plug-in filters. The 17.5 ke discriminator was 
used in conjunction with the EMR Model 96F 
tape-speed compensator and compensated for 
airborne tape recorder flutter. Flutter vari- 
ations of 1.5 percent peak-to-peak up to rates 
of 300 cps were eliminated in the ground station 
discriminators by the EMR Model 96F. To 
eliminate flutter, a 955-cps fixed frequency was 
maultiplexed and recordered on the spacecraft 
tape. Upon playback, this 955-cps_ signal 
became 17.5 ke. Any variations in the fre- 
quency of this signal were detected by the 17.5- 
ke discriminator and were fed via the tape speed 
compensator and appropriate delay lines to the 
remaining discriminators. The second dis- 
criminator had two plug-in filters, one at 212 
cps and one at 3.9 ke. The output of the 
discriminator with either of the two filters was 
applied to a Sanborn pen recorder for real- 
time display of the spacecraft functional data. 
The outlying stations in South America received 
the signal and used the tunable discriminator 
and a Sanborn recorder to display and read 
quick-look data. Neither tape speed com- 
pensation for the playback signal nor diversity 
combining was available at these stations. 


Ground Tape Recorder 


A 7-track Ampex FR-100 was used at each 
receiving station to record the following: 

Track 1: Receiver Output No. 1. 

Track 2: Receiver Output No. 2. 

Track 3: Station Tape Recorder Compen- 

sation Frequency. 

Track 4: Receiver No. 1 AGC. 

Track 5: Receiver No. 2 AGC. 

Track 6: Voice Annotation and Command 

Tones which were sent. 

Track 7: Time. 

Further information on the ground station 
tape recorders is available in the NASA docu- 
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ment Satellite Instrumentation Network and 
Facilities Report, page 26. 


Receiving and Command Antennas 


The receiving and command antennas! used 
were 9-element Yagi systems designated YGCI- 
1A/136-8S. This was a nine-element broad- 
side array mounted on a remotely controlled 
azimuth and elevation rotator system atop a 
15-foot tower. The system was utilized for 
both telemetry and command purposes. Each 
element of the array was in itself an eight-ele- 
ment cross-polarized Yagi antenna. The Yagi 
used for command was mounted in the center 
of the array, and the input connections were 
brought out separately so that transmitted 
power could be fed to it. The vertically and 
horizontally polarized outputs from the receiv- 
ing array were brought out separately; these 
were passed through notch filters which rejected 
the command frequency and thereby protected 
the receiver preamplifiers which were also 
mounted on the tower. From the preampli- 
fiers the two outputs were brought into a 
polarization differentiation unit which allowed 
selection of all possible modes of polarization, 
either simultaneously or one at a time. To 
assure correct polarization differentiation, the 
electrical length and relative phase of both 
transmission lines, from the antenna output 
terminals to the polarization selector box, were 
made precisely equal by means of a line 
stretcher. 

Receiving and commanding antenna re- 
quirements were as follows: 

Telemetering: 

Center frequency: 136.5 Mc 

Frequency range: 135-138 Mc 

Gain: 19.2 db above isotropic 

Polarization: horizontal, vertical, right and 
left circular 

“KE” plane pattern: 19.5° at half-power 
points 

“A” plane pattern: 19.5° at half-power 
points 

VSWR: under 1.1 at 136.5 Mc under 2.0 
from 135-139 Me 

Nominal impedance: 50 ohms 


"NASA Satellite Instrumentation Network Facilities 
Report, pages 15 and 16 
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Command: 7 
Center frequency: 123 Mc 
Frequency range: 115-131 Mc 
Gain: 13.2 db above isotropic 
Polarization: right circular 
VSWR: under 1.5 from 118-130 Me 
Power handling capability: 400 watts input 
“E”’ plane pattern: 42 degrees at half- 
power points 
“H” plane pattern: 42 degrees at half- 
power points 
Nominal impedance: 50 ohms 
The antenna azimuth scan was 740° and 
elevation was + 80° from vertical at 1 rpm. 
Azimuth and elevation synchro indicators were 
provided at the remote control box. 


Diversity Combiner 


In order to permit quick-look capability at 
Fort Myers, the video output of each of the two 
Mod I receivers was combined in a Defense 
Electronics Model TDC-1 diversity combiner. 
The composite signal was sent to the EMR dis- 
criminators where it was reduced to the Sanborn 
display. 

The two video signals were also recorded on 
channels 1 and 2 of the station tape recorder. 
They were subsequently combined in a similar 
combiner at Greenbelt prior to formal data 
reduction. 


Command Transmitting System 


All stations referred to previously had com- 
mand capability for the OSO I. The Collins 
242G-2 VHF transmitter was used for interro- 
gation purposes at these ground stations. The 
transmitter was crystal-controlled and ampli- 
tude modulated. It was capable of operation 
over a frequency range from 108 to 152 Mc. 
Special coders were used to supply the modu- 
lating signal necessary to actuate the space- 
craft command functions. An output power 
of 200 watts was available. A command timer 
was used which turned the transmitter on for a 
predetermined length of time (2 seconds) after 
the switch was thrown and permitted trans- 
mission of the selected command for the timed 
interval. 

The transmitter operated into a load con- 
nected through a 52-ohm transmission line 


having a standing wave ratio of 2 to 1 or less. 
The command antennas on the telemetry nine- 
element Yagi arrays met the following require- 
ments: 

Frequency range: 108 to 152 Mc 

Power output: 200 watts 

RF output impedance: 52 ohms nominal 

Modulation: AM, plate, and screen 

The Crosley J—183110 encoder was installed 
at the ground stations and used to amplitude- 
modulate the command transmitter with the 
selected command tone. The encoder con- 
tained the seven crystal-controlled tone gener- 
ators which performed the command functions. 
To command the spacecraft, two commands 

had to be sent. The first command selected 
the ON or OFF state, and the second repre- 
sented the execute command. Each tone modu- 
lated the transmitter for the timed interval 
described previously (2 seconds). 


SUBASSEMBLY DESIGN AND 
QUALIFICATION 


Subcarrier Oscillator Subassembly 


_ A block diagram of this subassembly is given 
in Figure 5-4. 
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Figure 5—4—Subearrier oscillator subassembly block 
diagram. 


Design Specifications 


The following design specifications provided 
oscillators which operated properly within 
channel bandwidths for a period of six months 
during qualification testing and nine months in 
orbit. 

1. Power requirements per oscillator: 24 

milliwatts at 6 volts. 
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2. Subcarrier system power requirements: 
1.1 watt at 19 volts. 
3. Subcarrier oscillator center frequencies: 


164 cps 572 cps 
212 cps 790 cps 
294 cps 1200 cps 
400 cps 


4. Reference oscillator frequency: 955 cps 

5. Input impedance: 250 K ohms. 

6. Modulation sensitivity: adjusted for +6 
percent. (See Figure 5-5 for channel 
bandwidth apportionment and Table 5-1.) 


1.5% OSCILLATOR DRIFT GUARD BAND + 1% r 
GUARD <— — — —--—- 
BAND TAPE RECORDER SPEED CHANGE BAND t . 5% 
OSCILLATOR TOTAL ALLOWABLE 


MODULATION 
SENSITIVITY + 6% 


DEVIATION 15% 


Figure 5—5.—Subcarrier oscillator channel bandwidth 
apportionment. 


7. Signal overvoltage protection: the input 
sensitivity characteristic limited the devia- 
tion to + 7% percent. 

8. Total harmonic distortion: less than 1 
percent. 

9. Linearity: 3 percent of design bandwidth 
from: the best straight line. 

10. Long term drift: see Table 5~2. 
Reference oscillator—less than +0.25 per- 
cent of the reference frequency. 

Subcarrier oscillator—less than +0.75 per- 
cent of their center frequency. 

11. Output signal: 270 mv rms. 

12. Temperature: —20°C to +55°C. 

13. Weight and size: 2% oz.; 1.88 cubic 
inches. 
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Table 5-1 i 
Subcarrier Oscillator Requirements 
Long term Playback IRIG 
Channel No. —6% fe (eps) +6% Bandwidth drift limits Intell. required of each frequency channels 
+6% (eps) +eps channel (fe) 18.35 (playback) f. 
(cps) 
2 154 164 174 20 1. 48 1 bit/sec.__-_-.___ 3000 8 
3 199 212 225 26 1.91 1 pulse/sec____.____- 3900 9 
4 276 294 312 36 2. 64 1 pulse/sec___._____- 5400 10 
5 376 400 424 48 3. 60 3 bits/sec_____._____ 7350 11 
6 538 572 606 69 5.15 4 pulse/see_____.-_-_ 10500 12 
7 743 790 837 95 7.10 4 pulse/sec__. 2. _- 14500 13 
9 1128 1200 1272 144 10. 8 6 pulse/sec__..__-___ 22000 14 
1 Ames Research Center_.......______.-_-.---_-_______-_________.-_-_ 2300 7 
8 955 Reference oscillator + 2.39 17500 =| ____--. 
Table 5-2 
Subcarrier Osciltator Drift History 
i64 cps 212 cps 294 cps S.N. 400 cps 572 cps 790 cps 955 cps 1200 cps 
S.N. 1580 | S.N. 1547 1327 and 1324 S.N. 1310 | S.N. 1287 | S.N. 1280 | S.N. 1284 S.N. 1299 
Test time 
Date (days) fe. f fo fe fe fe fe fe 
4/26/61 0 163. 8 212.4 292.3 | ----_-- 572. 6 790. 0 955. 2 1197. 5 
7/14/61 79 163. 9 212. 4 292. 5 (1387. 2 575. 2 790. 6 952. 3 1197. 2 
9/ 6/61 133 164. 2 212.8 292. 7 387. 6 576. 5 790. 4 953. 0 1198. 4 
9/21/61 148 164, 2 212.6 293. 6 387. 3 576, 2 789. 6 952. 7 1197.6 
10/ 3/61 160 *163. 8 *212. 0 *292. 7 ¥*399. 3 *571. 7 *790. 1 *954. 5 *1198. 0 
10/18/61 175 163. 8 211.8 293. 9 399. 2 571.9 789. 8 955. 5 1198. 3 
10/31/61 188 163. 7 211.6 295. 7 399. 0 572. 0 789. 6 955. 7 1196. 5 
12/28/61 246 163. 7 211.3 289. 5 398. 1 570. 4 789. 6 956. 3 1097. 1 
2/ 5/62 285 163. 8 211.5 S.N. 1324 398. 3 570. 7 789. 4 956. 1 1196. 8 
*294. 4 


*Oscillators readjusted. 


Subcarrier Pre-Emphasis Design 


In a double FM system, it is desirable to 
achieve threshold not only at the receiver detec- 
tor, but also at the subcarrier discriminators. 
An additional requirement is that each of the 
subcarrier signals achieve threshold simultane- 
ously. This will be true only if the transmitter 
deviation per subcarrier is properly adjusted. 
To accomplish this, it was necessary to transmit 
the high-frequency subcarrier signals with more 
energy than the low-frequency subcarrier sig- 
nals. This was due to the noise characteristics 
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) Adjusted for 0-11 input signal, later changed to 0-5 vdc. 


in an FM-FM system. The magnitude of the 
random noise spectrum follows a curve propor- 
tional to subcarrier frequency taken to the 3/2 
power (f°?). Thus, it was necessary that the 
transmitter deviation follow an f*” taper. 
Figure 5-5 shows the ideal f*” taper curve com- 
pared to the actual curve used. The ideal 
curve could not be realized at low transmitter 
deviations due to system background noise. 
The requirement for the 3/2 power taper 
comes about from two distinct concepts of noise 
amplitude as a function of frequency: (1) noise 
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voltage per unit bandwidth at the output of the 
FM carrier demodulator is directly proportional 
to the modulating frequency, N ~f, and in- 
creases with frequency at a constant rate of 
6 db per octave; and (2), the subcarrier band- 
width in an FM--FM system is a fixed percent- 
age of the subcarrier frequency and _ will, 
therefore, increase as the subcarrier frequency 
increases (BW ~f). Since noise voltage in- 
creases as the square root of the bandwidth, 
N =~ (BW)'”, and bandwidth is proportional to 
frequency, then there is a second increase in 
the noise voltage, N ~f!”. 

The total noise introduced into the input of 
the subcarrier discriminator is then the product 
of these two sources. N~f-f!? of N ~f?”. 
Therefore in order to maintain a constant 
signal-to-noise ratio over the multiplex spec- 
trum, the deviation of the transmitter per 
subcarrier signal had to follow the {*” taper. 

The first. steps in pre-emphasis design were 
accomplished using theoretical data, but the 
final adjustment was a matter of trial and error. 
Table 5-3 shows the ideal pre-emphasis. 
Figure 5-2 shows how the ideal had to be 
modified to keep the low frequencies above the 
transmitter background. 


Table 5-3 


Ideal Pre-Emphasis Schedule for the OSO I 
Transmission System 


f {3/2 Percentage of total 

deviation 

2,300 cps__.------ 110, 000 1.11 

3,000 eps.__------ 165, 000 1. 66 

3,900 cps____----- 290, 000 2. 92 

5,400 cps___.----- 400, 000 4. 03 

7,350 cps___------ 630, 000 6. 35 
10,500 eps_____-_- 1, 080, 000 10.9 
14,500 eps_____-__ 1, 750, 000 17.6 
17,000 eps________ 2, 200, 000 22, 2 
22,000 eps_______- 2, 300, 000 33. 2 

9925 X 108 99. 97 


The next step in pre-emphasis design was to 
adjust the amplitudes of the subcarriers to 
permit the percentage deviations indicated. 
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Due to the nonlinearity of the transmitter 
deviation sensitivity curve (Figure 5-6) the 
percentages given did not indicate the relative 
amplitudes. The amplitude providing a pre- 
scribed deviation is a function of the transmitter 
sensitivity at the deviating frequency. 

On the OSO I, a filter was used to obtain the 
relative amplitudes. A master gain control was 
then used to vary the amplitude of the composite 
signal to control the deviation of the transmitter 
within the restraints of bandwidth. 

It was determined chiefly by empirical 
methods that the multiplex described could be 
contained in a bandwidth of 100 ke with 
negligible loss of sidebands during peak devia- 
tion. In adjusting deviation to conform to 
bandwidth restrictions, doppler shift as well as 
transmitter and receiver drift were considered. 

There was no indication of drift in the sub- 
carrier oscillators during the first nine months of 
orbital life. The nonlinearity of the alternate 
212-cps oscillator was increased beyond the 
design specifications during this period. No 
other changes were noted during this time. A 
copy of the data obtained from the spacecraft 
in orbit is shown in Figure 5-7. 


Tape Recorder Subassembly Design 


Design Specifications 


Since the spacecraft was beyond the range of 
the receiving station for 90 minutes of its 95- 
minute orbit, it was necessary to store data. 
The multiplexed subcarrier oscillator tones plus 
a fixed reference tone were recorded on tape for 
90 minutes. The tape recorder was a single- 
reel, continuous-loop device that recorded con- 
tinuously until commanded to play back. 
During the playback interval of 5 minutes, the 
entire tape loop passed over the playback head. 
The recorder then reverted to the record state 
automatically. The record time to playback 
time ratio of the tape recorder caused the 
recorded tones to be transmitted at the fre- 
quencies indicated in Table 5-1. The fre- 
quencies were standard IRIG FM-FM telem- 
etry frequencies. The reference tone, 17.5 
ke, was used for airborne tape-speed compensa- 
tion. 
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Figure 5-6.—Deviation sensitivity. 


The following design specifications provided 
tape recorder storage which met all systems’ 
requirements adequately. 

1. Power requirements at 19 volts de: 
Record operation: 1.03 watt (90 minutes) 
Playback operation: 1.4 watts (5 minutes) 
Average orbit power: 1.05 watts (95 min- 

utes) 

2. Record-to-playback ratio: 18.35+2 per- 
cent. 

3. Tape Speed: 

Record speed: 0.65 ips. 
Playback speed: 11.9 ips. 
. Tape transport: continuous loop, single reel. 
5. Motor: the motor used in the tape recorder 
started as a de motor. Centrifugal force 
removed the starting brushes and the motor 
ran as a synchronous machine from an 
inverter power supply. 
6. Tape capacity: 300 ft. 


> 
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7. Wow and flutter: less than 1% percent 
peak-to-peak and less than 300 cps. 

8. Input impedance: 20K. 

9. Input signals: 

Channel 1: Input consisted of 4-frequency- 
multiplexed subcarrier oscillators. Center 
frequencies are 164 cps, 212 cps, 294 cps, 
and 400 cps. 

Channel 2: Input consisted of 4 frequency- 
multiplexed subcarrier oscillators. Center 
frequencies are 572 cps, 790 cps, 955 cps, 
and 1200 cps. 


The signal level for both channels was 540 


millivolts rms. 


10. Erase head: a permanent magnet. 

11. Record method: signal superimposed on 
a bias oscillator. 

12. Output signal both channels: 1.07 volts 
rms. across a 5K load. 
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Figure 5-7.— Data format. 


13. Amplitude modulation: less than 10 per- 
cent. 

14. Harmonic distortion: less than 3 percent 
per subcarrier channel. 

15. Frequency response: 

Channel 1: +3 db from 1 ke to 8 ke. 
Channel 2: +3 db from 9 ke to 24 ke. 

16. Signal-to-noise: less than 30 db on either 
channel. 

17. Weight and size: the tape recorder weight 
was 5.1 lb. and packaged into a container 
7 inches in diameter and 3 inches high as 
shown in Figures 5-8 and 5-9. 

18. Life: six months overall. 

Tape: 7,000 record-playback cycles. 

Motor: 6 months continuous operation 
with no more than 25 on-off cycles during 
this period. 

19. Tape type: the continuous-loop type of 
transport required that the tape used be 
lubricated to reduce tape drag to a mini- 
mum. Tape type LR 1220 manufactured Figure 5-8.—Tape recorder. 
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Figure 5-9.—Tape recorder motor, electronics, transport drive and reel. 


and lubricated by Minnesota Mining and 
Manufacturing Company was used. 


Transmitter Subassembly 


The transmitter subassembly consisted of 
two parts: the driver and the power amplifier. 
Both units were initally obtained from the 
Vector Manufacturing Company. The driver, 
Figure 5-10, was capable of delivering 250 milli- 
watts to the power amplifier. The power 
amplifier was capable of 1.75 watts output. 

There were two modes of operation for the 
transmitter subassembly, low power during 90 
minutes of the orbit and high power during 
commanded playback of the tape recorder. The 
change to low power output was accomplished 
by switching a resistor in series with the B+ 
line to the exciter. The resulting reduced drive 
to the power amplifier provided an output of 
0.3 watts. During high power transmission- 
lasting five minutes of each orbit--the B+ to 
the driver was normal and the power amplifier 
output was 1.75 watts. 
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During preliminary testing it was determined 
that the Vector power amplifier was incom- 
patible with the ESCO diplexer. To correct 
this problem, a lumped-constant diplexer was 
purchased from Vector. However, the power 
amplifier continued to radiate spurious signals 
unless the VSWR was precisely adjusted. The 
adjustments were considered to be too critical 
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Figure 5-10.—Transmitter subassembly driver. 
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Figure 5-11.—Transmitter subassembly power 
amplifier. 


and BBRC designed, fabricated, and qualified 
the Model DN2W shown in Figure 5-11. 


RF Power Amplifier 


Two Western Electric 2N1645 transistors 
operating in parallel provided an extremely 
conservative output of 1.75 watts. Broad- 
band RC neutralizing was incorporated to 
stabilize the amplifier when subjected to mis- 
matched loads and to tuned loads such as the 
lumped-constant diplexer. 

A pi-section input filter solved the problem 
of matching the driver output to the low in- 
put impedance of the 2N1645’s. 

The case of the 2N1645 transistors was con- 
nected to the collectors. This required the 
case to be electrically isolated from the chassis. 
The heat conduction problem was resolved by 


LI 


RF IN 


use of a large copper output coil which had one 
end connected to the transistor case and the 
other to the chassis. The schematic of the 
power amplifier is shown in Figure 5-12. 


Design Specifications 


The transmitter subassembly with the BBRC 
power amplifier was qualified according to the 
following specifications: 

Frequency: 136.74 me +0.005 percent. 
Power output: High power: 1.75 watts. 

Low power: 0.3 watts. 

Power consumption at 19 volts: High 
power: 4.8 watts. Low power: 2.1 watts. 
Efficiency: High power: 36.5 percent. 

Low power: 14.3 percent. 

Supply voltage variation: 16 to 22 volts; 19 
volts nominal. 
Modulation: Indirect FM. 

Deviation sensitivity: See Figure 5-6, 
Frequency response: 10 cps to 100 eps. 
Spurious output: 40 db below carrier. 
Load mismatch: Spurious outputs must be 

less than 40 db when operated into a 

continuously varying VSWR from 1:1 to 

21. 

After nine months in orbit both the primary 
and alternate transmitter subassemblies had 
shown no determinable degradation in output 
level or significant frequency shift. 


Command Subassembly 


The OSO JI command system was a tone 
system using tones which were classified 
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Figure 5-12.—OSO I power amplifier schematic. 
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Figure 5-14.—OSO I receiver. 


confidential. Seven tones actuated seven 
channels. The receiver output was filtered by 
highly selective bandpass filters at the input 
to the decoders. When the presence of the 
particular channel tone was detected, the relay 
driving circuit of the decoders was biased into 
conduction and connected one end of the 
driven relay field to ground. This was a 
momentary connection during the presence of 
the command tone. 

Figure 5-13 illustrates the decoder. Its 
operation is as follows. Each of the tone dis- 
sector channels is connected to either one end of 
a single relay field (channels 1 and 2), or to a 
pair of relay fields (channels 4 and 5), or in the 
case of channels 6 and 7 to three relay fields. 
Channels 1 and 2 are used to select the ON or 
OFF function by applying B+ to the proper 
parallel bank of relays. Channels 6 and 7 each 
have an additional relay to actuate for the ON 
condition. The channel 6 and 7 decoder relay 
drivers have sufficient current-carrying capacity 
to operate two relays in parallel. 


Receiver 


The receiver was procured from the AVCO 
Corporation. It was Model No. AD183114 
(Figure 5-14) and had the following characteris- 
tics: 

Frequency: 110-150 Mc. 
The tuning is fixed and is set to a specified 
frequency at the manufacturer’s plant 


Modulation: AM 

Input impedance: 50 ohms. 

6-db bandwidth: 35 ke. 

Sensitivity: —dbm (75 percent mod.). 

Dynamic range: 2 to 2000 microvolts mini- 
mum. 

Image rejection: 80 db. 

Spurious response rejection: 60 db. 

Local oscillator radiation: 200 yuw max. 

Local oscillator stability: +2 ke. 

IF. stability: +2 ke. 

Audio amplifier response: + 1db 8 ke to 7ke. 

Audio output: 50 milliwatts (5v rms across 
500 ohms). 

Standby power: 150 milliwatts (19 vde 
source). 

Power during 
watts. 

Input connector: SM male. 


Decoders 


The decoders were procured from AVCO 
Corporation. They were operated in parallel 
to the point of attachment to the relays (see 
Figure 5-15). One decoder contained the 
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Figure 5-15.—Command system diagram. 
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FigurRE 5-16.—OSO I receivers and decoder. 


relays shown while the other had none; thus, 
the two part numbers. 
The specifications for the decoders were as 
follows: 
Tone frequencies: (seven, classified). 
Input impedances: 500 ohms. 
6-db channel bandwidth: 5 
tone frequency. 
20-db channel bandwidth: 10 percent of 
tone frequency. 
Audio input power: 50 mw. 
Noise immunity: no channel will operate 
due to random noise. 
Standby power: 10 microamps max. at 
18 vde. 
Interrogate power: 700 mw nominal. 
The decoders and receiver were mounted in a 
stacked arrangement as shown in Figure 5-16. 


percent of 


Ground Station Encoder 


The encoder was compatible with the Collins 
242F—2 transmitter. The command tone to 
be sent was selected by a pushbutton on the 
front of a 19-inch 


rake-mounted — chassis. 


The chassis contained seven crystal-controlled 
tone generators with short and long-term 
stabilities of 1 part in 10* and +1 percent, 
respectively. 

The output of the encoder amplitude modu- 
lated the transmitter. The transmitter was 
keyed ON simultaneously with the command 
tone. A timer inside the transmitter turned 
off the RF carrier after 2 seconds. 


Antenna and RF Multiplexing Subassembly 


The spacecraft was stabilized with respect 
to the sun. Since there was no stabilization 
with respect to the earth, it was necessary 
that the radiation pattern be omnidirectional. 

Three components are necessary for RF 
multiplexing: 


1. A coaxial relay directs the RF output 
from one of two transmitters to the diplexer. 

2. A diplexer allows the single antenna to be 
used for both the transmitter and receiver. 

3. A hybrid is used to divide the received 
command power and provide isolation between 
the two receivers. 

The two receivers and decoders were operat- 
ing simultaneously. Figure 5-17 is a block 
diagram of the RF multiplexing system. 

Specifications for the antenna and RF 
multiplexing system were prepared by Ball 
Brothers Research Corporation. The specifica- 
tions required losses of less than 3 db in the 
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Figure 5-17. 
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* multiplexing system, isolation from transmitter 
to receiver of 40 db, isolation from receiver 
to receiver of 30 db, and an energy pattern 
within —6 db of a unity gain antenna. Small 
angle nulls were allowed. The entire antenna 
and RF multiplexing system had to weigh less 
than 3 lb. 


Antenna 


Preliminary antenna design was accomplished 
with a one-third scale model of the Orbiting 
Solar Observatory. Antenna patterns were 
submitted for a two-driven-element array and for 
a three-driven-element array. The radiation 
characteristics of the two arrays were similar. 
For simplicity and reliability, the two-driven- 
element array was chosen. Impedance match- 
ing was then accomplished using a full-scale 
model of OSO. Principal-plane antenna pat- 
terns were recorded and submitted for approval. 
The antenna patterns recorded on the BBRC 
antenna range are included in Appendix A. 
These include 18 transmitter patterns and 3 


principal-plane receiver 


patterns. 
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Figure 5-18.—Antenna tower. 


A special fiberglass test fixture was used on 
the BBRC antenna tower. This fixture was 
essentially a modified gimbal which allowed the 
recording of antenna patterns at angular posi- 
tion increments of 10 degrees. The fixture and 
tower used for antenna pattern measurements 
are shown in Figures 5-18 and 5-19. 

Figure 5-20 is a pictorial view of OSO JI, 
including the antenna elements. The spacing 
between stubs was approximately one-half 
wavelength. Each antenna element consisted 
of a support bracket and a stub. The support 
brackets also supported the extendable arms of 
the spacecraft. Each stub was electrically 
connected to its respective support bracket to 
form a three-element array. The three ele- 
ments were completely insulated from the space- 
craft by the use of nylon and fiberglass epoxy 
material. Two of the elements were excited 
and the third was parasitic. The element exci- 
tation was applied at the point where the sup- 
port bracket connected to the spacecraft arm. 
The electrical length of each element was 
approximately one-half wavelength. 

It was decided that the spacecraft transmitter 
should radiate during the launch for tracking 
purposes. Since the arms were folded down 
during this phase, the antenna configuration 
was much different from that of the orbital 
position and the resulting radiation pattern 
was severely distorted. This was accompanied 
by a high loss of radiated power. In spite of 
this distortion and loss of power, adequate gain 
was available for tracking and the mismatch of 
impedances caused no harm to the RF power 
amplifiers. 

The antenna system was utilized for reception 
as well as transmission with the two frequencies 
differing by 12 percent. Impedance matching 
was accomplished by single-stub matching 
techniques. Single-stub matching is a narrow- 
band method, but it was possible to obtain a 
VSWR of less than 1.5:1 at the transmitter 
frequency and less than 2:1 at the receiver 
frequency. 


Diplexer 


A helical resonator bandpass diplexer was 
designed by ESCO. During system integra- 
tion, it was found that the Vector solid-state 
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FiaurE 5-19.—OSO I mounted in the antenna fixture. 


RF amplifiers occasionally radiated spurious 
signals when working into the high-Q load 
presented by the diplexer. 

This problem resulted in the procurement 
from the RF amplifier manufacturer (Vector) 
a lumped-constant diplexer using high and low 
pass filters. The lower cutoff frequency of the 
lumped-constant diplexer as opposed to the 
helical resonator diplexer reduced the spurious 
signal generation, however, it was necessary to 
use a different power amplifier to completely 
overcome the spurious signal problem. 

The characteristics of the lumped-constant 
diplexer were as follows: 

1, An isolation of greater than 40 db. 

2. An insertion loss of less than 1 db at the 
transmitter frequency and less than 2 db at the 
receiver frequency. 


A photograph of this diplexer is shown in 
Figure 5-21. 


Hybrid 

A lumped-constant hybrid circulator was 
designed by ESCO. No problems were en- 
countered with this unit. 

The characteristics of the hybrid were as 
follows: 

1. An isolation of greater than 35 db between 
receivers. 

2. An insertion loss of less than 1.5 db. 

3. A power split of within 0.2 db. 

Figure 5-22 is an illustration of this unit. 


Coaxial Relay 


One coaxial relay was used to connect the 
desired telemetry transmitter to the antenna. 
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Figurr 5-20.—OSO I antenna elements. 
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Flight relays passing all specifications were 
selected from a group of twelve relays supplied 
by the subcontractor. 

The relay specifications were as follows: 


Insertion loss: less than 0.25 db. 
Mismatch: less than 1.2 VSWR 
Crosstalk: no less than 40 db. 


Figure 5-23 is an illustration of this unit. 


OPERATIONS 


General 


The worldwide Minitrack network was re- 
sponsible for tracking and for receiving data 
from the Orbiting Solar Observatory.** The 
OSO subsatellite plot is shown in the world map, 
Figure 5-24. 


**NASA-GSFC Operations Plan 1-62 Orbiting Solar 
Observatory. 


Figure 5-21.—OSO I diplexer. 
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Figure 5-22.—OSO I hybrid. Figure 5-23.—OSO I coaxial relay. 


NOTE: NUMBERED TIC MARKS INDICATE 
HOURS AFTER LAUNCH 


Figure 5-24.—Orbiting solar observatory sub-satellite plot: 300 nautical miles-inclination 33° nominal orbit. 


* - Telemetry recordings were required from the 
stations listed below: 
Primary 
Antofagasta, Chile 
Blossom Point, Maryland 
Fort Myers, Florida 
Lima, Peru 
Quito, Ecuador. 
Santiago, Chile 
Secondary 
Mojave, California 
Woomera, Australia 
Johannesburg, South Africa (early orbit 
only) 


NOTE: Secondary telemetry acquisition sta- 
tions were used only during early orbits or during 
those occasions where conflicts developed and 
@ primary station was unavailable to command 
and record the telemetered data. 

There were two types of data transmitted by 
the Orbiting Solar Observatory. These were 
real-time and stored data. Stored data, re- 
corded in the spacecraft during one transit 
around the earth, were played back and trans- 
mitted upon command once per orbit by one of 
the above stations. Recovery of real-time 
telemetry data was not required at any of the 
stations until both of the spacecraft recorders 
failed to function. 

In order that the status of the spacecraft 
could be evaluated on a current basis, a special 
quick-look procedure was established for the 
analysis of the “housekeeping’’ channel. 

During the first two weeks after launch, 
Fort Myers was the primary station, and all 
housekeeping data received there were also 
reduced there. The outlying stations could 
read only chart deflection of the selected func- 
tions listed below and TWX this information 
to Fort Myers. 

After two weeks, GSFC at Greenbelt received 
all quick-look housekeeping data in the form of 
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centimeter deflections. After conversion to 
functions, the 12 channels were TWX’d to 
Boulder daily. 

The following functions indicated the status 
of the spacecraft on a quick-look basis: 


Channel 
2 


Parameter 
Battery temperature. 


5 Calibrate 0 volts de. 
6 Calibrate 2.5 volts de. 
7 Calibrate 5.0 volts de. 
8 Spacecraft voltage monitor. 
34 Elevation positioning accuracy read- 


out 


35 Azimuth positioning accuracy readout. 


36 +5.0 volts de calibration. 

37 2.5 volts de calibration. 

38 0 volts de calibration. 

40 Azimuth positioning power monitor. 


41 Elevation positioning power monitor. 


Launch and Early Operation 


The first station to command the Orbiting 
Solar Observatory to play back its recorded 
data was the Fort Myers Minitrack station. 
This station was provided with special tape- 
speed compensation and diversity-combining 
equipment to provide a detailed quick-look 
analysis of the spacecraft and experiment status 
immediately after launch. BBRC personnel 
and the GSFC spacecraft controller were 
present at this station during the first two 
weeks of orbit to monitor the spacecraft oper- 
ation and to advise a course of action in case of 
a spacecraft emergency. 

The stations listed in Table 5-4 were able to 
receive telemetry signals in the order listed and 
in the manner indicated during the launch and 
early orbit period. They were equipped to 
make a Sanborn recording in real-time from 
one antenna polarization and TWX PAM 
deflections (in centimeters) to the Fort Myers 
station, 
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Taste 5-4.—OS0O I Readout and Command Schedule for the First 19 Hours After Launch 


Length Max. Slant Range Type Required Type 
Start Time Station of Pass Elev. km S-Mi Command to record Data 
(Min.) (deg.) telemetry 

T+ 0hr. 19’._---- JOBURG. --_- 12 51 691 429 None_.._-- Yes____| *R-T 
T+ Ihr. 18’___-_- MOJAVE- --- 12 49 721 448 None_.._-- Yes.___| R-T 
T+ Ihr. 27’. _---- FTMYRS._-- il 32 966 600 Playback__-| Yes_.--| TREC 
T+ 2hr. O1’..---- JOBURG_ --- 11 30 999 620 None. -_.-- Yes____| R-T 
T+ 2hr. 59’__-_-- MOJAVE. -_-_- 11 20 1321 820 None. ___-- Yes__..| R-T 
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T+10hr. 03’__.-. SNTAGO. _-- 12 65 597 371 Playback___] Yes_.--| REC 
T+10hr. 04’_--_- AGASTA____- 12 29 1013 629 None_----- Nowées| | otancse 
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Norma! Operations 


The normal operations started approximately 
two weeks after launch. All stations assigned 
command and telemetry acquisition responsi- 
bilities during this period were expected to 
record amaximum amount of stored data during 
the playback period for which they were as- 
signed responsibility. Each station, in ad- 
dition, was required to submit quick-look 
information (Sanborn deflections in centi- 
meters) to GSFC at Greenbelt where the 
housekeeping channels were reduced and 
TWX’ed to Boulder for analysis. 


184 


DATA REDUCTION 


Data reduction consisted of editing and 
analyzing 52 PAM housekeeping channels. 


Key Channels—Quick-Look Reduction 


Certain of the 52 channels contained the key 
performance information of the spacecraft. 
Each receiving station was required to forward 
centimeters deflection of these channels to the 
Operations Control Center at GSFC. After 
TWX’ed the function status to Boulder on a 
conversion to the function, the Control Center 
daily basis. 


DATA ACQUISITION AND COMMAND SYSTEM 


"+ The key channels are: 


Battery No. 2 temperature. 
Spacecraft voltage monitor. 
Spin gas pressure. 
Elevation readout. 
Azimuth readout. 

Pitch readout. 

Azimuth power monitor. 
Elevaiion power monitor. 


Semi-Automatic Comprehensive Reduction of 
Housekeeping Channels 


Magnetic tapes supplied by GSFC were 
used to generate paper strip charts. Sanborn 
pen and Heiland Visicorder records were 
generated simultaneously. The Visicorder rec- 
ords were used for housekeeping data reduction 
and the Sanborn records were used to qualita- 
tively determine the condition of experiments. 


Oscar K Readout 


Oscillographic records were read by the 
Bensen Lehrner, Oscar K, oscillogram semi- 
automatic reader. The output of the Oscar 
K reader was automatically recorded on an 
electrotyper. Recorded data included time, 
channel number, frame number, and data. 

The data were recorded as a decimal digit 
from 0.00 to 5.00 volts. These data were not in 
a form for graphical presentation in that scalar 
mathematics had to be performed to convert 
voltages to quantities of temperature, pressure, 
angular degrees, etc. 

An additional output of the Oscar K provided 
an octad format which was recorded on punched 
paper tape. 


Computer Reduction 


The CDC 160 computer with a Fortran pro- 
gram was used to process the octad format tape 
from the Oscar K. Special computer program 
tapes were prepared which contained co- 
efficients of calibration curves. The data tape 
and the calibration tape were fed to the com- 
puter. The computer output tape was fed 
to a Frieden Flexowriter. The Flexowriter 
typed out the magnitude of eleven channels 
in eleven rows across the page. Ninety data 
samples per channel were taken per orbit. The 
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Flexowriter typed out data sample numbers 1 
through 90 down the page. The result of this 
tabulation then was “Function Magnitude ver- 
sus Orbit Position,” since sample number and 
orbit position could be correlated. 

By editing the oscillographic records, thirty- 
three of the fifty-two channels were selected 
for computer processing in each orbit. The 
process was repeated three times with three 
sets of data and calibration tapes. The com- 
puter required 15 minutes to process one orbit. 


OVERALL PERFORMANCE 


General 


The FM-AM telemetry system of the space- 
craft performed well for over 1000 orbits. The 
signals received from the spacecraft at the 
receiving station during tape recorder playback 
were at least 20 db above threshold and free of 
noise resulting in data of excellent quality. 
A record of a data transmission received at 
Fort Myers, Florida, receiving station compared 
favorably with one made in the laboratory 
during spacecraft checkout. It was possible 
to receive real-time data transmission from the 
spacecraft in Boulder, Colorado. The signal 
was of sufficient quality that information con- 
cerning the operation of the spacecraft and the 
experiments was routinely being gathered at 
Boulder. 

The communications system continued to 
give excellent performance through the tenth 
week during which time 100 percent of the 
data recorded was usable. An average of 10 
to 15 perceni of the data could not be recorded 
due to spurious commands received by the 
spacecraft as well as minor ground station 
problems. 

RF System 


The RF systems (both primary and alternate) 
continued to operate satisfactorily. At the 
time of this writing there had been no significant 
change in transmitter frequencies or receiver 
signal-to-noise ratio since launch. 

The slant ranget{ versus the available signal 
level at the receiver input terminals is shown 
in Figure 5-25. As can be seen, the combined 


ttTaken from NASA-GSFC Operations Plan 1-62, 
Orbiting Solar Observatory (S-16). 
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Figure 5-25.—Comparison of slant range versus signal level. 


polarization curve lay within the data threshold 
at 300°K and 5000°K up to a slant range of 
2000 miles. 


FM Multiplex System 


No indication of drift in either of the sub- 
carrier oscillator packages was received during 
the first nine months of orbit. Transmitter 
power and frequency remained well within 
specification. Over half of the playback trans- 
missions over the tracking stations had a signal 
strength of —100 dbm, or better. Only 1 per- 
cent had signal strengths of less than the 
threshold value of —120 dbm. 


Data Storage System 


‘Prior to the failure of the primary tape re- 
corder, the high frequency channel amplitude 
decreased from a normal Jevel during orbit 364 
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to nearly zero during orbit 372. The low- 
frequency channel was not affected. The de- 
crease in amplitude could have been caused by 
oxide buildup on the playback head. The pri- 
mary tape recorder failed completely after 383 
orbits. The nature of the failure indicated that 
the spurious commanding received over N orth 
Africa had simply worn out the starting mechan- 
ism of the motor by many turn-on/turn-off 
cycles. The recorder performance in orbit was 
comparable to the performance in the laboratory 
until the time it failed to start. The loss of the 
primary tape recorder necessitated the use of 
the laternate system. 

The alternate tape recorder failed to provide 
playback modulation during orbit 1038. Indi- 
cations were that the basic recorder, timer, and 
motor continued to operate normally. Data 
obtained during orbits 3472 and 3489 indicated 


that the motor and driver were still operating 
properly. One of the following items appar- 
ently failed: 

1. Bias oscillator. 

2. Latching relay. 

3. 15-volt regulator. 

4. Mylar belt (tape drive). 


Command System 

Soon after the launch of the spacecraft, it 
became apparent that spurious commands were 
being received when the spacecraft was between 
20° and 30° east longitude and between 15° and 
35° latitude (see Figure 5-24). The specific 
source of the spurious command signals was not 
determined. The spurious commanding could 
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have been caused by a modulated carrier or 
by two carriers heterodyning and generating the 
exact command tones. 

GSFC transported a transmitter to the 
particular region of North Africa over which the 
signals were received. The transmitter was 
modulated with the ON command tone. This 
modulation desensitized the receiver and de- 
coder to any OFF commands sent by the source 
of interference. In this way, the sequence of 
ON-OFF commanding which was disastrous to 
the primary tape recorder was eliminated. 

No problems other than spurious command- 
ing were apparent with the command system. 
All commands were received properly by the 
spacecraft. 


Chapter 6 


POWER SUPPLY 


INTRODUCTION 


Electrical power for the spacecraft was con- 
verted from sunlight by a sun-oriented array of 
silicon solar cells. Part of this power was used 
to charge a storage battery which stabilized the 
voltage, supplied peak demands, and provided 
power during the dark part of the orbit. The 
solar-cell array and battery constituted the 
power supply. 


POWER AND TEMPERATURE ESTIMATES 


It was estimated that at the nominal voltage 
of 19 volts, the power requirements would be: 


Control system______.___--_..----- 6.6 2.8 
Communications system. ___..------ 4.5 4.5 
Experimental instruments___._------ 6.5 4.3 

Rotel 22." fa $) foe es ele SO 17.6 11.6 


The thermal analysis (Chapter 7) predict a 
solar-cell array operating temperature of about 
70° C and a battery temperature of about 10°C. 


SOLAR CELL ARRAY 


The solar-cell array had to provide 17.6 watts 
day power, and also had to provide enough 
battery charge to support the 11.6-watt night 
load. Assuming that the battery efficiency was 
75 percent on an ampere-hour basis in a 76 per- 
cent sunlight orbit, the solar-cell array had to 
deliver 22.5 watts. In a 63 percent sunlight 
orbit the solar-cell array had to deliver 26.7 
watts. 

The array comprised 1872 silicon solar cells, 
Hoffman Type 120CG. Each cell had a 0.006- 
inch-thick cover glass with an ultraviolet re- 


flective coating on one side and a red antire- 
flective coating on the other. The purpose of 
these coatings was to transmit the light to which 
the cell was sensitive (to increase power output) 
and reject the light to which it was insensitive 
(to decrease temperature). 

The cells were soldered together into modules 
of fourand five cells each, and the modules were 
interwired to form strings of 52 cells in series. 
There were 36 such strings. 

Solar-cell modules occasionally fail by open- 
circuiting, but rarely by shortcircuiting. If 
modules are connected in simple series strings, a 
failure of one module takes an entire string out 
of the circuit. However, if parallel crosswiring 
is provided between series strings, the failure of 
a single module is much less serious. The 
current that should flow through that module is 
carried by those in parallel with it, in addition 
to their own normal current. In this particular 
array, if 6 or more series strings were cross- 
connected the failure of a module would have 
cost only the amount of power normally con- 
tributed by that module. 

If all the series strings had been crosscon- 
nected, then a short circuit across part of one 
string (caused, say, by meteorite damage) would 
have wiped out the entire array. Therefore, 
this array was divided into five sections, three 
containing 6 series strings and two containing 9 
series strings. The strings within each section 
were crosswired, and each section had its own 
blocking diodes. 

Current-voltage curves for the completed 
array are shown in Figure 6-1. Curve A is an 
experimental curve taken in sunlight in Boulder, 
Colorado. Curve C is this experimental curve 
corrected to the expected orbital conditions. 
Curve C shows that the array will deliver 29.4 
watts at 19 volts at 70° C in space sunlight. 
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CURVE A: EXPERIMENTAL CURVE TAKEN IN BOULDER SUNLIGHT 
OF 103 MW CM~2, WITH PANELS AT 5yC. 
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Ficure 6-1.—Current-voltage curves for solar cell 
array. 


BATTERY 


At the time this spacecraft was designed, the 
most common reasons for the failure of Nicad 
cells were degradation of the separator material 
due to overheating, and case bulging due to 
overcharging. Therefore, it was decided to 
use a battery with such great overcharge 
capacity that overcharging was impossible, and 
to pot the cells into cavities in a solid metal 
block to provide mechanical reinforcement and 
excellent heat conduction. 

Since the solar-cell array produced about 1.55 
amperes at 19 volts, and the control system 
uses 0.35 amperes in keeping the array oriented, 
the battery had to be able to absorb a con- 
tinuous charge current of at least 1.2 amperes. 

The cell selected for use in this battery was 
a Sonotone Type F hermetically sealed Nicad 
cell, with two plates and a polypropylene 
separator. This cell had a nominal capacity of 
5.6 ampere-hours above 1.0 volts, and a 
measured capacity of at least 4.2 ampere-hours 
above 1.2 volts. It could stand continuous 
overcharge at 0.45 amperes with a maximum 
voltage of 1.48 volts. 

The battery consisted of 42 cells, arranged in 
3 series strings of 14 cells each. The battery 
capacity was 16.8 ampere-hours above 14.0 
volts and 12.6 ampere hours above 16.8 volts. 
It could stand continuous overcharge 1.35 


amperes with a maximum voltage of 20.7 volts. 
In normal operation, the battery was cycled 
to a discharge depth of about 2 percent. It 
was thought that this would provide excellent 
cyclic life. If the solar-cell array had failed 
completely, the battery alone could have 
powered the spacecraft for about 10 orbits. 


POWER MARGIN 


Assuming that the voltage swing during any 
one orbit was negligibly small, it was possible 
to plot approximate load lines for the solar-cell 
array. This has been done in Figure 6-1. The 
load lines curve upward because the battery 
efficiency decreases radically as the voltage 
rises above the normal full-charge voltage. 

In Figure 6-2, the data of Figure 6-1 are 
replotted to show the excess current available 
from the solar-cell array as a function of 
operating voltage, for four different operating 
conditions. These curves show that even if 
our estimate of solar-cell performance were 25 
percent high, or if the array were degraded by 
20 percent, or if our estimate of the load were 
20 percent low, the operating voltage would 
still have been above 18 volts. Further, no 
matter how far in error the estimates may have 
been, the operating voltage would not have 
risen above 20.8 volts. 
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Figure 6-2.—Power margin curves. 


* The day power switch, as described in detail 
in Chapter 4, was provided to remove power 
from those circuits and experiments not re- 
quired at night. 

The voltage regulators, also described in 
Chapter 4, were provided for those spacecraft 
functions critical to supply voltage variations 
such as the servo amplifiers and most of the 
spacecraft instrumentation circuitry. 

Fuses were installed in series with the power 
lines to each of the experiment and spacecraft 
systems which could fail without destroying the 
usefulness of the remaining systems. The 
fusing was set at a level such that a drastic 
overcurrent demand was required to remove 
the circuit from the supply. The fuses were 
derated for vacuum use based upon actual 
vacuum test data. 

The pointed and wheel experiments could 
have been removed from the power lines by 
command should the power supply capability 
have been reduced, or if a malfunction had 
occurred that was insufficient to blow the fuse. 


POWER SUPPLY PERFORMANCE 
Preflight and Initial Orbital Results 


The actual power usage for the spacecraft, 
using the last preflight checkout data and the 
data measured in orbit, was as follows: 


Day Night 

(watts) (watts) 

Control electronies____...-__ 6. 2 1.2 
Control drive. ____..--..-._- *5, 5 0 

Communications___._.__-._- 4.1 4,1 

Experiments._.___...___-__. 7.2 3.4 

Lotalieq. ewe ehet Bee 23. 0 8.7 


*3.5 watts azimuth, 2 watts elevation drive. 


Test results from battery charge cycling indi- 
cated an 80 percent charge efficiency. Thus, 
the array was actually required to provide 23 
watts day power and enough additional charge 
to maintain the 8.7-watt night load. For a 
minimum sunlight orbit, the array had to 
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produce 29.4 watts, and for a maximum sun- 
light, 26.4 watts. 

The array temperature in orbit was 60°C, 
10°C lower than predicted. This reduction in 
operating temperature allowed the array to 
produce about four percent more current than 
predicted so that the estimated initial orbital 
output of the array was 30.6 watts. Because 
of this, the minimum sunlight orbit power 
margin was about 4 percent and the maximum 
sunlight orbit margin 16 percent. 

The reason for the narrow margins was that 
more control system drive power was cequired 
than was originally estimated. The anticipated 
drive was 2.5 watts and the actual drive was 
5.5 watts. Had the anticipated drive values 
and array temperature been realized, the mini- 
mum sunlight orbit power margin would have 
been 11 percent and the maximum sunlight 
orbit power margin 27 percent. 


Long Term Orbital Results 


Voltage measurements made during the first 
four months of orbital life indicated that the 
power system was performing as expected and 
that the array output was sufficient to maintain 
the entire observatory load. 

Measurements of battery voltage were made 
during orbits 3500 to 3700 about four months 
after the 9 July 1962 high-altitude nuclear 
device explosion which caused considerable elec- 
tron flux intensification at the 300-nautical- 
mile altitude of the spacecraft. It was deter- 
mined at that time that the spacecraft array 
could not supply the required 23 watts day 
power. However, the array was able to charge 
the batteries with the 3.4-watt wheel experiment 
load commanded off. If the following assump- 
tions are made it can be concluded that the 
array was producing about 21.3 watts, and thus 
that the array had degraded about 30 percent 
in the four-month period that the radiation had 
existed. 

Array temperature was still 60°C. 

The loads were the same as when the space- 
craft was launched. 

There was no micrometeorite damage to the 
panel. 
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The original 30.6-watt array output estimate 
was accurate. 

Half of the wheel experiment load could have 
been handled. 

There were other considerations relating to 
the degradation determination outlined above. 
One of these was that there was some prob- 
ability that, due to brush material buildup on 
the commutator of the azimuth torque motor. 
the torque gain of the motor may have been 
reduced. This could have had an appreciable 
effect on degradation, but it was estimated that 
it caused no greater than a 20 percent increase 
(0.7 watts) in required azimuth pointing power. 

A further consideration was that the pointing 
power varied over wide limits due to the spring 
effect of the elevation gimbal flexible leads 
against which the elevation torque motor had 
to drive. This effect caused a variation in the 
elevation drive power from 0 to 6 watts with 
the average being the 2 watts assumed in the 
previous discussion. The 30 percent degrada- 


tion figure arrived at above then could have 
been as low as 15 percent or as high as 36 
percent; but 30 percent is the most probable 
figure. 
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Solution of the Degradation Problem 


In future spacecraft of the same type and 
mission a more satisfactory answer to the 
problem of degradation would be one of the 
following: 

1. N on P silicon cells can be used to derive 
about the same space sun output as the OSO I 
array and should have a degradation figure low 
enough (about 11 percent) to be useful for a 
six-month lifetime. This solution will un- 
doubtedly be the one used. 

2. The other approach would be to use higher 
efficiency P on N cells, to produce as much 
power as is practical for the given area, antici- 
pate the degradation, and plan to selectively 
command experiments off when the array can 
no longer handle the full load. 

With no increase in panel area being con- 
sidered, the first solution has an experiment 
power limit of about 9 watts (averaged over the 
orbit) assuming the present basic power require- 
ments exist. If this experiment power is ex- 
ceeded, there will be no choice other than to 
increase the size of the array or to reduce the 
six-month life expectation for full-time experi- 
ment utilization. 


Chapter 7 


THERMAL CONTROL 


INTRODUCTION 


In the Orbiting Solar Observatory it was 
important that temperatures be maintained 
within specific limits in those sections of the 
spacecraft containing temperature sensitive 
equipment. 

The efficiency of the silicon solar cells pro- 
viding electrical power for the spacecraft de- 
creases as temperature increases. For this 
reason the nonrotating structure was designed 
to operate at the lowest possible temperature. 

The nickel-cadmium storage batteries located 
in the wheel section operated at good efficiency 
over the range 35°C to —10°C. Other com- 
ponents and equipment located in this section 
were temperature limited, but all were capable 
of operating satisfactorily in the range from 
—10°C to 35°C. Therefore, this temperature 
range was specified for all wheel experiments 
and equipment. 

Many of the thermal design specifications 
established for the OSO were based on funda- 
mental heat transfer considerations and did 
not require mathematical analysis. For ex- 
ample, by painting all interior wheel surfaces 
with “thermally black’? paint and providing 
good conduction between adjoining structural 
members, temperature gradients in the wheel 
were minimized. This procedure tended to 
prevent local ‘hot spots” from developing in 
components such as the storage batteries and 
electrical equipment where heat was generated. 

Mathematical analysis was performed in 
support of the overall thermal design problem 
to provide the following information: 

1. Expected operating temperature of the 
solar-cell array for various orbital conditions. 

2. Required values of absorptivity and emis- 
sivity for the outer surfaces of the wheel to 
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maintain the temperature of equipment located 
in this section within the specified temperature 
range for all orbital conditions. 

3. Temperature profiles around the orbit for 
the wheel interior and exterior cover panels 
when the surface radiative properties previously 
determined, are assumed. 

An exact mathematical analysis of the actual 
physical problem was not possible because of 
the complex geometry of the two spacecraft 
sections under consideration. Simplified models 
of these geometries had to be assumed to 
provide a feasible solution method, and other 
simplifiying assumptions were made in the 
analysis that was performed. 

This chapter presents the methods and 
results of the mathematical analysis and the 
accompanying computer program conducted 
in support of the thermal design program for 
OSO I. Derivations of the heat transfer 
equations for determining spacecraft tempera- 
tures are given in detail, including evaluation 
of the shape factor integrals associated with 
the heat exchange rates between the various 
spacecraft outer surfaces and the earth. 

The simplified analysis of the wheel was 
run with an Intercom 500 computer program 
written for a Bendix G-15 computer. The 
analyses of the solar-cell array and the shielded 
model of the wheel were run from Fortran 
programs written for the CDC1604 computer. 


ANALYSIS OF SIMPLIFIED MATHEMATICAL 
MODEL 


In the first solution of the problem, the 
rotating and nonrotating sections of the space- 
craft were assumed to be isolated, isothermal 
masses, but with the same outside geometry and 
thermal capacity as that of the actual space- 
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craft. The presence of the arms and spin-up 
gas bottles on the wheel structure and the 
pointed instruments in the upper structure 
was neglected. The heat transfer rate be- 
tween the two sections was considered to 
be negligibly small. 

This simplified model of the spacecraft 
provided a fairly accurate representation of the 
physical problem since good conduction paths 
between adjoining structural members are 
provided by filling all riveted or bolted joints 
with high-conduction epoxy resin, and all 
interior surfaces in the wheel are painted 
“thermally black.” These steps provide maxi- 
mum heat distribution within the two structures 
and prevent the occurrence of significantly 
large temperature gradients. 


Derivation of Heat Transfer Equations 


The rate of change in temperature of a 
thermally isolated section of the spacecraft 
is: 


dTe>__ Gi— Yo 
“dt ~~ me cy) 
where 
Tg+5=temperature of the spacecraft 
t=time 
qi=radiative power absorbed by the 
spacecraft 


Yo= power radiated from the spacecraft 
mce=the total heat capacity of the space- 
craft 


The heat absorbed comes from three sources: 
the sun, the earth, and internal heat sources. 
Direct solar radiation is received at the rate 


=A,aoHo (in sunlight) 
qo (7.2) 
=0 (in the earth’s shadow) 


where 


A,=the projected area of the body in the 
direction from the sun 


ao=the coefficient of absorptivity of the 
body for solar radiation 


Ho=emissive power of the sun, 
BTU/hr-ft? 
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The radiative power received by the body 
from the earth consists of reflected sunlight and 
thermal radiation. These heat input rates are 


given by 
=F, Ag,aoreHo (above sunlit earth) 
ee =0 (above dark earth) 
(7.3) 
and 
Ye,—/Ae+,celd (7.4) 
where 


F,=geometric shape factor for reflected 
sunlight 
F,=geometric shape factor for thermal 
radiation from the earth 
de,—heat input rate due to reflected sun- 
light 
Q@,=heat input rate due to thermal radi- 
ation from the earth 
Ag, ,=surface area of the body receiving 
reflected sunlight 
Ag,,—surface area of the body receiving 
thermal radiation from the earth 
re = coefficient for diffuse reflection from 
the earth (albedo) 
ag=coefficient of absorptivity of the 
body for receipt of thermal radi- 
ation at 250°K 
Teg=the effective black-body tempera- 
ture of earth=250°K 
o=the Stefan-Boltzmann constant, 
0.171410 § BTU/hr/ft?/° R* 


The thermal radiation rate from the spacecraft 
may be written as 


G=Arego I" (7.5) 


where 


Ar=total radiating surface area of body 
€g»—coefficient of emission for thermal radi- 
ation from the surface areas 


The internal heat generated in the wheel 
section of the spacecraft is assumed to be: 


qe@o=8.5 watts (in sun); 8.5 watts (in dark) 
(7.6) 


Substituting Equations (7.4) and (7.5) into 
Equation (7.1) yields 


dT o> 
dt 


1 
=F dot Ieat Ie+ 
+P AgsweeTe—AregsoT$>) (7.7) 
Evaluation of the Shape Factors, F. and F, 


The radiative power received by the space- 
craft through reflection of sunlight from an 
element dS of the earth’s surface is 


COS ¢; COs ¢2dS 
a (7.8) 


dqe,= lag cos BAg-, 


where 


I=intensity of radiation from dS 

8=angle between the solar vector and the 
normal to dS 

g:=angle between the direction of the 
spacecraft and the normal to dS 

¢2= angle between the direction of dS and 
the normal to Ae, 

p=distance between dS and the space- 
craft 


The intensity of the radiation received by the 


spacecraft from dS when 6=0 is 
I=reEo/x (7.9) 


Substituting Equation (7.9) into Equation (7.8), 
we have 


dqe,=aorelo oa cos B Cos COs eas 
p 
or 
Je,=hAes,coreLo (7.3) 
where 
A Ss 
Ae» Fy=——* f Os # cong cone (7.10) 
Ss 


To simplify integration of Equation (7.10), the 
following assumptions are made: 
The earth is a flat disk of radius, 7, with the 


spacecraft a distance, h, above the center of the 
disk, where 
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h=orbital altitude of the spacecraft 
m=radius of disk “seen” by the spacecraft 
as shown in figure below. 


Then, if h=345 statute miles and R=3960 
statute miles 


6o>=sin7! G ts )=sin~ (0.9199) =66°55’ 
0. 


ro=h tan 0)=(345) (2.3464) =809.5 statute miles 


The angle 8 in Equation (7.10) is constant 
over the entire surface of the disk at any given 
time and is equal to its value for the element 
dS directly below the spacecraft at that time. 

With the above assumptions, we have the 
following relationships: 


Ags,=Ae, 
and 
F, cos 8 for cos B>0 
= 
0 for cos B<0 


Thus, in determining the factor, F,Ae->, in 
Equation (7.3) for any particular surface of the 
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spacecraft, we obtain an expression from which 
the factor, F,Ae-», is readily obtained by simply 
letting cos B=1. This is equivalent to re- 
writing Equation (7.7) as 


1 
oe [go+FAe+(cos BaorgHot+ageT") 
+qe>—AregsTgs] (7.11) 
for cos B>0. 


NOTE: The restriction on the value of cos £ is 
used to approximate the total amount of heat 
received by the spacecraft from reflected sun- 
light during each orbit. Inclusion of the com- 
plete albedo term on the sunlit side of the 
terminator implies too much reflected light. 
Dropping the term completely on the other side 
implies too little reflected light. The two errors 
nearly cancel. 


where 


F=shape factor for thermal radiation from 
the earth 

A=surface area of the spacecraft receiving 
reflected sunlight and/or thermal ra- 
diation from the earth. 


The shape factor, F, is given by Equation 
(7.10) as 


pal ‘i COS oy Gos od (7.12) 
TUS p 


or for any surface area of the spacecraft, Ae, 
receiving radiation from the earth, we have 


A 
Ag» P= ae aaa wd (7.13) 


Because of the abrupt discontinuity in normal 
direction to the various surfaces of the space- 
craft, Equation (7.13) will be evaluated for each 
of the following surfaces: 


bottom of wheel 

top of wheel 

side of wheel 

front of solar cell array 

back of solar cell support structure 


NORMAL 
TO PLATE - 


Figure 7-1.—Earth disk and plate geometry. 


In these calculations, the wheel will be assumed 
to be a circular cylinder with flat ends, unob- 
structed by the nonrotating structure in receiv- 
ing radiation from the earth. The upper struc- 
ture will be considered as a semicircular flat 
plate, unobstructed by the wheel in receiving 
radiation from the earth. 

Using Figure 7-1, we can construct a unit 
normal vector n for one surface of a flat plate 
of negligible thickness: 


n=j sin y—k cos y 


Similarly, we can construct a unit vector di- 
rected from the plate toward dS: 


u=i sin 6 cos $+j sin é sin é—k cos 6 


Since the dimensions of the plate will be con- 
sidered very small compared to p, one such 
vector will serve for the whole plate, and it will 
not be necessary to integrate over the surface 
of the plate. 

The angle y is determined by the orientation 
of the plate in space. Later in the discussion 
it will be shown how 7 is related to the orbital 
parameters. 

Four cases arise with respect to the plate 
orientation (see Figure 7-2): 
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DISK 
REPRESENTING 
EARTH 


(1) 0 slyi< > - 8, (2) + - 8, srs > 


(4) ¥ Bal a a 


Figtre 7-2.—Plate orientation. 


(3) <lyl< +8, 


1. The plate surface “sees” the entire disk 
representing the earth (0 <|y|<7/2—4). 

2. The plate surface ‘‘sees’’ more than half, 
but not all, of the disk (#/2—<|y|<x/2). 

3. The plate surface “‘sees” a small part (less 
than half) of the disk (4/2 <|y|<1/2+6). 

4. The plate surface ‘‘sees’” none of the disk 
(x/2+ Syl Sx). 


The boundary between the regions of the disk 
is given by 
u-n=sin @ sin ¢ sin y-+cos @ cos y=0 
or 
= —sin“ (cot @ cot 7) 


The direction cosine terms in Equation (7.12) 
are 


cos ¢,=cos @ 
COS @:=N-u==sin @ sin ¢d sin y+cos @ cos y 


6 and ¢ are used as the variables of integration 
over the disk. Since 


r=h tan 6 
and 
dr=h sec? od@ 
dS becomes 
dS=h? sec? @ tan edédo 


Likewise 
p’=h? sec? 6 


so that the shape factor becomes 


P= ff cine @sin ¢ sin y 
-+sin 6 cos 6 cos y)d¢d@ (7.14) 


evaluated for the appropriate area of the disk. 
The selection of proper limits and the evalua- 
tion is given beginning on page 211. The re- 
sults are 
Case 1 (0<|y|<4/2—6): 
F=cos y sin? 4, (7.15) 


Case 2 (x/2—09< |y|<x/2): 


1. A og 
F=5 sin? 6, cos rt5 sin? y 


J : 
—— COS 09-Vsin? 65>—cos” 
iT 


COS 85 


aA sin? y tan7! Ga a 
ra sin? @)9—cos? y 


+ cos? y tan™'(|cos y\vtan? y tan? @,—1) 


ae cos y sin? #) sin”! (cot y cot 4) (7.16) 
Tr 
Case 3 (x/2< |y|</2+ 60): 
Same expression as Case 2. 
Case 4 (4/2+60< ly| <x): 
F=0 (7.17) 


These functions can be considered for 
0<y<~- only, since y will be determined by a 
cosine expression and the choice of quadrant 
for y is thus partly arbitrary. A plot of F 
versus y for a flat surface is shown in Figure 
7-3. 

Shown in Figure 7-3 is a graph of the 
function: 


0.846 cos? (0.63457) cos (0.63457) > 0 
0.0 cos (0.63457) <0 
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0. 846 cos” (0.6345 y), cos (0, 6345 y} 2 0 
0.0. cos (0.6345 y) <0 


0° 40° 160° 


60° 
y, DEGREES 


¥1guRE 7-3.—Shape functions for flat plate. 


which was used in the computer solution to ap- 
proximate F for a single surface of a flat plate. 
This approximation is much simpler than the 
expression for F' and is sufficiently accurate. 
The constants in the approximation were chosen 


80° 


so that the areas under the two curves are equal 
In Figure 7-4 are graphs of the shape functions 
of both surfaces of a flat plate versus y for the 
bottom surface, together with a shape factor 
for the plate when both surfaces have the same 
characteristics and both receive radiation. 
Also shown in this figure is a plot of the equation 


F .,,=0.332 cos? y+0.514 O<y<a_ (7.18) 
which was used as an approximation to the 
composite shape function. 


For the sides, a shape function 


F,=0.254+0.077 sin? y (7.19) 


was used, where y is the angle between local 
vertical and the axis of the cylindrical surface. 
The development of this expression is given on 
page 211. 


F, TOP 


F, COMPOSITE 


120° 


Y, DEGREES 


Figure 7—4.—Shape functions for both surfaces of flat plate. 
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j Statement of the Problem for Computer Solution 


Orbital Geometry 

The coordinate system shown in Figure 7-5 
was used to relate the angles y and 8 in Equa- 
tions (7.11), (7.18) and (7.19) to the orbital 
parameters n, «,and¢. The sun is always taken 
to be along the z-axis. The angle « then repre- 
sents the angle between the satellite orbital 
plane and the ecliptic, which varies from 0° to 
56.78° for a 33.33° orbit with respect to the 
earth’s equatorial plane. 

A local vertical unit vector is given by 


v=i sin 7 cos e+j sin 7 sin e+ k cos 7 


Thus, cos 8, at any point on the illuminated 
surface of the earth is given by 


cos B=i-.v—sin 7 cos ¢ (7.20) 


whenever cos 8> 0. 
Unit vectors for the top and bottom surfaces 
of the spacecraft are 


n,=j sin ¢+kcos¢ 
and 
1n,= —h, 
Thus for the top 
cos y,=R,-V=sin 7 sin e sin {+ cos 7 cos ¢ 
(7.21) 


Zz LOCAL VERTICAL 


SPACECRAFT AXES 


Ficure 7-5.—Spacecraft orbital coordinate system. 
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and for the bottom 


cOs y»>=N,:-V= —sin 7 sin e sin {—cos 9 cos ¢ 
(7.22) 


Because of the symmetry of the wheel 
section and the assumption of like surface 
characteristics of the top and bottom plates, 
the variation of ¢ from 0° to 90° is sufficient to 
determine the variation of heat input rates due 
to changes in this parameter. Therefore, a 
limited number of combinations of values for 
¢ and e« was considered adequate to provide 
a good approximation of the extreme temper- 
ature variations that could be expected for a 
particular spacecraft configuration. These 
were 

¢=0°, 45°, 90° 
«=0°, 10°, 20°, 30°, 40°, 50°, 56.78° 
Change of independent Variable 


In the finite difference form of the heat trans- 
fer equation required for a digital computer 
solution, it is convenient to take equal intervals 
of change in the independent variable. In this 
particular problem, the heat input rates to the 
spacecraft are periodic with respect to orbital 
time, so it is desirable to divide each orbit into 
a finite number of equal intervals. For a 
circular orbit, the position angle, 7, of the space- 
craft with respect to a given initial position, 
varies linearly with time. Therefore, the choice 
of using either equal time intervals or position 
intervals exists. Orbital time for the 300- 
nautical-mile circular orbit is not integral, but 
the position angle varies from 0° to 360° during 
each orbit and is easily divided into equal inter- 
vals of integral value. For this reason, the 
following change of variable in Equation (7.11) 
was made: 


dT dT dn aT. 1 
or 
T 1 
qt flr BT) (7.23) 


where 7=constant angular rate of the satellite 
about the center of the earth. 

Rewriting Equation (7.11) in the form of 
Equation (7.23) and substituting from Equa- 
tions (7.18) and (7.19), we have 
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dTe>_ 
dy 


1 : 
mej { go+cos BreHol Ag eo ,(0.514+0.332 cos” ¥) +A 9>,0@,(0.254+0.077 sin’ ¥)] 
+oTelAos,a@,(0.51440.332 cos’ y) +Aes,a@,(0.254-+0.077 sin’ y)] 
+ qe x—(2Ag>,¢05,+Ae+,¢e2,)°T@>} (7.24) 


for the rate of change in temperature of the wheel section, and 


aT 
i es [(Asxl sxagex+Arrlrraerr)o To + (AaxF axaoax 


+ArrFrraorr)telo 60s B+ qgs— (Aaxegoaxt+Arre erro l 85) (7.25) 


for the upper structure. In Equations (7.24) and (7.25), 


0.846 cos? [0.6345 cos~! (—sin 7 cos e)], if cos[ ]>0 


Frr= : 
0 if cos[ ]1<cO 
0.846 cos’ [0.6345 cos~! (sin 7 cos e)], In Equations (7.26), min and nou, are given in 
Fex= ifcos[]>0 degrees from an initial position »=0°, and 
Oaitcos [10 R=radius of the earth 
sin 7 cos ¢ if sin 7 cos ¢>0 h=orbital altitude of the spacecraft 
cen foo Finite Difference Form 
0 if sin » cos ¢<0 : 
Euler’s Modified Method was used for the 
and numerical integration of the differential equa- 
tion. This method is ordinarily not satisfactory 
Aoko tor 1Snn OF 12 Mout for extending a solution very far from a starting 
i= point because of the error build-up, but in this 
0 for nout>9 >in case we wished only to carry the solution around 


: ; — - a fixed orbit repeatedly until the temperature 
The expressions for determining the position —_ cycle became stable. The speed of this method, 
angles of the satellite when it goes into and which was a prime consideration, can hardly be 


emerges from the earth’s shadow are, respec- —_ exceeded. 
tively, The method consists of finding a ‘‘zeroth” 
1-@RED approximation for 7;,,, namely, T%4:, by the 
n= 57.206 +tan7! a Bs f the relati 
' , (PIR Lhe sin? | use of the relation 


; Bis Jeet T®.=T, +54 (vi, Bi, Ts) (7.28) 
nou =87.296 2x—tan [ICRI +H . 
(R/R+h)?—sin? ¢ foe the : : 

This is simply a linear extrapolation of the 

(7.26) solution from the point (y,, 7;), using the slope 


ae of the solution curve at that point. Succes- 
[(R/R +h)*—sin? ]>0, sively better approximations to (niz1, Tiy1) are 
and then found using the iteration formula 
Min == Nout = 270° (7.27) 
oe AY = Tet hs Mere Bo TO + Sree Bitty TE) 
[(R/R+h)?—sin? e]<0 (7.29) 
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This is actually an extrapolation process from 
(n, T,) using the average slope between the 
points 

(n, T,) and (m41, T{1). 


The criterion used for termination of the 
iteration was that 


[Tt —T,|<e (7.30) 


where « was a previously chosen test constant. 
In general, it was found that iteration would not 
proceed through more than one or two cycles 
unless « was on the order of 107°, or less. 

The solution for the wheel was programmed 
in Intercom 500 language for the Bendix G-15 
computer, and for the upper structure in Fortran 
language for the CDC 1604 computer. 


Values of Parameters 


The values listed for the following parameters 
were not changed during the computer program : 


60.8 BTU/°R (for entire wheel) 
4.84 BTU/°R (for homogenous 


aa shell) 
2.655 BTU/°R (for solar-cell array) 
As= 3.66 ft? 
Eo= 7.37 BTU/min-ft? 
Ae,= Ae,=9.56 ft? 
Ae,= 11.08 ft? 


BK Apr=4.52 ft? 


Q@eek= te>axn==0.85 
Qerr= €g>rr=0.70 
@oan= 0.20 
Aorr= 0.80 
Tag= 450°R 
qeo= 0.48 BTU/min (both in sunlight 
and dark) 
o= 2.8567 X10-" BTU/min-ft?-°R* 
n= 3.7895°/min 
R= 3960 statute miles 
h= 340 statute miles 


A = (for G-15 program) 
(5° (for CDC 1604 program) 


The following parameters were changed in 
value at various times during the program to 
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determine their effect on spacecraft tempera- 
tures: 


20 %O,y Co, 
Gp Oy %O, 
9 1) €B>»y» "E>, 
re 


The values assumed for each of these parameters 
during each series of computer runs are listed 
in the discussion of the results of these runs. 


Computer Printout Format 


Bendix G-15 Program for Wheel—Two dif- 
ferent printout formats were used. Examples 
of each of these are shown in Figures 7-6 and 
7-7. Each of the formats had a heading for 
each orbital run consisting of the fixed values 
of €, [, min, ad nou. The first program then 
printed the following variables for each 1 
around the orbit for as many times as the orbit 
was run until the temperature stabilized: 
ny To+, heat input rate from albedo, heat 
input rate from earth black body radiation, 
total heat input rate, and heat output rate. 
When the program was rewritten to shorten 


Ths 455. 890°R 


HEADING 
§ g An Tout 
(deg) (deg) (deg) (deg) 
56.780 . 000 225.720 314.280 
ORBITAL RUN 
fq Ty. daib yp din Gout 
(deg) (R) (BTU/min) (BTU/min) (BTU/min) (BTU/min) 
15. 000 455.990 1.495 4.316 15. 006 -12. 788 
30. 000 456.170 2.772 4.142 16.109 -12.810 
45.000 456, 410 3.696 3.905 16.796 -12. 838 
60. 000 456.670 4,252 3. 667 PU -12. 869 
75. 000 456.950 4.517 3.493 17.205 -12.902 
90, 000 457.230 4.591 3.430 17,215 -12,933 
105. 000 457. 510 4.517 3.493 17.205 -12.965 
120.000 457.780 4.252 3.667 17.113 -12.996 
135. 000 458.040 3.696 3.905 16.796 -13. 026 
150. 000 456. 260 2.772 4.142 16.109 -13,053 
165. 000 458. 420 1.495 4.316 15.006 +13.073 
180. 000 458. 500 . 000 4.380 13. 574 -13. 083 
195, 000 458.530 . 000 4.316 13.510 -13. 081 
210. 000 458.550 . 000 4.142 13. 336 713.084 
225.000 458. 560 . 000 3.905 13.099 ~13.085 
240.000 458.270 - 000 3.667 4.147 -13.051 
255.000 457.690 . 000 3.493 3.973 -12. 986 
270.000 457.100 . 900 3. 430 3.910 -12.919 
285. 000 456. 520 . 000 3.493 3.973 -12.853 
300. 000 455.950 - 000 3.667 4.147 -12.788 
315.000 455. 680 000 3.905 13.099 -12.759 
330.000 455.710 . 000 4.142 13, 336 712.761 
345.000 455. 750 . 000 4.516 13,510 -12. 766 
000 455. 800 . 000 4. 380 13, 574 -12.772 


Figure 7~6.—Example of G-15 printout format-first 
computer program. 
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g id Nin Nout 
(deg) (deg) (deg) (deg) 
0.000 0.000 203.100 336.910 

HEADING 

n at Ipb 4in 
(deg) (BTU/min) (BTU/ min) (BTU/min) 
0.000 0.000 2.020 11.215 

15. 000 2.947 2.019 14.160 
30.000 5.494 2.014 16.703 
45.000 7.385 2.008 18.588 
60.000 8.573 2.002 19.770 
75.000 9.177 1,998 20. 369 
90. 000 9.355 1.996 20. 546 
105. 000 9.177 1,998 20. 369 
120.000 8.573 2.002 19.770 
135. 000 7.385 2.008 18, 588 
150. 000 5. 494 2.014 16.703 
165. 000 2.947 2.019 14,160 
180. 000 . 000 2.020 11.215 
195. 000 . 000 2.019 11.213 
210.000 . 000 2.014 2.494 
225.000 . 000 2.008 2.488 
240. 000 . 000 2.002 2.482 
255. 000 . 000 1.998 2.478 
270. 000 . 000 1.996 2.476 
285. 000 . 000 1.998 2.478 
300. 000 . 000 2.002 2.482 
315. 000 . 000 2.008 2.488 
330. 000 . 000 2.014 2.494 
345. 000 . 000 2.019 11,213 
360. 000 . 000 2.020 11.215 
ORBITAL RUN 
n Gout Tg, 
(deg) (BTU/min) (R) 
0.000 -10, 987 512. 000 
15. 000 -10. 997 512.110 
30. 000 -11,021 512. 400 
45.000 -11.058 512. 830 
60.000 -11.104 513. 360 
etc. etc. etc. 


Figure 7-7.—Example of G-15 printout format-second 
computer program. 


the computation time of each temperature cal- 
culation, the format was also changed to shorten 
typeout time. The various heat input rates 
were printed only for the first time around the 
orbit. During succeeding orbits, only To, 
and heat output rate for each , were printed. 

CDC 1604 Program for Upper Structure— 
Since only one series of runs was made during 
this program, the printout format could be 
made much simpler than for the G-15. For 
each of the seven runs the format heading gave 
the fixed values of ¢, mn, and mou. The 
variable data consisted of : 


1, Number of orbits spacecraft completed 
before temperature of upper structure stabilized 

2. Average temperature of upper structure 
for the last orbit 

3. Temperature of upper structure at each 
of the 72 points around the last orbit. 
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Summary of Results of the Computer Programs’ ~ 
Satellite Wheel Section 


All Surfaces Painted With Aluminum Paint— 
In the first series of computer runs, the meas- 
ured values ag, ao, and eg > for the aluminum 
paint used on the OSO I prototype model were 
substituted into the program. In addition, a 
typical average value for the earth’s albedo was 
assumed. These values were: 


9 ,=A9,=a9,=0.32 
Og =Ag, =A, = 0.343 


(7.31) 
@> > €e>,— €@>,— 0.343 


re=0.4 


Table 7-1 summarizes the results of the vari- 
ous runs made for this configuration. Changes 
in attitude and orbital inclination made little 
difference in the mean temperature of the space- 
craft. The temperature in all cases was un- 
satisfactorily low, however, averaging about 
—20°C. These runs showed conclusively that 
the ratio of ao/ag_,for at least part of the sur- 
faces would have to be increased to obtain the 
specified minimum temperature of —10°C. 

Top and Bottom Surfaces Partially Un- 
painted—The next series of solutions deter- 
mined the effect of leaving part of the top and 
bottom surfaces unpainted. The ag/eg, ration 
for unpainted, shiny aluminum is about five 
times greater than for the aluminum paint used 
on the prototype. This modification in surface 
characteristics therefore appeared to be a solu- 
tion to the problem of elevating the temperature 
above —10°C. 

For this configuration, a9,, a@,, and €g5, were 
kept the same as listed above for the first series 
of computer solutions. The absorptivity and 
emissivity for the top and bottom surfaces were 
calculated from the following relations: 


ao, = ao, +U—Naep 
ag = ao, +(1—A) en 
€95,= Meo, + —) o> 
where 
\=fractional part of Ag, or Ag,, 
of surface condition 1 
1—A=fractional part of Ag,, or Ag, of 
surface condition 2 
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Table 7-1 


Summary of Results of Commuter Runs 
All Surfaces Painted with Aluminum Paint 


Constant Values: all ag =0.32; all ag=ep>»—0.343; ra=0.40 


Run No. | & (deg) | ¢ (def) | in (deg) | 1 out (ee) ote, onto pee le Mee Ee 
(CR) (°K) (@R) (°K) 
| ees 0 0 203. 10 336. 91 8. 38 4. 38 453. 5 252 458. 3 255 
yee ana 0 45 203. 10 336. 91 8. 38 3. 91 450. 3 250 455. 0 253 
3... aa 56. 78 0 225. 72 314. 28 4, 59 4. 38 455.9 253 258. 6 255 
| Bs oneal, 56. 78 45 225. 72 314, 28 5.13 4. 23 455. 0 253 457.7 254 
ee 56. 78 90 225. 72 314. 28 5. 48 4.10 454.9 253 457. 6 254 
6 sees 30 0 206. 93 333. 07 7, 26 4. 38 449. 3 250 453. 9 252 
Moats 2 he 30 45 206. 93 333. 07 ‘ 7. 55 4 02 448.0 249 452.5 251 
er 30 30 206. 93 333. 07 7. 76 3. 67 446. 2 248 450. 9 250 
Let surface condition 1 be the shiny, un- Te=0.5 


painted state. Then the values of the param- 
eters with subscript 1 in the above operations 
assumed were: 


Ao , = 0.25 
@ y= €@s = 9.05 


The subscript 2 parameters kept the same values 
as those assumed in the previous configuration 
for the totally painted spacecraft. 

The procedure followed in varying \ in Equa- 
tions (7.31) was to determine the percentage of 
unpainted surface required to maintain space- 
craft temperature above 0°C even when a con- 
servatively low value of 0.3 was assumed for 
the earth’s albedo. As shown in the first seven 
runs in Table 7-2, this value was 85 percent. 
Several runs were then made to observe the 
effect of varying e and ¢ over their full range of 
values. From runs 7-21 it is obvious that their 
effect on spacecraft temperature is very slight. 

Runs 22 and 23 of Table 7-2 were made to 
estimate the “worst possible” hot temperature 
that might be anticipated for this configuration. 
The assumptions made for these runs were: 


782-552 O—66——14 


203 


cos B=1 for sin 7 cos ¢>0 
QAO = Ae = €@s = 0 


The first assumption represents the upper limit 
for the average value of the earth’s albedo 
quoted in the literature. The second assump- 
tion eliminates the previous assumption that 
reflected sunlight from the earth is dependent 
upon the angle of incidence of sunlight in the 
earth’s surface. The last assumption implies 
that the top and bottom surfaces of the wheel 
are thermally insulated. The earlier assump- 
tion that the entire wheel is a homogenous, iso- 
thermal mass probably yields conservatively low 
mean temperatures because in the actual case, 
rather poor conductive heat transfer takes place 
between the internal parts of the wheel and the 
outer surfaces. Therefore, the last assumption 
should yield conservatively high temperatures 
since it asserts that no transfer of heat takes 
place through the top and bottom surfaces. 
The maximum temperature of 40°C obtained 
in Run 23 of Table 7-2 is above the specified 
maximum of 35°C. However, it is close enough 
to the maximum allowable to indicate that when 
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Table 7-2.—Summary of Results of Computer Runs Top and Bottom Surfaces Partially Unpainted “ 


Run r a 26, Percent € i Percent | Maximum | Maximum} Min. | Max. 
No. ® o, € Unpainted (deg) (deg) Sunlight Qalb Qbb Te Te 
®, Surface (BTU/min)|(BTU/min)| (°K) (°K) 

| ne 0.4 | 0. 285 0. 174 50 0 0 62. 83 7. 853 2. 779 268 | 271 
2.22... 0.4 | 0.25 0. 05 100 0 0 62. 83 7. 326 1. 743 289 | 291 
3_-- 8 0.4 | 0.25 0. 05 100 0 45 62. 83 7. 326 1. 743 289 |. 291 
4.______- 0.4 | 0.25 0. 05 100 0 90 62. 83 7. 326 1. 743 288 | 291 
5 ----- 0.3 | 0.25 0. 05 100 0 0 62. 83 5. 494 1. 743 284 | 286 
6_._-.---- 0.3 | 0, 257 0. 0793 90 0 0 62. 83 5. 573 1. 912 278 | 280 
0.3 | 0. 2605 0. 09395 85 0 0 62. 83 5. 613 2. 020 275 | 278 
8... ---_- 0.3 | 0.2605 | 0. 09395 85 0 45 62. 83 5. 613 2. 008 275 | 278 
9.___---- 0.3 | 0.2605 | 0. 09395 85 0 90 62, 83 5. 613 1. 996 275 | 277 
10____--- 0.3 | 0, 2605 | 0. 09395 85 10 0 63. 04 5. 527 2.020 | 275 | 278 
11___---- 0.3 | 0.2605 | 0. 09395 85 10 45 63. 04 5. 547 2. 009 275 | 278 
12___.__- 0.3 | 0.2605 | 0. 09395 85 10 90 63. 04 5. 566 1. 997 275 | 277 
1 ee 0.3 | 0.2605 | 0. 09395 85 20 0 63. 71 5. 274 2. 020 275 | 277 
14___. 2. 0.3 | 0.2605 | 0. 09395 85 20 45 63. 71 5. 346 2. 008 275 | 277 
15__--- 2. 0.3 | 0.2605 | 0. 09395 85 20 90 63. 71 5. 418 1. 998 274 | 277 
16___-__- 0.3 | 0, 2605 0. 09395 85 30 0 64. 96 4. 861 2. 020 274 | 277 
17... 0.3 | 0.2605 | 0. 09395 85 30 45 64, 96 5. 002 2. 011 274 | 276 
18_..-__- 0.3 | 0. 2605 0. 09395 85 30 90 64. 96 5. 144 2. 002 274 | 276 
19___._. 0.3 | 0.2605 | 0. 09395 85 40 0 67. 11 4, 300 2. 020 277 =| 279 
20._.--_- 0.3 | 0, 2605 0. 09395 85 50 0 70. 89 3. 608 2. 020 277 | 278 
21_...__- 0.3 | 0.2605 | 0. 09395 85 56. 78 0 75. 40 3. 075 2. 020 280 | 282 
22*___ 0.5 | 0 0 0 0 0 62.83 | 4. 446 1, 445 300 | 302 
23*___ 8. 0.5 | 0 0 0 56. 78 0 75.40 | 4, 446 1, 445 311 | 313 


*See text for further explanation. 


the three previous assumptions are revised to 
approximate more closely the actual situation, 
this configuration can be modified to stay well 
within the specified temperature range of 
— 10°C to 35°C regardless of attitude or orbital 
inclination. 

Alternate Approach to Raising Mean Temper- 
ature.—The proposed solution of leaving part of 
the top and bottom surfaces unpainted is not 
very desirable from the ground handling stand- 
point. Extreme care must be exercised during 
ground operations to assure that these surfaces 
are not scratched or exposed to grease and other 
substances that might leave a film on the sur- 
face. A slight modification in surface charac- 
teristics of highly polished metals can substan- 
tially alter their radiative properties. 

As a possible alternate method of raising 
spacecraft temperature above 0°C, the scheme 
of painting top and bottom surfaces with 
aluminum paint and the sides with thermally 
black paint was analyzed on the computer. It 
was reasoned that the increased heat input 
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through the sides, particularly from direct sun- 
light, should more than offset the additional loss 
of heat through these surfaces. As can be seen 
from Run 1 of Table 7-3, this reasoning proved 
to be incorrect. The computer solution shows 
that the converse is true, and that the minimum 
temperature drops below —30°C. 

Effect of Various Assumptions on Mean 
Temperature—Runs 2 through 6 of Table 7-3 
were made to determine the individual effect 
on temperature of various assumptions made in 
previous runs. Albedo values of 0.3, 0.4, and 
0.5 were assumed for different runs keeping 
other parameters constant. Results showed 
that a change of 0.1 in the assumed albedo value 
produced only about a 5°C change in spacecraft 
temperature. 

The assumption cos 6=1 (Run 5) produced 
a substantial temperature change of 14°C. This 
result points out the importance of further 
investigation into the nature of reflected sun- 
light from the earth. This heat source is 
significant for low-orbit spacecrafts, and until 
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* Table 7-3.—Summary of Results of Computer Runs Sides Painted Black and Various Other 


Assumptions 
Constant Values: o=e=0° 
| Ran | | | *®, 20, | e®. | Maximum | Maximum | Maximum | “ho” | Mor 
No. re 20, “8, «2, any U/ Oey rte CK) (°K) Remarks 
1} 0.4 | 0.32 0. 343 0. 95 0. 85 15, 384 6. 051 | 30. 160 241 245 
2__-| 0.3 | 0. 2605 0. 09395 | 0. 32 0. 343 5. 613 2. 020 | 16. 803 275 278 
3--| 0.4 | 0. 2605 0. 09395 | 0. 32 0. 343 7. 484 2.020 | 18. 675 280 283 
4..| 0.5 | 0. 2605 0. 09395 | 0. 32 0. 343 9. 355 2. 020 | 20. 546 284 287 
5_-| 0.5 | 0. 2605 0. 09395 | 0. 32 0. 343 | 11. 534 2.020 | 22. 748 298 302 | cos B= 1. 
6_-| 0410 0 0. 32 0. 343 3. 557 1.455 | 14. 206 290 292 | Top and 
bottom 
insulated. 
7--| 0.4 | 0. 2605 0. 09395 | 0. 32 0. 343 7. 484 2.020 | 18. 675 264 296 | me=4.84. 
8__| 0.41] 0. 2605 0. 09395 | 0. 32 0. 343 4. 100 2. 020 | 15. 290 272 291 | «=56.78_. 


data on its nature and intensity are made 
available from present spacecraft flights, ac- 
curate temperature predictions for future space- 
crafts will be difficult to make. 

Runs 7 and 8 of Table 7-3 show the tempera- 
ture fluctuations in a homogenous shell during 
one orbit. Due to its low thermal capacity the 
shell temperature varied as much as 32°C from 
minimum to maximum. However, the mean 
temperature of the shell was about the same as 
that of the entire wheel for similar surface 
characteristics. Thus, any particular isolated 
mass inside the wheel will probably fluctuate 
more significantly than the +2°C indicated for 
the total mass, but its mean temperature can 
be expected to be about the same as that of the 
total mass. 


Solar Cell Array 


The silicon solar cells used on the OSO 1 
covered practically the entire surface of the 
upper structure facing the sun. Because of 
their high solar absorptivity and low thermal 
inertia, the cells would heat up rapidly when 
exposed to direct sunlight. Since the efficiency 
of these cells decreased with increasing tempera- 
ture, it was desirable to keep the solar-cell array 
as cool as possible when the spacecraft was in 
sunlight. This objective was acheived by 
painting the back surface of the solar cell panels 
and all support structure with a special metallic 
oxide paint. Therefore, the surface radiative 
parameters for this section of the spacecraft 


were fixed, and the heat transfer computer study 
was concerned only with determining the ex- 
pected operating temperature of the cells for 
various orbital conditions. 

Computer runs were made for the seven dis- 
crete values of the orbital inclination angle, 
e, listed previously in this report. Variations 
in spacecraft attitude angle, ¢, were unnecessary 
because, if shadowing by the wheel is neglected, 
the upper structure is exposed to the same heat 
input rates from the sun and earth regardless of 
attitude. 

The following fixed values of parameters were 
assumed for this study. 


App=Ape=4.52 ft? 
Qerr= €es>rr=0.70 
O@BK= €@>ax—0.85 


a@orr=0.80 

osK=0.20 
me=2.655 BTU/°R 
ro=—0.40 


In the above list, subscripts FR and BK refer 
to the front and back sides of the structure, 
respectively. 

Output data for each of the computer runs 
consisted of upper temperature and heat input 
rates from the earth into the front and back 
surfaces, at each of the 72 points around the 
orbit. 

The temperature data for the minimum sun- 
light orbit (=0°) and maximum sunlight orbit 
(€=56.78°) are plotted in Figure 7-8. Tem- 
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Figure 7-8.—Temperature variation of solar-cell array 
around orbit. 


perature extremes for the five other orbits were 
bracketed by the two cases plotted. These 
curves indicated that solar-cell temperature 
remained in the range from —20°C' to 75°C for 
all orbits, and averaged about 55°C in sunlight. 


ANALYSIS OF SHIELDED MODEL OF 
SPACECRAFT WHEEL 


A second solution of the heat transfer problem 
for the wheel section was obtained based on the 
assumption that the cover panels of this section 
act as radiation shields for the enclosed experi- 
ments, equipment and structure. On the actual 
flight model, relatively poor thermal contact 
existed between these panels and the rest of 
the wheel, resulting in little or no conductive 
heat transfer in the vacuum environment of 
orbital flight. Therefore, it was felt that this 
second, or shielded, model of the wheel was a 
more accurate representation of the physical 
problem than the simplified model. 

The geometry assumed for the shielded model 
is shown in Figure 7-9. The top and bottom 
cover panels were circular flat plates and the 
side panel was a thin cylindrical shell. These 
panels completely enclosed a cylindrical iso- 
thermal mass representing all interior parts and 
components of the wheel. Conductive heat 
transfer between the four bodies was neglected, 
but ideal radiative heat transfer existed between 
the wheel interior and each of the panels; that 
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TOP COVER PANEL” 


INTERIOR MASS 


SIDE COVER PANEL 


BOTTOM COVER PANEL 


Figure 7~9.—Shielded model of the spacecraft wheel 
section. 


is, the shape factor between the panels and the 
interior mass and the emissivity of all interior 
surfaces were unity. 


Derivation of Heat Transfer Equations 


The rate of change in temperature of each of 
the four bodies is given in general form by 
Equation (7.1): 


dT _%—4 
ai es (7.1) 
The radiative power received by the spacecraft 
through the outer surfaces of the cover panels 
came from either the sun or the earth. The rate 
at which the side panel received direct solar 
radiation is given by Equation (7.2). Reflected 
sunlight and thermal radiation from the earth 
were received by all outer surfaces at the rates 
given by Equations (7.3) and (7.4). 

The thermal radiation rate from the outer 
surface of each of the cover panels is of the 
form of Equation (7.5): 


Qo, =Aeoro TY (7.32) 
where the radiation rate, area of radiating sur- 
face, emissivity, and temperature pertain to the 
ith panel. 

Heat received by the interior mass was due to 
internal heat dissipation of electrical energy and 


at 


«the net heat exchange between this mass and the 
three cover panels. These net heat exchange 
rates are given by the general expression: 


Qnet= eel ,Ao(Ti— T) (7.33) 


where 


€|, &==emissivities of the interior surfaces 
A=surface area of the cover panel 
(assumed to be equal to the 
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adjacent surface of the interior 
mass in this model) 
F\.=shape factor between the two 
surfaces 
T,, T,—temperatures of the two bodies 


Equations (7.3), (7.4), (7.32), and (7.33) are 
substituted into Equation (7.1) to obtain the 
following heat transfer equations for the three 
cover panels and the interior mass: 


[FizA, (cos Bao reLHotag+Te)— «a, AisT? —« 4 \yA,o(Ti— T%)] 


dt ~“(me)s [FoxA: (cos Bae,reEo+ae@,0T @) —€os,AsoT }— e264F'4A20(T3—T%)] 


aT, 1 
“dt (me) 
dT, 1 
aT, 1 
dt ™(me)s 
aT, 1 
“dt ~ (me), 


where 


T,, T,, T,. T,=temperature of top, bottom, 
sides, and interior, respec- 
tively 

Fis, Fu, Fu=shape factors between the 
interior body and the top, 
bottom, and sides, respec- 
tively 

Fix, Fax, Fsz==shape factors for reception of 
thermal radiation from the 
earth by the top, bottom, 
and sides, respectively 

Subseripts 1 or t—refers to top cover panel 

2 or b—refers to bottom cover 
panel 

3 or s—refers to side cover panel 

4 or w—refers to interior body 


and the other symbols are the same as pre- 
viously defined. 


(7.34) 


5 [got F2A; (cos Bao eLkotaeoT* )—-€@>, A;,oT}—e3¢,F'4A30(T}—T%,)] 


)s [go>t ere Aro(Tt—Tt) + €2€4.F 4A 20(T§ —Tt) + €:¢.P 4 A3o(Ti—T%,)] 


By assuming that top and bottom surfaces 
are of the same size and surface characteristics, 
and that ideal radiative heat transfer exists 
between adjacent interior surfaces, the following 
relations may be established: 


A,=A;; Py=Fu=Fy=1 
a0 ,=a0,; €1=€2=G=e= 1 (7.35) 
ae ,=%@,; €93,—-€@>, 


To take into account the use of two different 
surface conditions on the outer top and bottom 
surfaces, relations of the form of Equations 
(7.31) are utilized. In addition, the change of 
independent variable from t to » is made. 
These changes and assumptions are incor- 
porated into Equations (7.34), which are then 
rewritten as follows: 


[Fiz (cos Bao ,reHotae oT") —U+ee>,oTit+oT?] 


(7.36) 


[4 ao, EFot Far (cos Bao JoHotae, oT) —U—egs doTi+eTs | 


ar, A 

dy oul, 

dt, __ Ay [For (cos Bag ,reHotag,oT*')—(itegs,)oTi+e Th) 
dn ney, 2E ©, ® @: maa) b wo 
dT, _ 

dn ~ zanna 

ae 

dy Say 


[geo+Aio(Ti—Ts)+Aio(T}—T3) +A3o(T3—TY)] 
Ma 
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where 


A,=projected area of the side panel in 
the direction of the solar vector 
a0, ago tl + al —)a0 
ag ,= hag, +(U—A)ae, 
€g = Aeo, + I-A) €@ 
\=fractional part of top and bottom 
surface areas of condition 1 (shiny) 
1—\=fractional part of the same areas of 
condition 2 (painted) and the other 
symbols the same as previously 


defined. 


The external shape factors, Fiz, Foz, and 
F3n, in Equations (7.36) are derived in the 
same manner as was used for the simplified 
model. The analytical expression for Fz, for 
the sides, is the same as Equation (7.19); 
however, since in this case the top and bottom 
panels are not generally at the same temper- 
ature, their shape factors cannot be combined 
into a single expression of the form of Equation 
(7.18). The individual relations, Equations 
(7.15), (7.16), and (7.17), must be used. These 
complex expressions are closely approximated 
by the following simplified equations: 


F'i2=0.846 cos? [0.6345 cos! (—sin 7 sin & 

sin ¢{—cos 9 cos £)], if cos [ }>0 
or 
Fiz=0, if cos [ J<c0 
F’2n==0.846 cos? [0.6345 cos™! (sin 7 sin e 

sin {+ cos 7 cos £)], if cos [ ]>0 
or 


‘OE 0, if cos [ ]}<0 
CDC 1604 Computer Program and Summary of 
Results 


Equations (7.36) were programmed for solu- 
tion on the CDC 1604 digital computer utilizing 
the finite difference form of the equations 
previously employed in the G-15 program. 
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The values listed for the following parameters« 
were assumed constant for this program: 


(me),= (me),=1.21 BTU/°R 
(mc);=2.82 BTU/°R 
(me)4= 55.96 BTU/PR 


ao ,=0.32 
@,=€6>,= 0.343 
26 y =0.25 
a ,,==0.32 


29 ,=€0>,=0.05 
&@ ,, =€@>,, = 0.343 
An=5° 


In addition, the constant values for A,, A», As, 
Eo, o Ya, 4, Te, &, and A listed on page 201 
were used. 

The variable parameters in this study were 
re, A, —& and ¢. The orbit and spacecraft 
orientation angles, — and ¢, were varied in the 
same manner as before. The earth’s albedo, ra, 
was assumed to have the values 0.3, 0.4, and 
0.5 in various computer runs, and the fraction, 4, 
was varied from 0.00 to 1.00. The results of 
this study are summarized in Figure 7-10 and 
Table 7-4. 

Figure 7-10 shows the temperature variation 
of the wheel interior and the three cover panels 
around the minimum sunlight orbit (=0°) for 
}=1.00 and an assumed value of 0.4 for the 
earth’s albedo. These curves indicate that for 
this configuration all temperatures will remain 
in the range of 0°—30°C. 

From the data given in Table 7-4, the follow- 
ing conclusions can be drawn: 


1. Spacecraft attitude and orbital inclination 
have little effect on average temperatures, at 
least for the range of values of the orbital 
parameters used in this study. 

2. For values of \ near unity (top and bottom 
panels shiny) average temperature gradient 
between wheel interior and cover panels is 
negligible. 

3. Average temperatures near room temper- 
ature can be obtained with all of the outside 
surface area of the top and bottom cover panels 
left unpainted. 


THERMAL CONTROL 


Run No. 1; re=0.30, =0.00 


Average Spacecraft Temperatures 


Average temperatures (°K) 


& (deg) ¢ (deg) 
Top Bottom Sides Interior 
0 0 241 241 260 250 
0 45 239 239 260 248 
0 90 237 237 258 246 
30 0 241 241 260 250 
30 45 238 240 260 248 
30 90 236 239 259 247 
56. 78 0 241 241 263 251 
Run No. 2; rg=0.40, \=0.00 
0 0 245 245 263 254 
0 45 243 243 262 252 
0 90 240 240 261 250 
30 0 244 244 263 253 
30 45 241 244 262 252 
30 90 239 243 262 250 
56. 78 0 243 243 265 253 
56. 78 45 241 244 265 253 
56. 78 90 240 245 265 253 
Run No. 3; re=0.40, =0.50 
0 0 260 260 271 265 
0 45 258 258 270 264 
0 90 256 256 270 263 
56. 78 0 258 258 273 265 
56. 78 45 257 259 273 265 
56. 78 90 256 260 273 265 
Run No. 4; rg=0.40, =0.60 
0 0 264 264 273 269 
0 45 262 262 273 267 
0 90 261 261 272 266 
56. 78 0 262 262 275 268 
56. 78 45 261 264 275 268 
56. 78 90 261 264 275 268 
Run No. 5; re=0.40, \=0.70 
0 0 269 269 276 273 
0 45 268 268 276 272 
0 90 266 266 275 271 
56. 78 0 267 267 278 272 
56. 78 45 266 268 278 272 
56. 78 90 266 269 278 272 
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Table 7-4 : 


Averaye Spacecraft Temperatures 


Run No. 6; re=0.40, 4=0.80 


Average temperatures (°K) 
§ (deg) 5 (deg) al 
Top Bottom Sides Interior 
0 0 275 275 280 278 
0 45 (273 273 279 277 
0 90 272 272 279 276 
56. 78 0 273 273 281 277 
56. 78 45 272 274 282 277 
56. 78 90 272 275 282 277 
_) 
Run No. 7; re=0.40, s=0.90 
rc = pire a aR 7 
0 0 282 282 284 283 
0 45 281 281 284 282 
0 90 280 280 284 282 
56. 78 0 280 280 286 283 
56. 78 45 279 281 286 283 
56. 78 90 279 282 286 283 
Run No. 8; re =0.40, \=1.00 
0 0 290 290 289 291 
0 45 289 289 289 290 
0 90 288 288 289 289 
56. 78 0 288 288 291 290 
56. 78 45 288 290 291 290 
56. 78 90 288 290 291 290 
atin Be Ze ae ey _4 
Run No. 9; rge=0.50, A=1.00 
= ia omen es: Seen 9 ee. = e al ai 
0) 0 295 295 294 295 
0) 45 294 294 293 294 
0) 90 293 293 293 294 
56. 78 0 291 291 293 293 
56. 78 45 290 293 293 293 
56. 78 90 290 293 294 293 
faeces ee | 
Figure 7-11 summarizes the results of the two Performance 


solutions of the heat transfer problem for the 
wheel for the case, e=0°, ¢=0°. The agree- 
ment of results for the two models for rg=0.40 
is quite good, verifying the result of the shielded 
model solution that very small average tem- 
perature gradients exist between the wheel 
interior and the outside cover panels. 
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In general, the temperatures measured during 
the spacecraft orbit were in agreement with the 
computed temperatures. The major reason for 
variation from predicted temperatures was that 
the top and bottom surfaces of the exposed 
wheel were only 90 percent polished aluminum 
rather than the 100 percent assumed in the 
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. Te = 0.40; A = 1.00; MINIMUM SUNLIGHT ORBIT 
30 
SIDES 
2 
i 20 INTERIOR 
: J . 
; SOE 
bd A / 
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0 
0 90 180 270 360 
ORBITAL POSITION ANGLE, DEGREES 
Figure 7-10.—Orbital position angle. 
computations. As shown in Figure 7-12, this plate is always in the yz-plane. The polar 


difference would theoretically be expected to 
reduce temperatures of the interior of the space- 
craft to a mean of 9°C, 8°C lower than the 
value computed for the 100 percent polished 
condition. The temperature curves of Appen- 
dix B indicate the results accomplished by the 
passive temperature control work. The azi- 
muth casting temperature was about 2°C and 
the electronics package on the back of the sail 
structure maintained a temperature between 0° 
and 10°C. The solar panels were about 15° C 
cooler than expected with the high day tem- 
peratures being about 60°C and the low night 
temperatures being about —35°C. 


EVALUATION OF THE SHAPE FACTOR 
INTEGRALS 


Flat Surfaces of Spacecraft 


Figure 7-2 shows the geometry of the plate 
and the earth disk. Note that the normal to the 
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coordinate angle is @ while @ is the angle 
between the z-axis and the line between the 
plate and dS. The angel between the z-axis 
and the plate normal is y, while r is the polar 
coordinate distance from the origin to dS, the 
area element on the earth disk. The distance 
from dS to the plate isp. Thus Equation (7.12) 
becomes 


F al (sin? @ sin ¢ sin y 
+sin 6 cos 6 cos y)d¢dé (7.37) 


Where the integration is to be performed over 
the region of the disk “seen’’ by the plate. 


Case 1: (0<|7| <576) : 


Figure 7-13 shows the limits of plate positions 
for Case 1. Since the entire earth disk is 
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@) SHIELDED MODEL OF WHEEL, RUN ON CDC 1604 (r,, = 0. 40) ‘ 
POINT A: Te = 0.30; POINT B: Tg = 0.50 [ 
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Figure 7-11.—Percentage of top and bottom surfaces polished. 
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/ 
7 PREDICTED TEMPERATURE 
FOR ACTUAL FLIGHT ‘ 
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-10 
0.50 0. 80 0.70 0.80 0.90 1.00 1.40 Fiqure 7-13.—Limits of plate position (case 1). 


x, PERCENTAGE OF TOP AND BOTTOM WHEEL SURFACES SHINY 


Ficure 7-12.—Average interior wheel temperature as advantage of symmetry, however, and write 
function of top and bottom survace conditions. 


9 0 (ex/2 . . : 
F=- f f (sin? @ sin ¢ sin ¥ 
“seen” by the plate, the limits on ¢ are 0 to mT Jo J-x/2 
2m and on @ are 0 to %. It is possible to take -+sin 6 cos 6 cos y)d¢dé 
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Evaluation of this integral proceeds as follows: 


2%, : 
F=- f sin? 9 sin y (—cos @) 
®Jo 


r/2 2 | r/2 
dé+-- f. sin 6 cos 6 cos y{¢] ii) 
—4/2 wo —x/2 
2 ? fe : 
=0+5 cos [sin? 6] =cos y sin? 6, (7.38) 
a 


Case 2: (5—6<Ini<3) 


vez 8 LIMITS OF PLATE 
— POSITIONS FOR y>0 
EARTH DISK 
Ficure 7-14.—Limits of plate position and region- 
integration (case 2). 
_— REGION OF 1, 
“ 
7 
/ 
/ Ps 
ere ge a 
/ REGION 
/ OFT, 
{ #20 - 
baad 
\ rh oe 
Neale even al 
Meee a 
Neo SSeS 
SS caus ¢=-Sin (cote cot y) 
Sao 


Figure 7-14 shows the limits of plate positions when the plate “sees” more than half, but 
not all, of the earth disk. Also shown is a diagram of the two regions of the earth disk to 
be covered in the evaluation of the integral. Again symmetry properties may be used to write 


2 x/2~-7 xr/2 . As . . 
f= f f (sin? 6 sin ¢ sin y+sin @ cos ¢ cos y)dodé 
0 a/2 


2 (°% rh s f : , 
+2 f f (sin? @ sin @ sin y+sin @ cos @ cos y)dgd8 
®t —sln™' cot @ cot 


[2 
=. rt, 2 
2... , 7-7 
1=0+5 [sin? 6] cos y=cos? y (7.39) 
o 
a rR 2r% rp 
LL=—= i sin? @ sin y |cos 4] do+= sin § cos @ cos ¥[¢] 
WS xj2-¥ —sin-! (cot @ cot y) RS 2-47 ~sin-! (cot @ cot y) 
2 (-% ; : 8 : 
~=/ sin + sin? 6 ¥1—cot? 6 cot? vdo+ [ sin @ cos 6 cos ydé 
RS x/2-y aj2-7 
2 (7% Z : 
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ORBITING SOLAR OBSERVATORY ‘. 
In J,, let z=sin? 6. Then dr=2 sin 6 cos 6d6, and -* 


7 dz dz 
~ 2sin@cos6 2Vz7-/1—z 


Thus 


sin? @% ~ /. .\ dx 
1..= = sin de aaf1- (--1) cot? y ———— 
a ¢ cos” Y x 2Vzvl—x 
_sin nap (fer ee ese? y— ~cot'y “" ee 
cos ¥ 


=-* sin y{[¥(1—z) (x ese? y—cot? ail oe {vv . [((—2)(z ese? y—cot? y)]7'7dz} 


cos’ Y 2 os x 


1 3s eeCi‘i‘U;é«iw cos 6 
== — = COS 6) y sin’ 6).—cos” y—= sin? y tan™! Gaya) 2 ; 
7 ov ° T ¥ (sin? 6,—cos* +g sin’ y (7.40) 
1 pipette. Areas Wee 
Iono= cos ¥ [sin? 6] == sin? 6) cos y—=z cos’ 7 (7.41) 
2 Mies 2 2 


723 may be integrated by parts, letting u—sin—! (cot 6 cot y) and dv=sin 6 cos 6d@. Then 


cot y (% tan 6dé@ 
i ot y| Sav2—7 vtan? y tan? g—1 


1 1 
i‘ a=— COS ¥ sin? 6, sin=! (cot y cot 90) —5 cos? rt: cos (7.42) 


Let this remaining integral be called /,;,. In this integral, let r=tan y tan 9, so that dr=tan y 
sec? 6d8, or 


dx cot y 
db == 1+2? cot? y 
Then 
1 3 tan y tan 6 5 
| ae cot? y adz 
|cot yl Ji (1—2? cot? y) ¥z?—1 
i bei ‘cot?y = 1 : Veer. an «cot 1" ¥(22— =. ane 
EY (cot y] cot? y Vee. 1+ cot? 
1 cos y cot y “1 7 7 a7a5 
=> s 6 : 
Nees tan7!4/cos? y (tan? y tan? 45 
or 
i ——— 
2.3.1==— cos? y sgn (sin y) tan! (|cos y| ytan? y tan? 05°) (7.43) 
Tv 


If O<y<r it is not necessary to include the factor sgn (sin y) in this expression. The shape fac- 
tor for Case 2 is, therefore, 


‘ 1 =4> —,-_ 1... cos 6 
F=cos' y—= cos 6) sin? 6)— cos? y—-- sin? y tan~! ( —————°> 
E w sin? 6)— cos? 


‘te ae cae ; 
+5 sin? +5 sin? 6) cos 1-5 cos? Stee cos ¥ sin? & sin7) (cot y cot %) 
is 


5 cos® yt cos’ y sgn (sin y) tan! (\cos y|vtan? y tan? %—1) 
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° THERMAL CONTROL 
on 


,i1. 1. 1 . 1., cos 6 1 
F=5 sin? 4 cos y-+-= sin? y—— cos 6 ysin? @— cos? y—-— sin? y tan~ { ———~—*>" . }4-— cos 2 
2 ™ 7 sin? §—cos? y/  * 


sin’ 9 sin (cot y cot a) += cos’ y sgn (sin y) tan™! (lcos y|ytan? y tan? @—1) (7.44) 


Note that as y> 5 By F approaches 


—} int a++ cos? @—+ 2 (3) 1 (sins (5) 
F =5 sin +5 cos? 8 ; (cos? 0) 3 +e (sin® 6) 3 
=sin® 0 


which is the same as F' in Case 1 for 1=5 — Oo. 


Also, for y= rai} sin 0) Cos 6-1 (1) (5-0 = (@—sin Oy COs 8p). 
2 2 ¢ v 2 v 
This must agree with the value of F in Case 3 for the same angle. 


Case 3: (5<1<$-+00) (see Figure 7-15): 


ar Aare Saad 
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Figure 7-15.—Limits of plate position and region of 
integration (case 3). 


LIMITS OF PLATE 
POSITIONS FOR y > 0 
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= Sin {cot 9 cot y) 


ORBITING SOLAR OBSERVATORY ° 


In this case the integral for F becomes we 


rat {" ie (sin? 6 sin ¢ sin y+sin @ cos 6 cos y)d¢dé 
—x/2 J —sin-(cot 6 cot +) 


zoe an "gin? 6 sin y[cos gI d6+- ?{" cos ‘y sin 6 cos @ [el d6 
y—n/2 —sin-! (cot 6 cot y) 


w —sin-! (cot @ cot +) 

2. 40 ; en ens Ce eneeneeee EE 60 . 
ac sin vf sin? 6/1—cot? 6 cot? 7 dé+cos vf sin 6 cos 6d6 
y—n/2 


y—n/2 


80 
42 cos vf sin 6 cos 6 sin=(cot 6 cot y)dé 
wv ¥ 


— 7/2 


=Joitdaetdos 


Since the integrands are the same as those in Case 2, we have for J. 1: 


sin y (i"’® (x esc? y—cot? y\'? 
Jo. 1 nf dz 
en 


OS? Bo 1—z 
oo COiLCw Z 
ast Cos 6) sin? @)— cos? y—— sin? y tan7! ( et) sin? y (7.45) 
T 7 ysin? 6&—cos? y/ 2 
Similarly, we determine that 

1 patie 22 OI sks ae 

Jo2== cos ¥ [sin? 6] =. sin’ & cos y—= cos® y (7.46) 
2 er ae y} 

1 cot y 8 tan ede 
es 2 -! 
Jo. se 2 ek {[3 sin’? @ sin-'(cot @ cot » |" sane cope ice fant tal 


1 ‘ : 1 : 
== cos y sin? 6 sin='(cot 8) cot y)—— cos? y sin=!(—1) 
rie T 


1 : cot?y 1 cot? y ae cole) yOC— ie ¥ tan % 
‘a (6087) |cot y/| cot? y (ont. [tan 1+cot?y |-1 


or 


1 ‘ 2 1 1 , z 
Os ae cos y sin? 6 sin-'(cot 8) cot ee cos? a cos’ y sen (sin y) tan7'(|cos | vtan? 6) tan? y—1) 


(7.47) 
The total results for F are: 


1 oo ys COS 8 
F’=s— ¢08 6 sin? 6) cos* y—-— sin? y tan7! =) 
T T sin A cos’ y 


| arene l., 1 1 : F 
aa sin? yt5 sin? 6) COs aa cosy +— cos y sin? 6) sin~'(cot 6 cot 7) 


re 


1 : ‘ Ae Pa a Eee b 
5 cos? y+ cos? y sgn (sin y) tan7?(|cos 7| vtan? y tan? 6—1) 
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THERMAL CONTROL 


OF 


Ta: : > , 
Pos sin? 0) cos ees sin? eee COS 9 Ysin? 6g—cos? as sin’ y tan7! (ee) +5 COs ¥ 
2 w cs V sin? 6,—cos?* y/  * 


2 : 1 é 
sin? 4, sin—! (cot 6, cot += cos’ y sgn (sin y) tan™! ({cos y| ytan? y tan? @—1) (7.48) 


This expression is identical with that for Case 2 and therefore 
F(5) is 1 (@)—sin 6 cos 6). 


As 15 +O, F should reduce to zero: 


iia 1 1 A . 1 : F : @ 
F= a5 sin® bo+5 cos’ 6.—— cos 6) sin? 6)— sin? 6.—— cos? 6, (Z)-2 sin? @) sin~! (—1) mi sin? 6) tan~! (0) 
rg v 2) wT 


1. : 
a sin® +5 cos? %—5 sin? 6)=0 


be an element of surface area of the cylinder, 
where r is the radius of the cylinder, \ is the 
: coordinate angle as shown, and h is the distance 
(see Figure 7-16) above the base plane of the cylinder. Let axes 
be chosen with the z-axis as the axis of the 
cylinder and with the radiation vector always 
in the xz-plane. 


Case 4: (5+ lv! <r) 
By inspection, F—0. 


PLATE NORMAL 


LIMITS OF PLAT: 
POSITION FOR 
O< ys7 


Figure 7-16.—Limits of plate position (case 4) 


Lateral Surface of Cylinder Figure 7-17 shows 
a cylindrical surface receiving incident radia- 
tion from the direction of u making an angle 
a, with the axis of the cylinder. Let 


x 


Figure 7—17.—Geometry of radiation on cylindrical 


dS.=rd)ddh surface. 
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Then 
u=—isin a,—k cos a, 
and 
n=i cos \+j sin \ 


Since radiation is received only over the portion 
of the cylinder for which 
SAS 


= , 
2 


the effective area in the direction of u is 


_ eo ho (x/2 
— f @aas.=f f cos \ sin a,rdd\dh 
o —72 


=2rh sin a, 


Since the lateral area of the cylinder is 2arh 
the fraction of the lateral area capturing 
radiation is 


1. 
- SIN a, 
Tw 


If we now place the cylinder over the earth 
disk we can write the integral for the shape 


factor as 
,_1 fcosg € . 
I == fe ; sin as) dS 


or 
rai f cos 6 
og | J A? sec? 6 


where the integration is over the entire earth 
disk (except for a small hole formed by the 
projection of the cylinder along its axis to 
intersect with the disk. This unseen region 
can be neglected because of the small size of the 
cylinder in comparison with the earth disk). 
The counterpart of ¢. in the case of the flat 
plate is a,. 


sin a,h? sec? 6 tan édodé 
(7.49) 


Hence, 


sin a,= ¥1—(sin 6 sin @ sin y+cos 6 cos 7)? 


and 


; 2 a/2 6) 
r= 5 sin 6 
WT —7/2J8 


y¥1—(sin @ sin ¢ sin y—cos 6 cos y)*déd@ (7.50) 


This integral is virtually impossible to evaluate 
in closed form for arbitrary y, so it was decided 


to evaluate for y=0 and yan and investigate 
3 g 


the variation of F. 


For y=0, we have 
2 x/2 8 ee 
Pa3 f f sin 6-/1—cos? 6 dd 
Ww J-x/2 J0 


a ae 1 
="3 f f sin? 6d@d¢—— (8)—Sin 6» cos Ao) 
mw J—x/2J0 v 


(7.51) 


This result agrees with that for one side of a 


flat plate with 1=5) which is to be expected. 
For y= we determine that 

2 (% (7? . ase 

P=, f ° f sin 6 1—sin? 6 sin? 6dedé 
wv 0 7/2 
4 (% . n/2 - 

=5 f sin 6 f 1—sin? 6 sin? edgdé 

Ww JO J0 


8 
=4 f ®° sin OE (5 sin 0) a6 
Tv 0 2 


Numerical inte- 


(7.52) 


where F is an elliptic integral. 
gration of this result gave 


F=5 (0.816) =0.331 


The extreme values of F(y) were thus 


F(0)=+ (@—sin 6 cos 6) =0.254 
VT 


t\ pw 
P(§)=0.331 


Using the same type of approximate repre- 
sentation for the shape factor of the lateral 
surface of the cylinder as for the two-sided flat 
plate, we have 


F(y) =0.254-+0.077 sin® 7 (7.53) 


Chapter 8 


ORBITING SOLAR OBSERVATORY SCIENTIFIC 
EXPERIMENTS 


GENERAL DESCRIPTION 


The study of the sun is important, not only 
because of immediate scientific gains which will 
support our man-in-space program (we know, 
for example, that radiation from solar eruptions 
or flares occurring during a manned spaceflight 
would penetrate the spacecraft and harm the 
occupants), but also because long-range scien- 
tific gains will help us more fully understand the 
effect of the sun on the earth. The purpose ot 
most of the OSO experiments was to measure 
broad ranges of electromagnetic radiation from 
the sun in the ultraviolet, x-ray, and gamma-ray 
regions. In the past, it was difficult to obtain 
accurate information about solar radiation be- 
cause of absorption and attenuation by the 
atmosphere. The OSO I spacecraft permitted 
precise and extensive measurements to be made 
without the interference of the atmosphere. 

Thirteen experiments aboard the spacecraft 
measured wavelengths ranging from ultraviolet 
light through the very short high-energy gamma 
wavelengths. One of the several Goddard 
Space Flight Center experiments aboard was an 
x-ray spectrometer. Information obtained from 
this instrument may lead to a theory for 
predicting solar flares. The University of 
Minnesota instrument will tell us more about 
the thermal-nuclear processes that take place on 
the sun. The University of Rochester instru- 
ment will measure gamma rays with energies 
greater than 108 electron volts. Other experi- 
ments included the Ames Research Center 
instrument for studying emissivity stability of 
material, Goddard instruments to monitor solar 
x-ray emission and to measure the number and 
energies of interplanetary dust particles, and 
the University of California neutron, proton, 
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and electron detectors. Each of the thirteen 
scientific instruments in the spacecraft func- 
tioned properly for the first 1000 orbits. 

The scientific instruments were carried both 
in the rotating wheel and the solar oriented 
upper structure. The wheel experiments were, 
in general, sky-mapping experiments comparing 
radiation from the sun to that in other portions 
of space. These experiments were exposed to 
the sun once every two seconds due to the 
rotation of the wheel and always passed within 
a line-of-sight angle of three degrees of the sun 
in elevation due to the controlled attitude of 
the spin axis. The oriented experiments were 
continuously pointed to the center of the sun to 
an accuracy of about one minute of are. 


SOLAR ORIENTED EXPERIMENTS 


The solar oriented instrument gimbal mount- 
ing was designed to carry 75 pounds of instru- 
ments. These instruments were confined to a 
volume of space 38’ x 8” x 8’7. The OSO I 
spacecraft carried two solar-oriented instru- 
ments. One was an x-ray spectrometer meas- 
uring the spectral range from 10 to 400 A. The 
spectrometer weighed 20.5 pounds. Thesecond 
instrument was an assembly of several different 
experiments. These were: two solar x-ray (20 
to 100 kev and 1 to 8 A) monitoring experiments, 
a gamma-ray (0.510 Mev) monitoring experi- 
ment, an interplanetary dust particle experi- 
ment, and an experiment designed to monitor 
the orbital environment effect of degradation 
on photoelectric solar error sensors that were 
used in the spacecraft servo control positioning 
systems. The composite instrument weighed 
45 pounds. Figure 8-1 shows the location of 
these instruments in the spacecraft. 
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Figure 8-1.—Solar-oriented experiment. 


Goddard X-Ray Spectrometer Experiment 


One of the primary tasks set for the OSO I 
was the measurement of the solar spectrum 
over the wavelength range of 10 to 400 A. The 
instrument designed to accomplish this was an 
x-ray spectrometer which had a sensitivity 
high enough to yield a satisfactory spectral 
distribution over the given wavelengths. 

The angular aperture of the spectrometer was 
approximately 1.2 by 2.2 degrees. Hence, 
pointed with moderate accuracy (within plus 
or minus a few minutes of arc to the center of 
the solar disk), the spectrometer input en- 
compassed the entire solar disk. The spectrom- 
eter was designed so that sunlight falling on the 
front face of the instrument (Figure 8-2) would 
pass through the entrance slit and strike a 
concave grating mounted for grazing incidence. 


GRATING - RADIUS OF CURVATURE ~ 1 METER 
600 GROOVES PER MM 


ENTRANCE 
SLIT 


OPEN WINDOW 
MULTIPLIER 
PHOTOTUBE 


Ficurge §&-2.—Goddard x-ray spectrometer optical 
schematic. 


The angle of incidence was 88 degrees. The 
grating was lightly ruled in a special glass by 
the Nobel Institute in Stockholm at 576 lines 
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per mm on a one-meter radius of curvature 
blank. No reflecting coatings of any kind 
were used on this grating. The diffracted rays 
then continue to the exit slit in front of the 
detector. The detector was mounted on a 
carriage moving on a rail so that the detector 
input slit would follow a Rowland circle where 
the spectrum was in focus. The plane of the 
detector slit remained approximately perpendic- 
ular to the diffracted ray at any position along 
the rail, thereby keeping the spectral passband 
nearly constant for all angles of diffraction. 
The 50-micron entrance and exit slits provided 
a spectral passband of 1.7 A and permitted 
resolution of lines 0.85 A apart. 

The detector used was an open-window 
photomultiplier developed by the Bendix Cor- 
poration specifically for use in this spectrometer 
and designated the M-306. Its operation was 
as follows: Photoelectrons from the exposed 
tungsten cathode move along cycloidal paths 
in crossed electric and magnetic fields between 
two glass strips coated with a semiconducting 
secondary-emitting oxide layer. One of the 
glass strips serves as a continuous dynode. 
Each photoelectron is multiplied into a pulse of 
approximately 10° electrons at the anode. 

The data format of the x-ray spectrometer 
experiment used a pulse-counting technique 
whereby narrow, randomly occurring pulses 
from the detection system were converted to 
bi-value waveforms by means of binary scalers. 
To extend the dynamic range over a wider 
range of input pulse rates, three different 
scaling factors were used. The three bi-valued 
waveforms thus generated were then coded 
and combined in such a way as to permit later 
unambiguous identification of the particular 
contributions of the different scaling factors to 
the composite waveform. A typical data out- 
put format is shown in Figure 8-3. This format 
was the input of the 1200-cps subcarrier oscil- 
lator providing the frequency modulating for 
the data transmitted. 


_ DAY 7 MIGHT: 


FicurE 8-3——Goddard x-ray spectrometer output 
format. 


The spectrometer used about 1.3 watts sup- 
plied from the spacecraft power supply at a 
nominal 18 volts de. About one watt was used 
by an oscillator which drove the three-phase 
synchronous detector scandrive motor. The 
motor required about 300 mw at 137 cps to 
yield 100 mw of mechanical output power. The 
remainder of the power was used in the multi- 
plier amd pulse-handling circuitry. Power to 
the experiment was switched off when the 
spacecraft entered the earth’s shadow and 
switched on at the beginning of a new space- 
craft day. 

Since the diffraction grating was quite sus- 
ceptible to contamination, all of the exposed 
materials inside the spectrometer were tested 
at a pressure of about 10-§ mm Hg to eliminate 
any material having a high vapor pressure. 
Because the electronic circuits were potted in 
a compound having a high vapor pressure, they 
were enclosed in sealed boxes which were vented 
to the outside through holes in the spectrometer 
base plate. During assembly, all the parts 
exposed to the interior were carefully cleaned 
to be free of oil, grease, and other contaminants. 

The temperature of the instrument was con- 
trolled by controlling the radiation balance. 
Most of the outer case was polished. The 
central section was black in order to thermally 
“tie’ the experiment to the spacecraft. A 
thermistor was mounted in the experiment to 
monitor temperature during orbital flight. A 
plot of this temperature for the first 1,000 
orbits is shown if Figure 8-4. The output of 
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Ficure 8—-4.— X-ray spectrometer temperature. 
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Figure 8-5.—Goddard solar-oriented x-ray 
spectrometer. 


Ficgure 8-6.—Goddard solar-oriented x-ray 
spectrometer. 


the thermistor detector amplifier was fed to 
the upper housekeeping commutator as one of 
52 data points monitored by the spacecraft 
housekeeping commutators. Figures 8-5 and 
8-6 show various views of the spectrometer. 


Performance 


The spectrometer aboard the spacecraft per- 
formed well, yielding information on the solar 
spectrum and variations in intensity of the 
solar lines The 
region 10 to 60 A was not useful due to scattered 
light. Solar in the wavelengths 
covered by the spectrometer was primarily 
responsible for the formation of the F layers 
in the ionosphere. 


as the solar activity changed. 


radiation 


Thus, variations in the solar 
output should be correlated with changes in 
the F layer which may lead to a better under- 
standing of the formulation and structure of 
the ionosphere. 

Prior to the failure of the tape recorders, 
about 6000 spectra of the sun in the 10 to 400 
A region were collected. 


During this time over 
30 flares of varying magnitudes occurred, the 


highest magnitude being a Class 3 on March 22, 
1962. It is believed that these data will 

1. Aid in identifying the spectral lines. 

2. Allow limits to be placed on the continua 
in this wavelength region for a quiet sun as 
well as during solar activity. 

3. Allow quiet sun line intensity measure- 
ments to be made with some certainty. (From 
preliminary measurements it can be seen that 
a rocket-borne instrument would have encoun- 
tered enhancement several hours after a visual 
flare was over.) 

4. Determine line intensity enchancement, if 
any, before, during, and following visual flare 
activity. 

5. Determine enhancement, if any, associated 
with other solar activity, ie., plage areas and 
spot groups. 

6. Determine short-time fluctuations in line 
intensities not associated with other easily 
observable phenomena. 

Analysis of these results should throw light 
on energy transport mechanisms in the corona 
and the relaxation time of the corona, and form 
the basis for a more complete model of the 
chronosphere. 

After the failure of the tape recorders, data 
were recorded only during those periods of time 
when the spacecraft was within range of a re- 
ceiving station. The spectrometer continued 
to function during these periods. A prelimi- 
nary report of solar flare observations has been 
prepared by W. E. Behring, W. N. Neupert and 
J. C. Lindsay of the Goddard Space Flight 
Center. This report, X-614-62-29 is entitled 
Preliminary Solar Flare Observation with a Soft 
X-Ray Spectrometer on the Orbiting Solar Observ- 
atory. 


Alternate Pointed Instrument 


The alternate pointed instrument package 
(Figure 8-7) contained the following listed 
experiments: 


Goddard Gamma Ray Monitor 


This experiment utilized a Nal (T1) scintil- 
lator backed by a photomultiplier tube for the 
detection of the 0.510 Mev electron-positron 
annihilation line to study any possible temporal 
variations at this line. 


Figure S8-7.—Goddard alternate pointed-instrument 
package. 


Pulse signals from the photomultiplier were 
fed into a 16-channel differential pulse-height 
analyzer which was time shared by this photo- 
multiplier and two others in the GSFC wheel 
experiment. From the analyzer, the signals 
were coded and fed into a telemetry subcarrier 
oscillator. 

The only difference between this experiment 
and the gamma-ray experiment in the GSFC 
wheel experiment package was that it was 
pointed at the sun continuously so that the 
energy analysis would be improved. This 
was accomplished by adjusting the gain of the 
system so that the 0.1 to 0.7 Mev region would 
be analyzed by the pulse-height analyzer giving 
approximately 50 kev resolution. 


Goddard X-Ray Monitor (20-100 Kev) 


A detector exactly like the scintillation de- 
tector used for the gramma-ray experiments, ex- 
cept for the use of a thinner crystal, was used to 
monitor the 20-100 kev x-ray emissions believed 
to be associated with Type III radio events. 

It will be of interest to compare the intensity 
variation of the transient x-ray phenomenon 
with that obtained from radio observations. 


Goddard X-Ray Monitor (1-8 A) 


Monitoring the solar flux in the 1 to 8 A 
X-ray region was accomplished with two Be 
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(Xe) ion chambers, collimated to reduce the 
effect of scattered light. 

The monitoring of the x-ray region substan- 
tially supplemented the information obtained 
from the x-ray spectrometer, which covered 
the 10 to 400 A region, particularly during a 
solar flare when the x-ray emission was en- 
hanced resulting in a hardening of the spectrum 
as well as an increase in intensity. 


Goddard Dust Particle Experiment 


The interplanetary dust particle experiment 
was designed to measure the influx rate, 
momentum, and kinetic energies of impacting 
dust particles. A photomultiplier tube, coated 
with aluminum approximately 2 microns thick, 
was used to measure the luminous energy 
emitted from the cloud of plasma formed when 
a dust particle impacts onto the aluminum- 
covered tube. A microphone attached to the 
side of the tube measured the mechanical 
impulse delivered by an impacting dust particle. 
The ranges of sensitivity of the two detectors 
were overlapped so that coincidence measure- 
ments were possible for a large fraction of the 
dust particles. A collimating tube was used 
to shield the photomultiplier tube from earth- 
reflected sunlight and to limit the view of the 
detector to a cone of approximately 30° half 
angle. The output signal from this experiment 
was fed to the 294 cps subcarrier oscillator 
channel. 


Photoelectric Error Sensor Stability Experiment 


Ball Brothers Research Corporation supplied 
an experiment designed to monitor the effects 
of the launch and the space environment 
on the photoelectric sensors used as error 
detectors in the spacecraft servo positioning 
control system. The experiment comprised 
six error sensors mounted in a block which was 
attached to the front surface of the alternate 
pointed instrument. A detector block tempera- 
ture readout was also provided. The output 
data were sampled by a 20-data-point com- 
mutator operating at a one-sample-per-second 
rate. The commutator channels were shared 
by the Goddard alternate pointed instrument 
experiments and the BBRC experiment. Table 
S-1 lists the channel assignments. 
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Table 8-1 
Alternate Pointed Experiment Data Channel 

Assignments 

Channel No. Function 

| een ere Experimental target eye, no filter 
or lens 

2 and 3____- GSFC voltage readouts 

eee 5-volt calibration 

Secubionsoe 2.5-volt calibration 

6 and 7___-- 0-volt calibration 

8 and 9__..- 20 kev to 100 kev x-ray monitor- 
ing experiment 

10 and 11___| 1 to 4A x-ray monitoring experi- 
ment 

12a Pease 15-volt regulated supply 

1322325050 Experiment temperature 

14s cmos 18-volt B+ monitor 

1 Gs aeons Experimental target eye No. 1 

16.2620 2062 Experimental target eye No. 2 

17 and 18_._| Dust particle experiment 

19) speeedee Experimental fine eye pair (FE-3) 

20.---_---- Experimental coarse eye (CE-3) 


Of interest were engineering data concerning 
cell, lens, and filter-glass damage, mechanical 
shifts in position, and spectral response changes. 
The detectors selected and the intended uses for 
each are as follows: 

Bare Cell Detector.—This detector was a fine 
error sensor with the lens and filter removed, 
exposing the unprotected silicon cell to direct 
solar irradiation. This detector was intended 
as a control so that differences in cell changes 
and filter and lens changes could be assessed. 

Coarse Pointing Error Detector —This detec- 
tor provided a cell protected by a filter glass. 
The detector was identical to the servo coarse 
error detectors and was intended to provide 
data on the long-term stability of the coarse 
detectors. 

Fine Pointing Error Detectors —These two 
detectors provided cells protected by a lens and 
a filter glass. These detectors were of the same 
type used for fine servo error detectors. The 
detectors, which were not spectrally matched, 
gave information on the immediate differential 
output changes to be expected by being above 
the atmosphere, on the long-term differential 
changes between two detectors, and on the long- 
term absolute output degradation to be ex- 
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pected so that servo error detector gain changes 
could be assessed. 

Fine Pointing Detector Pair—This aligned 
and positioned detector pair provided data on 
mechanical shifts of position of the pointed 
instruments during launch by comparison with 
the readout eye pair. It also backed up the 
prime positional readout detector pair. 

The amplifiers used to amplify the individual 
detector currents to the input voltage level 
required for the telemetry subcarrier oscillator 
were zero-suppression amplifiers. This was 
done to increase the accuracy of the telemetry 
channel readout. Full-scale output repre- 
sented about plus or minus 12 percent of the 
nominal output. The amplifiers were calibrated 
with a % percent current meter. 

The amplifier (Figure 8-8) was adjusted to 
give 2.5v out with predicted eye current by ad- 
justing R2 (zero-suppression resistor) and R4 
(gain resistor). 

The principle of circuit operation is as fol- 
lows: QI presents the eye cell with a low input 
impedance to assure that the cell is being 
operated in the current mode. The collector 
of Q1 is a very good current source for R2. 
Thus, a, times the eye detector current flows 
out of the collector regardless of the collector 
circuit. 

When the eye detector current is such that 
the voltage across R2 is high enough, the emit- 
ter of Q2 becomes a low impedance compared 
to R2 causing the majority of Q1 collector 
current will flow into Q2; a, times this current 
will flow through R4. The voltage across R4 
is fed to telemetry by emitter follower Q4. 
Diode CR3 is the compensation for changes in 
the Vuz of Q4. 

The voltage at which the current from the 
collector of Q1 is accepted by the emitter of Q2 
is determined by the emitter voltage of Q3, 
which is in turn determined by the voltage 
divider R8, R6, R7. The Vas of Q2 is nearly 
compensated for by Q3 Var and trimmed by 
R6. 

The detector block temperature probe, using 
a thermistor detector, was similar to those used 
elsewhere on the spacecraft. The fine detector 
position reading pair required the use of a spe- 
cial low-level detector amplifier. The opera- 
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Figure 8-8.—Zero-suppression detection amplifier. 


tion of this device (see Figure 8-9) is the same ay 


as the readout amplifiers previously described 
in Chapter 4. 

The sensor monitoring experiment required ° 
a voltage shifter designed to accept an input pane 15K 
signal ranging from 0 to 5 volts and to supply DETECTOR 
an output ranging from about 4 to 9 volts. 
The requirement for this unit arose from the 
fact that it was desirable to use an existing 
subcarrier oscillator which required a 4- to 
9-volt input. 

Figure 8-10 shows the schematic diagram of 
this circuit. The requirements on the voltage 
shifter were that it present the proper input and 
output impedance to the signal source and the 
subcarrier oscillator, and that it have good 
linearity and temperature stability. Voltage 
shifting is accomplished by means of the Zener 
diode Di. This diode adds constant voltage Figure 8-9.— Low-level detector amplifier. 
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Figure 8-11.—Voltage shifter transfer curve. 


to the input signal. Transistors QI and Q2 
are used to present the proper impedance to the 
signal source. Transistors Q3 and Q4 present 
the proper impedance to the subcarrier oscil- 
lator. The output of the voltage shifter appears 
vcross R83. Figure 8-11 shows the transfer 
characteristics of a typical unit. Typically, the 


level shifter has » linearity of about plus or 
4 percent and a temperature stability 
of about plus or minus 1 percent over the range 


of temperature, —20° to +50°C. 


minus 


A limiting 


network was added to the output of the level 
shifter to limit the maximum ouptut to 10 volts. 
This was done to make it impossible to over- 
drive the subcarrier oscillator. 


Performance 


Information on the performance of the four 
GSFC solar-oriented experiments is not included 
in this chapter, but may be obtained by referring 
to the bibliography included in this publication. 

The effects of the space environment upon 
the Ball Brothers photoelectric Error Sensor 
experiment were: 


Degra- 
dation 
(percent 
per 
Detector Type month) 
Opercdlle 2 Ja ses oee oe ee 3. 6 
Fine pointing____.---------------------- 1.8 
Fine pointing._._.---------------------- 1.2 
Coarse pointing_____-------------------- 0 


The degradation figures were derived over 
the first 1,000 orbits and were, for this period 
of time, linear functions of time. Jt was 
assumed that the data could be extrapolated 
to six months with some confidence if the 
electron flux problem were ignored. 

The open-cell detector exposed the silicon 
cell directly to solar irradiation. The degrada- 
tion was due to direct ultraviolet irradiation 
damage. 

The fine pointing detectors with lenses and 
narrow transmission band filters were the type 
used for the servo positioning control error 
detectors. The two detectors were not spec- 
trally matched. This is the reason for the 
slightly different degradation rates. The servo 
gain decrease in six months (nine percent aver- 
age) due to eye output reduction caused a 
positioning error of the same percentage applied 
to the initial error; that is, with a 1.0 arc-minute 
initial control accuracy, the error after six 
months was increased by 0.1 minute of arc. 
The variation in positional accuracy caused by 
the different degradation rates was negligible. 

The coarse pointing detector was identical 
to the coarse detectors used for the positioning 
control system. No degradation was measured. 
The detector output varied, in agreement with 
the theoretical, as the variation in the solar 


constant. This information indicated that the 
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Figure 8-12.—Error detector stability experiment-——detector output variations. 
degradation measured for the fine pointing The azimuth position readout pair of detectors 


detectors was due entirely to effects on the lens _— performed well. After the upper commutator 
glass (probably ultraviolet radiation-induced failure about orbit 1900, this detector pair 


color center formation causing some attenua- became the only readout available to allow 
tion) and that the degradation of the cells them- determination of azimuth pointing accuracy. 
selves was negligible when protected by the A relative shift in azimuth pointing direction 
filter glass. between the pointed experiments (about one 


Data concerning the effects of high-energy arc-minute) occurred during launch. After 
electron flux on the detectors would be of 3500 orbits, the experimental pair was reading 
considerable interest, but unfortunately, the azimuth positioning error changes from the 
detector outputs were reduced to the lowest initial position of less than one minute of are. 
level readable by about orbit 2000. This was Two curves of interest are presented con- 
about the time the 9 July 1962 high-altitude | cerning the experiment. The curves of Figure 
nuclear device was exploded. Since the coarse 8-12 show the combined effects of degradation 
detector eye did not continue to give on-scale —_and solar constant variation over the first 1000 
readings after that time, as was anticipated orbits. The solar constant change was a 
since the solar constant was on the increasing decrease of 3.2 percent over this period. The 
half-cycle, it was assumed that some radiation — coarse detector, as noted previously, followed 
change occurred. This change needed to be this change very closely. 
only about two percent to produce the effects The curve of Figure 8-13 shows the coarse 
measured, thus no real limits could be estimated. detector output variation over one orbit. The 
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Figure 8-13.—Error detector stability experiment— 
coarse detector output. 


peaks after dawn and before dusk were of 
variable amplitude and varied somewhat in 
shape and in time as the spacecraft-earth-sun 
orientation changed. The peaks are due to 
earth-light inputs to the coarse detector. The 
curve plotted is typical. 


WHEEL EXPERIMENTS 


There were nine wedge-shaped compartments 
in the wheel section of the spacecraft. Of these 
nine compartments, five were available for 
scientific instruments. The space allocated to 
the wheel experiments, except the Ames Re- 
search Center experiment, is shown in Figure 
8-14. The OSO I carried six different experi- 
ments in the wheel section. The location of 
these experimental packages and a brief de- 
scription of each are shown in Figure 8-15. The 
total weight of the wheel experiments in OSO 
I was 113 pounds. 


Goddard Wheel Experiments 


The Goddard Space Flight Center wheel 
experiment package for the OSO I is shown in 
Figure 8-16 and comprised the following 
experiments: 


Solar Radiation Experiment 


This experiment utilized a special photo- 
diode with a filter which restricted its spectra] 
response to the region between 3800 and 
4800 A at the half-intensity point, very similar 
to a band widely used in stellar photometry. 
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Figure 8-14.—Compartment space allocated to wheel 
experiments. 


This wavelength region, encompassing the 
frequencies of maximum intensity of flux 
radiated from the sun, is important in deter- 
mining the total energy balance of the sun. 
With this instrument, variations of the solar 
flux as small as 0.1 percent were detected. 
This allowed very rapid variations to be 
studied, as well as the anticipated variations 
within the solar cycle. 


Solar Ultraviolet Experiment 


Monitoring of the solar flux from 1100 to 
1250 A was accomplished with a LiF—CS, ion 
chamber suitably stopped down to retard 
deterioration. Considered of primary impor- 
tance, this wavelength region included the 
Lyman-alpha chromospheric emission line which 
is strongly associated with solar activity. 
Intensity variations were measured to allow 
correlation to be made with active features 
on the solar surface. 


Solar Gamma-Ray Experiment 


This gamma-ray experiment was designed to 
detect gamma rays from the sun and analyze 
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Figure 8—-15.— Wheel experiments. | 
their energy spectra from 0.2 to 1.5 Mev. 0.5 Mev electron-positron annihilation line and 
The experiment utilized for detection two to study any possible temporal variations. 
Nal (T1) scintillators, backed by photomulti- The detectors looking outward from the wheel 


pliers. One detector was shielded to achieve a spent a good fraction of the time scanning 
penumbral acceptance angle of 20 degrees. 
The second detector, which was unshielded, 
was used in anticipation of background events 
induced by the presence of spacecraft mass 
and, in particular, by the shielding of the other 
detector. The unshielded detector had nearly 
isotropic response. 

Pulse signals from the photomultipliers were 
fed into a 16-channel differential pulse-height 
analyzer which was time-shared by these 
two detectors and by one in the composite 
pointed experiment. From the analyzer, the 
signals were coded and fed to the spacecraft 
telemetry system. Of a particular interest FigURE 8-16.—Goddard Space Flight Center wheel 
in this experiment was the ability to detect the experiment package. 
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celestial space and thus may be able to detect 
other moderately strong sources of low-energy 
gamma rays. 


Earth Horizon Sensor 


The Goddard wheel instrument contained an 
earth horizon sensor for use in obtaining data 
on the orientation of the spacecraft roll axis. 
The earth sensor was pointed in the same 
azimuth direction as the gamma-ray detectors, 
but its axis was positioned 15 degrees downward 
(away from the upper section) to prevent direct 
exposure to the sun. The field of view of the 
earth sensor was a cone with a four-degree 
included angle. When any portion of this field 
intercepted the sunlit portion of the earth, an 
output signal was generated. The earth sensor 
was not responsive to radiations from the dark 
portion of the earth, but intervening clouds on 
the sunlit side did not cause a change in the 
output signal amplitude. 

These data sources were time-multiplexed into 
the 790 cps subcarrier oscillator telemetry 
channel during playback. 

Synchronization pulses were inserted into 
the data format at frequent intervals to facili- 
tate decommutation on the ground. The data 
was commutated in frame intervals consisting 
of 67 intervals per frame. Table 8-2 shows the 
interval assignment. Each interval was timed 
with a sun sensor output signal by the rotation 
period of the wheel portion of the spacecraft. 
For nominal spacecraft spin rates, the intervals 
were two seconds. The output format is shown 
in Figure 8-17. 


DAY NIGHT 


Figure 8-17.—Goddard wheel experiment data output 
format. 


Performance 


The earth sensor received signals from seat- 
tered light reflected from the cover during each 
rotation past the sun. This scattered light 


produced an extra pulse in the output signal 
but did not interfere with the normal function 
The solar radiation diode 


of the earth sensor. 


Table 8-2 


Goddard Space Flight Center 
Wheel Experiment Frame Intervals 


Interval No. Assignment 
Ie cheese Analog 1 (earth-horizon aspect) 
a rae Analog 2 (ion chamber) 
5 eee Analog 3 (blue diode) 
ee eee Proportional Counter (PC) 
A MC Collimated Photomultiplier (CPM) 
GecreeSee Non-collimated Photo multiplier 
(NCPM) 
Mitac Syne No. 1 
Bre Sete PC 
Oh ween CPM 
10: 22228 NCPM 
5 ee eee pee Sync No. 2 
1232 fe PC 
iB eaneeee CPM 
T4500 sc8 NCPM 
cane sees 1 
A prec S J 
ee 1 
Satoh 1 
Cf ee Syne No. 15 
64__.-__- PC 
ct ae CPM 
66_____.- NCPM 
Gia Sof es Syne No. 16 
was initially saturated. The Lyman-alpha 


sensor was near midscale initially and later 
began to show a very slow degradation with 
time indicating that the lithium window was 
darkening from integrated radiation effects. 
The gamma-ray experiments functioned prop- 
erly, but it will be some time before statistically 
plotted data becomes available due to the low 
flux levels obtained. 


University of Minnesota Gamma-Ray Experiment 


This experiment was designed to provide 
preliminary measurements of the intensity and 
directional properties of low-energy gamma rays 
inspace. These photons have energies of about 
1 Mev and are similar to light rays or x-rays 
in that they travel with the same speed and are 
not deflected by electric and magnetic fields. 
Thus, unlike true cosmic rays, but like starlight, 
the gamma rays arrive from the same direction 
in space from which they originated. They 
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‘cannot, however, penetrate the earth’s atmos- 
phere. 

The gamma rays observed had their origin 
in the interaction of atomic nuclei in or near 
stars. Since the sun itself is a giant atomic 
furnace sustained by the energy of nuclear 
reactions, gamma rays leaking from the solar 
surface should have been detected. From the 
intensity of these rays, more could be learned 
about the thermonuclear process responsible for 
the characteristics of the radiative output of the 
sun. 

At times, when large sunspots appear on the 
solar surface, an explosive eruption known as a 
flare occurs. These flares produce disturbances 
which disrupt radio communications on the 
earth, cause the northern lights or aurora 
borealis, greatly disturb the earth’s magnetic 
field, and probably cause changes in the 
weather. Bursts of gamma rays from flares 
have been observed from balloons on rare occa- 
sions. The instruments on the spacecraft con- 
tinuously looked for solar gamma-ray bursts 
in order to better understand the solar flare 
phenomena. 

The Milky Way, which is our edge-on view 
of the galaxy containing our sun, may be an 
interesting source of gamma-ray activity. An 
explanation correlating an expanding universe, 
as observed by astonomers, and a steady-state 
universe is the continuous creation of matter 
theory proposed by the British Physicist, Fred 
Hoyle. The theory implies an annihilation of 
matter, and this process produces gamma rays. 
The intensity of gamma rays from the Milky 
Way may then tell us something about the 
creation of matter in our galaxy. Among 
other objects in the sky which may emit gamma 
rays is the Crab Nebula in the constellation 
Taurus. This is the remnant of a supernova 
or sudden explosion of a star seen by the 
Chinese in the year 1054. From the number 
and kind of gamma rays, some information 
about the cause of the explosion may be 
obtained. In the constellation Cassiopia there 
is an object, or an area, discovered by radio 
astronomers, known as the most powerful radio 
transmitter in the universe. One explanation 
of the amount of radio waves given off is that 
two galaxies, one composed of ordinary matter 


Figure 8-18.—University of Minnesota gamma ray 
experiment. 


and one of antimatter, are in collision. If this 
were indeed true, a large number of gamma rays 
would be emitted in the process of the annihila- 
tion of matter. 

These measurements are all complicated by 
the high background due to cosmic rays and the 
low flux density to be measured. The flux 
anticipated was less than one gamma ray cross- 
ing a one centimeter square area each second. 
A special detector arrangement, known as a 
Compton coincidence telescope, and some spe- 
cial circuits were developed at the University 
of Minnesota to perform the measurement. 
The telescope was mounted in the wheel of the 
spacecraft and scanned the sky as the wheel 
rotated, continuously recording and_ storing 
information about gamma rays. The instru- 
ment weighed 30 pounds and had a volume of 
less than one-half cubic foot. The instrument 
is shown in Figure 8-18. The experiment used 
nearly 400 transistors and operated contin- 
uously on a power of one-half watt. Data 
from the detectors were entered into a tem- 
porary binary storage device and read out, 
together with identification and _ spacecraft 
orientation information, to a spacecraft telem- 
etry channel at a one bit-per-second rate. 
The output format for this experiment is shown 
in Figure 8-19. A day-night transition is 
illustrated in the format. 

The University of Minnesota gamma-ray 
experiment monitored the intensity and direc- 
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DAY =a NIGHT 


Figure 8-19.—University of Minnesota experiment 
output format. 
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Figure 8-20.—University of Minnesota gamma ray 
experiment block diagram. 


tion properties of gamma rays between 50 kev 
and 3 Mev energy and observed time variations 
of the solar flux in this region. Advantage was 
taken of the fact that the wheel spin axis was 
maintained normal, within a few degrees, to a 
plane containing the solar vector. The tele- 
scope, pointing radially outward from the 
wheel, then swept by the sun, across the sky, 
and probably across the earth with every two- 
second rotation period of the wheel. 

The 50 to 150 kev telescope, shown in the 
block diagram of Figure 8-20, consisted of a 
Nal (T1) crystal scintillation counter in a lead 
pipe shield which looked outward through the 
wall of the spacecraft. A directional detector, 
operating in the 0.3 to 1.0 Mev energy regions, 
was obtained by using two scintillation counters 
connected as a Compton coincidence telescope. 
Photons, after being scattered in the first crys- 
tal, were absorbed in the second scintillation 
detector. The directional properties were ob- 
tained by selecting only photons scattered 
forward in the first crystal. The absorbing 
Nal (T1) crystal was surrounded by a plastic 
phosphor fence which rejected events having 
proper energy but caused by edge effects of 
particles in the crystal. Photon counters in 
the 0.3 to 1.0 and 1.0 to 3.0 Mev energy region 
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with isotropic sensitivity and high counting. 
rate were obtained from the absorption detector. 
A cosmic-ray single counter was formed by 
counting all events in the absorption detector, 
and a cosmic-ray telescope was formed from 
coincidences between the absorbing and scat- 
tering detectors. 

During the day, the direction of the telescopes 
with respect to the sun was obtained from 16 
sun detectors placed every 22.5 degrees around 
the spacecraft wheel rim. A gate of 22.5 
degrees duration (125 milliseconds at 30 rpm) 
was generated every time the telescopes were 
pointed at the sun and during one other pre- 
programmed 22.5-degree sector interval. These 
gates allowed counts registered in the telescope 
to pass into the storing and accumulating binary 
sealers. The sector gate was programmed so 
that after every night-day sequence, the sector 
was advanced one 22.5-degree interval. Hence, 
after every 16 orbital passes of the satellite, the 
telescopes would have been gated at each 22.5- 
degree interval around the wheel for one orbit. 
The sun interval was always gated ON during 
every orbital pass and every daytime wheel 
revolution. 

The six 9-binary storage registers accepted 
events from the detectors in the following 
manner: 

1. From the 50 to 150 kev lead pipe telescope 
during the sun gate interval. 

2. From the 50 to 150 kev lead pipe telescope 
during the sector gate interval. 

3. Scaled-down counts from the 0.3 to 1.0 
Mey isotropic counter continuously. 

4. From the 0.3 to 1.0 Mev Compton tele- 
scope during the sector gate interval. 

5. Scaled-down counts from the 1.0 to 3.0 
Mev isotropic counter continuously. 

6. From the 1.0 to 3.0 Mev Compton tele- 
scope during the sector gate interval. 

Events from the detectors were continuously 
accumulated in the storage register during the 
daytime portion of the orbit. The storage 
registers were read nondestructively in sequence 
into a shifting register which advanced at a 
two-bit-per-wheel-rotation rate (1 bit-per-sec 
at 30 rpm). Six words of 13 nonreturn-to-zero 
bits were supplied to the telemetry subcarrier 
oscillator. The first four, or “1D,” bits of each 


word were of five-volt amplitude and identified 
the beginning of the six-word sequence, the 
word number, the position of the sector gate, 
and the position of the earth horizon. The last 
nine bits of each word were of three-volt ampli- 
tude and corresponded to the reading of the 
storage register at the time of the start. Num- 
bers read from the storage register continually 
changed due to the continued accumulation of 
counts from the detectors. 

During the night, the readout of tie storage 
and operation of the shifting register were in- 
hibited, and the cosmic-ray single counter and 
telescope data were recorded. The outputs of 
detectors were suitably scaled and the resultant 
square waves were added together and fed into 
the telemetry subcarrier oscillator. 


Performance 


Inspection of the early telemetered passes at 
Cape Kennedy indicated that the instrument 
was performing properly. Later passes re- 
vealed that occasionally incorrect digital words 
were received. This effect, apparently due to 
an electrical transient resetting the shift- 
register logic, was particularly troublesome on 
passes 50 to 150 and had vanished by pass 400. 
No actual loss of nformation resulted, but auto- 
matic data reduction became more difficult. 
No detrimental effect was observed due to the 
lower than anticipated operating temperature of 
the satellite, and no evidence of a gain change in 
the scintillation counters was noted. The 
signal-to-noise ratio on most passes was quite 
adequate for automatic data reduction. 

The background gamma-ray rates in orbit 
were about a factor of three higher than those 
predicted by a reasonable extrapolation of bal- 
loon results at Minneapolis. Most of these 
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gamma rays presumably were produced by 
cosmic rays. That most of the counting rate 
was not caused by local radioactivity in the 
satellite itself was inferred from a preflight 
calibration. The calibration, performed a few 
days before the launch with the entire payload 
and vehicle configuration in the gantry, gave 
lower background rates than in any previous 
situation. These were about a factor of ten 
below those observed in orbit. 

Of the first 1000 passes, about 50 passes had 
been completely reduced and another 50 were in 
process at the time of this writing. Since the 
Compton telescopes had the possibility of indi- 
cating the presence of an extraterrestrial 
gamma-ray flux in the most unambiguous 
manner, the data from 48 passes, numbered 
generally in the 400’s, are presented in Table 
8-3. 

Events occurring when the spacecraft was in 
the trapped radiation areas, as well as noisy 
records, were eliminated. Events were accu- 
mulated when the earth detector was illumi- 
nated, when it was off, and when the telescopes 
looked at the sun. Since the acceptance angle 
of the earth telescope was about the same as 
the Compton telescope at 1.0 Mev, this formed 
a simple means for distinguishing earth albedo 
gamma rays from those that were incoming. 
The rates of the isotropic counters, averaged 
over the same time intervals as the telescopes, 
aregiven. The near identity of these rates indi- 
cated the absence of any large systematic effect 
due to a nonrandom variation of the isotropic 
flux during the intervals in which counts were 
tallied: for example, from radiation belt back- 
ground. The results would indicate an extra- 
terrestrial flux greater than the earth’s albedo. 
In order to actually determine the flux and to 


Table 8-3 
Instrument Rates—48 Passes 
0.3-1.0 Mev 1.0-3.0 Mev 
{ Comp. Tei. Isotropic Comp. Tel. Isotropic 
Barth} cause too 1.99+0.3x10 21. 0 e/sec_----- 1.404+0.24X10? | 8.7 e/sec 
No earth_.__.___._____ 3.10+0.3107 20. 3 c/sec.---_- 2.36+0.26X10-? | 9. 6 c/sec | 
Sune o Sa25n oe eee 2.0540. 25 10-? 18. 6 c/sec.-_--- 3. 03 +0. 03 X 107? 8. 4 c/sec | 


233 


ORBITING SOLAR OBSERVATORY : 


a: T T T T T T if T 


ECTOR 10, 12 
RATES VS, TIME pass 1s { SeerOr Oe 
oso-! 


r PASS 15 © 20-180 KEV. SUN 
P + 50-10 Kev. SECTOR 
pay 


po pp tiit 


1 


> 03-10 MEV. 180 

+H 10-30 MEV. (80 

© COUNTS 03-10 MEV. SEC, TEL 
\ & COUNTS LO-3.0 MEV. SEC. TEL. 


Der ve 
NIGHT 
@ CR. SINGLES 


ft Loti 


EOete 


7 
‘aoe 


Figure 8-21.—University of Minnesota experiment 


data for a typical pass. 


gain confidence in these results, an account 
was taken of possible background in the 
Compton telescopes, their angular response, 
and the incident photon spectrum. At the 
time of this writing the data were insufficient 
to determine with any certainty the anistropies 
in the counting rate of the Compton telescope 
looking away from the earth. 

The counting rates as a function of time for an 
early pass are shown in Figure 8-21. Day and 
night portions of the pass are clearly indicated 
as well as the longitude of certain significant 
orbital points. The recording of Pass 15 started 
after the readout of the previous pass by the 
Fort Myers station. The spacecraft crossed 
the equator over the Atlantic, reached its 
southernmost point over the southern tip of 
Africa, again crossed the equator going north 
over the mid-Pacific, and reached its nothern- 
most point over the United States just before 
readout by the Fort Myers station. 

The rates of the isotropic counter in the 0.3 
to 1.0 and 1.0 to 3.0 Mev regions are indicated 
in the two uppermost curves of the figure. 
The second daytime portion of the pass clearly 
indicates the variation with latitude of the 
background counting rate due to cosmic rays. 
Since the omnidirectional cross-section of the 
counter is 33 cm?, the rates correspond to a 
flux of about 0.45 and 0.24 counts per cm? sec 
in the 0.3 to 1.0 Mev and 1.0 to 3.0 Mev regions, 


respectively, at the equator. A variation of 
about 2 to 1 in the rates from the equator to 
geomagnetic 40° is observed. 

The first daytime portion, in addition to the 
general latitude variation, shows effects due to 
the trapped radiation which were observed on 
most passes over the South Atlantic and Africa. 
These presumably were due to the displacement 
of the earth’s magnetic dipole or to the Cape- 
town anomoly that caused a detectable fraction 
of the trapped flux to have turning points less 
than 60 km above the earth’s surface. Indeed, 
on many passes, the rates were so high in these 
areas that the accumulating registers overfilled 
between readouts and gave ambiguous results. 

The rates of the lead-pipe telescope in the 50 
to 150 kev energy region are also shown. The 
sun gate counted during the 22.5° portion of the 
satellite wheel rotation, and the sector gate was 


. opened during sectors 10 and 12 during the 


first and second daytime portions of the pass, 
respectively. This corresponds to looking 225° 
and 270° with respect to the solar radius vector. 
Although the statistical accuracy of the rates 
was not very high, no significant difference was 
noted between looking at the sun and looking 
at wide angles to it. 

The counts from the Compton telescope are 
indicated in an event-by-event manner. Ap- 
parently, the earth did not fall into view of the 
earth detector since the indicator read zero 
during the entire daytime portions of the pass. 

The rates obtained during the night portion 
of the pass are also shown in the figure. The 
upper curve shows all events greater than 1.0 
Mev in the isotropic counter, and the lower 
curve gives the total coincidence rate of the 
detectors forming the Compton telescope. 
Most events in the isotropic counter can be 
accounted for in terms of the charged cosmic- 
ray flux. The counter rate shows about a 4 to 1 
variation witn geomagnetic latitude to \A—40°. 
This should be compared with the ratio of 
gamma rays of about 2 to 1. 


Conclusions 


The following information will be forthcoming 
from the University of Minnesota experiment on 
the OSO I satellite: 


1. A measurement of extraterrestrial gamma- 
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ray flux between 0.3 and 3.0 Mev, and an 
indication of its origin on the celestial sphere. 

2. Upper limits on the solar flux in the 50 to 
150 kev energy region during quiet time and 
certain disturbed times, and possibly the 
detection of solar x-ray bursts during flares. 

3. Accurate determination of the cosmic-ray 
latitude effect and the cosmic-ray equator at 
600 km. 

4. The production of earth albedo gamma 
rays by cosmic rays, and hence an evaluation 
of the production function with primary energy. 

5. A mapping of the effect of the displace- 
ment of the earth’s dipole and the magnetic 
anomalies on the trapped radiation over a 
limited altitude, latitude, and intensity range. 

6. Information relative to the background 
problem in gamma-ray astronomy. 


University of Rochester High-Energy Gamma Ray 
Experiment 


The primary purpose of the OSO I space- 
craft system was to study the short wavelength 
portion of the electromagnetic spectrum emitted 
by the sun. This will result in a better under- 
standing of the sun and its influence on the 


earth. Also, since the sun is a star, its study 
will greatly increase our knowledge about 
other stars. 


The University of Rochester wheel experi- 
ment shown in Figure 8-22 detected and 
measured the intensity of the shortest wave- 
length portion of the spectrum—gamma rays 
with energy greater than 100 Mev. The sun 


was the primary source investigated. How- 
ever, facilities were incorporated into the 
experiment to search most of the sky. The 


sensitive area of the detector was 16 cm’, its 
angular resolution was about 20 degrees, and 
it responded only to the fluxes entering the 
sensitive cone in the inward radial direction of 
the spacecraft wheel section. 

The importance of the energetic gamma 
rays can be realized if the nature of their 
origin is considered. Radiation in this energy 
region would result from the decay of 7 meson, 
an elementary particle with a mass 270 times 
that of an electron, which decays into two 
gamma rays. The mean lifetime of the particle 


to 
mn 


Figure 8-22.— University of Rochester wheel experi- 
ment. 


is 2X107'® seconds. These mesons can be 
produced either by high-energy proton-proton 
collisions or by the annihilation collision 
reaction of protons and antiprotons, i.e., 
negative-charged particles with the mass of the 
proton. 

Sources which emit energetic gamma rays 
are usually anomalous stellar objects or oc- 
currences, and the relatively simple nature of 
the production of energetic gamma rays leads 


to direct information about the source. Loca- 
tion of objects which contain high-energy 
protons, for example, could increase our 


knowledge of the origin of cosmic rays. 

The most probable sources of gamma rays 
are those regions known to be strong sources of 
short-wave radio waves. 
is characteristic of synchrotron radiation from 
high-energy electrons. The mechanism which 
accelerated these electrons could also possibly 
accelerate protons to the high energies (several 


Such radio emission 


hundred Mev) necessary for gamma-ray pro- 
duction. Solar flares on the active sun, our 


galaxy, the supernova Crab nebula, anomalous 
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extragalactic sources, such as the galaxy M87 
and the colliding galaxy system, and Cygnus a 
are all possible gamma-ray sources. Cygnus a 
may possibly be a system involving matter- 
antimatter collisions. 

Enthusiastic desire to understand and ex- 
plore these sources was almost lost when 
estimates of the fluxes arriving at the earth 
were considered. Information from the radio 
spectrum flux of the Crab nebula led to an 
expected flux of about 10-5 gamma rays per 
square centimeter per second. Proton-anti- 
proton annihilation resulting in production 
of 7° mesons gave an estimated flux of gamma 
rays from Cygnus a of 10-’ per square centi- 
meter per second. These fluxes can be com- 
pared to the limiting sensitivity of the 200- 
inch Palomar telescope to visible light, which 
is 6X10-? quanta per square centimeter per 
second. 

The study of this last frontier of the electro- 
magnetic spectrum is important because of the 
unique and exciting knowledge it will provide 
about the structure of our sun and its effect 
on the earth. Knowledge of our galaxy, other 
galaxies in the universe, and insight into the 
origin of cosmic rays may be gathered. Some 
day a gamma-ray map of the sky may be 
plotted from data such as that derived from 
this experiment. 

The principle of operation of the experiment 
is essentially as follows. The gamma ray is 
converted into an electron-positron pair in a 
lead sheet. The pair generates Cerenkov light 
in a plastic cylinder and is detected by a photo- 
multiplier optically coupled to the plastic. 
As protection -against primary relativistic 
charged particles, an anticoincidence scintillator 
is placed between the lead sheet and the 
Cerenkov cylinder. The rays so detected are 
counted for various sections of sky as the space- 
craft wheel sweeps the circle. 

The output data is presented to the tele- 
metering system in a pulse duration-modulation 
form (PDM). The output pulse sequence 
contains the following kinds of data: 

Solar gamma-ray counts——-Channel 1 


Nonsolar gamma-ray counts—Channels 2 
through 16 
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Unique identification pulse—Channel 17% 
or calibration 
Saturation count—Channel 18 
Zero count—Channel 19 
Five-pulse count—Channel 20 
The output format for this experiment is 
shown in Figure 8-23. 


Bos ae als 


Figure 8-23.—University of Rochester gamma ray 
experiment output format. 


Performance 


From the data gathered, the detector system 
and logic functioned perfectly. Once every 
rotation of the spacecraft wheel, the detector 
was pointed toward the sun. In addition, 16 
other sectors of the sky and earth were in- 
vestigated for gamma-ray production. The 
system of photo diode sensors on the wheel 
perimeter used to identify the arrival direction 
of the gamma-ray flux also worked perfectly. 

The data format was relatively simple so 
that reduction could proceed rapidly. The 
detector viewed the sun during several flares, 
and upper limits on the gamma-ray flux pro- 
duced will be quoted. The galactic plane was 
located almost normal to the plane of the wheel, 
permitting the detector to view two sectors of 
the galaxy. The radio source Cygnus a was 
also in the acceptance cone of the detector. 


University of California Experiments 


Neufron Flux Experiment 


The neutron experiment on the Orbiting 
Solar Observatory was the first substantial 
neutron experiment in space. Flying in a rela- 
tively low orbit, as OSO did, those neutrons 
counted were predominantly from the earth. 
These neutrons are thought to leak out of the 
atmosphere of the earth. They are thought 
to be produced in the atmosphere by cosmic 
rays striking oxygen and nitrogen nuclei. Cal- 
culations have been made as to how many of 
these leakage neutrons should be detected and 
what their energy spectrum should be. 
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» The previous experiments by the University 
of California on two Atlas rockets have given 
reasonable measurements of the neutron fluxes 
in space for short periods of time. The values 
in space for two short periods of time. The 
values obtained were different, but one flight 
was during a solar storm, so this difference was 
not surprising. The OSO spacecraft flight 
provided measurements of the neutron flux in 
space for an extended period of time. Th 

experiment had to be able to measure the time 
variations of the flux, and hopefully, be able to 
study the neutron enhancement effects during a 
solar storm. It was intended to try to de- 
termine the latitude dependence of this en- 
enhancement. 

Besides measuring the quiet day neutron 
flux and time variations of flux, the experiment 
looked for flux variations at sunset to see if an 
effect could be observed related to solar neutrons 
or x-rays. 

Understanding the neutron flux was im- 
portant in itself, but it was also important 
because the decay of these neutrons forms one 
of the important sources of the Van Allen 
radiation belt. Understanding the neutrons 
quantitatively will help understand the radia- 
tion belts quantitatively. 

The experiment is shown in Figure 8-24. 
The unit weighed approximately 26 pounds. 
‘The power requirements of this experiment 


Figure 8-24.—University of California neutron flux 
experiment. 


were 20 milliamps at 18 volts, or about 360 
milliwatts. 


Proton-Electron Flux Experiment 


The objective of this experiment was to 
determine the time and position variations of 
the fluxes of protons of 2.0 Mev energy and 
electrons of 60 kev energy in the region below 
the Van Allen belts. In particular, the experi- 
ment distinguished between electron ionization 
events and proton (and other heavy particles) 
ionization events. This experiment was chosen 
by GSFC because it was expected that the 
largest fraction of high-energy radiation in the 
plasma sphere and in outer space would be of 
these types. The proton-electron (P-E) de- 
tector, shown in Figure 8-25, was the first space 
application of a phenomenon that had been 
well known in nuclear physics for several years. 
It was based on the fact that in certain scintil- 
lators, protons and electrons produce fluorescent 
pulses of distinctly different decay times. 
This made it possible through use of time- 
comparing and discriminating circuits to em- 
ploy a single scintillator on a single photo- 


Figurk& 8-25.—University of California proton-electron 
detector. 
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multiplier to detect and separately count both 
protons and electrons. 

The basic detector consisted of a 15 cm- 
diameter by 1.0 cm-high stilbene crystal on an 
RCA C7151 ruggedized photomultiplier tube. 
Side and front shielding provided collimation of 
the crystal and excluded protons of E,=100 
Mev. A quartz light pipe provided similar 
shielding from the rear. The electronic com- 
ponents were mounted on foam-covered circuit 
boards which compactly surrounded the photo- 
multiplier housing. The unit weighed about 9 
pounds. Power requirements were 14.5 ma at 
18 volts, or about 265 mw. 

To measure the neutron flux, two BF, pro- 
portional counters, one BF; and one B'F; 
were used. The neutrons were counted by 
the reaction, B!°+N—-Li+a. The B"F; count- 
er was used to measure the background counting 
rate. The background due to (p,n) events in 
the vehicle and detector was estimated to be 
low, but it also was measured by exposing the 
detector to a high-energy proton beam. The 
BF, counters were covered with about 1% 
inches of epon moderator to make the neutron 
count rate larger. This detector had a nearly 
constant efficiency from one kev to several Mev. 

Two GM counters to study charged particles 
were also used. This was not a primary 
measurement. It was intended to use the 
GM counter count rates to determine whether 
increases in the neutron count rate were in time 
coincidence with large charged particle count 
rates. This determined whether protons pro- 
ducing neutrons in the detector were responsible 
for the neutron count rate, or if neutrons were 
themselves incident on the detector. One 
GM _ counter had a sweeping magnet so that it 
would count mostly protons. The second GM 
counter had no magnet so it would count pro- 
tons and electrons. 

The output signal from the two experiment 
signals was combined into one and was the 
input to the 572-cps telemetry subcarrier oscil- 
lator, which during playback became Channel 


ogee serra aT af Pe 


Figure $-26.—University of California experiment 
output format. 


an eo 
wa wv by eh: 
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12 (the 10.5 ke channel). A sample format of 
the putput signal is shown in Figure 8-26. 
The output signal is made up of the following 
items: 

G(W)—Geiger tube with magnet (electrons) 

G’’—G"'F;, neutron detector 

G(o)—Geiger tube without magnet 

B’_B”F, neutron detector 

P+E—Proton plus electron scintillator 

detector 

PJ—Proton identifier 

(P+ E)/64 

BU— BYR, neutron detector 


The output signal commutator required 51.2 
seconds to complete a frame. Every sixteenth 
frame was an automatic calibration. 


Performance 


The neutron experiment worked well except 
for improper count presentation from the GM 
counters. These counters were to tell if some 
counts in the BF, counters were caused by 
neutrons produced in the spacecraft by a large 
charged-particle flux, rather than by incident 
neutrons. This function was also performed 
by the proton-electron package, making the 
GM counters less necessary. The calibration 
system in the neutron package indicated that 
the threshold sensitivity of all channels follow- 
ing the detectors had changed by less than 20 
percent (which was insignificant with good 
plateaus). 

The proton-electron experiment operated 
successfully. The calibration system on board 
indicated that the threshold sensitivity of the 
proton-plus-electron channel following the photo- 
multiplier had changed by less than 4 percent. 
The generally high electron and proton flux 
region over the South Atlantic was mapped for 
several orbits, but a comprehensive data 
accumulation has yet to be achieved. Some 
indication of time dependence of the proton 
fluxes observed over North America was also 
found. 


Ames Research Center Emissivity Stability 


Experiment 


During their lifetime in space, earth satellites 
und space vehicles must rely entirely upon 
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thermal radiation to gain or lose heat to their 
surroundings. Therefore, an important con- 
sideration in the design of space vehicles is the 
type of surface used for temperature control. 
For example, although most polished metal 
surfaces reflect a large part of the sun’s rays, 
they give up the heat they do absorb at a very 
low rate, and consequently reach high tempera- 
ture equilibrium in the sun. White paints and 
enamels, on the other hand, while reflecting 
most of the incident sunlight, emit heat at a 
high rate, causing them to reach low-tempera- 
ture equilibrium. Stability of the thermal 
characteristics of temperature control surfaces 
is very important in the design of spacecraft. 
The space environment can cause changes in 
the radiation properties of surfaces, leading to 
inadequate temperature control. The magni- 
tude and rate of such changes is at present not 
known for most materials. 


Research Center 


8-27.— Ames 
stability experiment. 


FIGURE emissivit v 


A project in progress at the time of this 
writing at Ames Research Center involved 
measuring changes in the radiation character- 
istics of a number of surfaces intended for use 
in thermal control systems during spaceflight. 
The experimental package shown in Figure 8-27 
was developed to perform these tests on the 
spacecraft. The experiment consisted of meas- 
uring the temperature of several test surfaces 
during exposure to conditions in space. From 


changes in the temperature of the surfaces with 
time, it was possible to determine the amount 
and rate of change in the thermal radiation 
characteristics of the surfaces. 

Four basic types of surfaces were studied: 


1. A flat absorber which absorbed radiation 
at a uniform rate throughout the wavelength 
spectrum. 

2. A flat reflector which reflected radiation at 
a uniform rate throughout the spectrum. 

3. Asolar absorber which absorbed radiation 
in the solar wavelength region and was useable 
to reject heat at its own temperature in the 
infrared region. 

4. A solar reflector which reflected solar 
radiation and rejected heat in the infrared 
region. 

Six test surfaces were placed in thermally 
isolated mountings and the equilibrium tem- 
perature of each surface was measured in space. 
Surface temperature provided a measure of the 
ratio of heat absorbed to heat emitted from the 
surface. The surface was selected to provide 
information on the emissivity stability of 
various coatings applicable to spacecraft tem- 
perature control. The surfaces were of three 
types: 

1. Surfaces which were being used or ap- 
peared to be useful for temperature control. 

2. Surfaces which were expected to change 


only under certain conditions of space 
environment. 
3. A surface serving as a reference. Com- 


parison of the temperatures of the test surfaces 
with that of the reference surface provided a 
basis for evaluating changes in the thermal 
characteristics of the test surfaces. 

The temperature of the surfaces was detected 
by thermistors. The varying resistance of the 
thermistors changed the frequency of an 
oscillator. This, in turn, modulated the fre- 
quency of transmitter No. 1 together with the 
recorded output of either tape recorder 1 or 2 
during playback. This was the only experi- 
ment signal normally transmitted in real time. 
Figure 8-28 shows a typical output signal 
format. 

Test surfaces and their relative character- 
istics are as shown in Table 8-4. 
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CHANNEL 1 


CALIBRAT 
CHANNEL 2 } ING RESISTORS 


CHANNEL 3 Ti Og IN EPOXY 
CHANNEL 4 Ti Og IN SILICONE 
CHANNEL 5 PORCELAIN ENAMEL 
CHANNEL 6 RAZOR - BLADE REFERENCE 
CHANNEL 7 BASE PLATE 

CHANNEL 8 AL POWDER IN SILICONE 
CHANNEL 9 AL~ SI O- GE 

CHANNEL 10) AL~ SIO - GE- SIO 


Figure 8-28.—Ames Research Center emissivity 


experiment output format. 


Table 8-4 
Relative Characteristics of Test Surfaces 
Equilibrium 
Surface Emissivity pane eis das 
CF 
TiO, (in epoxy) _-_-------- 0. 30 — 22 
TiO, (in silicone)_________- 0. 36 —6 
White porcelain enamel.__.| 0. 41 8 
Aluminum powder and 
silicone__.___------ .---- 1.0 100 
Al-SiO-Ge___-.----------- 2.6 200 
Al-Sio-Ge-SiO ____-_------ 2.9 225 
Reference Surface___----_- 1.0 100 


. 


Performance 


‘ 


The analysis of measurements from the 
sensors of the emissivity experiment showed 
that some of the surfaces had undergone sub- 
stantial changes in their characteristics, even 
when exposed to the space environment for 
only a few days. As the exposure time was 
increased, the deterioration appeared to con- 
tinue. As expected, those surfaces showing the 
greatest change were the two white paints; 
titanium dioxide in epoxy, and titanium di- 
oxide in silicone. 


Results 


Asummary of preliminary data reduced from 
records received at Ames is given in Table 8-5. 
This table lists the sensor temperatures for 
various times during a number of early orbits. 
The times were measured approximately from 
the start of spacecraft tape recorder playback, 
and are given here primarily for identification. 
Comparisons can be made in this table for 
different orbits in which the razor-blade refer- 
ence surface has reached the same temperature. 
The portions of orbit being compared must both 
be in either daytime or nighttime passes. A 
comparison can be made between the tempera- 
ture at 63 seconds in orbit 29 and the value 


Taste 8~5.—Measured Temperature of Sensor on Ames Emissivity Experiment on OSO I 


Temperatures in degrees Fahrenheit 
Channel No. oa we _ ters aero ie 
3 4 5 6 7 8 9 10 
| sCLocation and date of acquisition a ie “ ae e 22 - 
Time of TiOg TiOg Razor Base Al-SiO- Al-SiO- 
Orbit | playback epoxy silicone | Porcelain blade plate | Al-Sil-l Ge Ge-SiO 
(seconds) reference 

1 39 | Fort Myers, day... ___.. —3 12 7 76 69 85 177 190 
60 OPEL O22 oe codecs dm ohn —2 13 9 V7 70 86 178 191 
124) |S oe eee tence vee a 0 16 11 81 72 88 180 194 
PS O) eet ees eat ot oes oe ] 16 14 83 72 89 184 196 
PA) | oe elas A ISN ON DIN fois Sil 2 16 14 86 73 90 186 199 
B00 ek toe at oon e es Fee Se 3 19 16 89 75 93 190 202 

10 227 | Canaveral, night... ___. —55 | oe —39 5 39 9 67 | ._.. 
11 0 | Canaveral, night... 55 38 40 4 36 8 68 62 
340 | Fort Myers... ---...--- 63 51 48 —4 33 —4 OO | sci 
55 3/8/62, day... 2-22. 54 39 43 1 32 9 67 62 
1621) 16 eee ee ae ee 52 35 36 6 35 10 70 66 
1a 2k een eee et rly eee re iene ES 46 28 32 8 36 14 77 73 
255 3/8/62, day___.______- 40 24 28 11 36 21 84 79 
NG Scctee Cln 4 Ste tol Aa oh he 2! 36 91 95 16 39 24 91 87 
2 Veh eRe PEER OC rw 2 eee fyi) 34 20 22 17 39 25 96 89 
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-TaBLE 8-5.—Measured Temperature of Sensor on Ames Emissivity Experiment on OSO I—Continued 


Temperatures in degrees Fahrenheit. 
Channel No. 
3 4 5 6 7 8 9 10 
Location and date of acquisition 
Time of TiO? TiO? Razor Base Al-SiO-| AISiO- 
Orbit | payback | epoxy silicone Porcelain blade plate | Al-Sil-i Ge Ge-SiO 
(seconds) reference 
13 74 eee eS RE es ee — 36 —21 —26 17 38 22 92 91 
CO ee Soe Ste ce has Me — 35 —18 —22 20 39 27 98 96 
119 See ete we leg te —34 —I16 —21 21 40 34 99 97 
13 183 | Fort Myers___..-_.____ —31 —-13 —20 25 39 35 104 107 
240 3) B/G 2: ace tees a — 28 -11 —19 28 41 35 109 111 
ZO |e snes ns ne OR seta tt aN —27 -—7 —14 32 42 40 119 124 
14 Be i ha eS SE ek 2 ee cid —26 —8 —13 30 41 42 116 123 
i | G 2s SS AE hts ahr Oats te, —24 -8 —13 35 40 42 120 126 
| 1 0 Yar ee Yen —19 —4 —10 39 43 45 124 133 
i VS 4 roo eh cake Septet Se —19 ~3 —10 39 4l 52 132 140 
AO) ls so Mott) ale Bet ttt Santee —18 0 —9 44 43 55 133 146 
320) ache teet ee See ee —18 0 4 47 42 58 142 151 
15 20 eo a Bee aS Sy tae —-il 6 —4 52 43 65 148 159 
GU eerie oe Bah Cosh eS —11 6 —4 54 44 65 151 161 
eC! Gia eee eee ee neem ee) —10 8| —-2 56 45 69 | 153 166 
VS) es ht et a AS seen te —9 9 4 59 46 72 156 170 
DAO is ces et a eS aut —6 11 6 63 46 73 160 172 
5 48 0 te ea ee On —3 12 5 65 46 74 162 178 
16 NA oe ta we Neti St eae tl 0 16 8 69 48 79 166 182 
Ty tes ae ae eee 2 16 10 71 49 80 169 183 
121 3/8/6284 2b at eb ee 3 17 11 73 50 80 172 186 
D032 ee Re Boe ah 2 aye Pantone a oe 3 19 11 76 50 83 174 188 
DAD. | oe, oro on are eR eet 5 19 12 81 51 83 176 190 
16 315 | Fort Myers, day__.__.__ 7 21 15 83 52 86 180 193 
3/8/62. 
27 24 | Fort Myers, day________ —68 —54 — 58 —10 31 —5 48 42 
57 D/O (O22 bo cn age —65 —5l1 —50 —9 31 —4 49 46 
1 O77. al epee ee ee Se ge — 63 —46 —45 —2 31 3 59 57 
i 6) ea cn ee RE — 58 —43 — 43 —2 31 3 59 57 
I DAG eee ete Ae ele ie ae ate eh —5l1 —36 —36 2 31 9 70 64 
Boe No ees OS pe, Pan neers si —46 —29 —32 6 31 12 75 72 
28 oe ne ee et ee 42 24 30 ll 35 20 83 79 
Oy Slice Seen A ao 28 Sang LN has a —41 —23 —29 12 36 22 84 82 
i 122) Ween oh eae Se Pe ok —35 —17 —23 15 36 23 96 87 
UT OE sie te prs i ao Bs weer el 32 15 20 21 36 26 100 97 
72:3 SO aoe eats ee ner eee —31 —13 —20 22 36 32 101 101 
OOO eels, SRN Aiea A aes hee —29 —10 —17 26 37 36 114 111 
29 BOP Se 2 toes etn iets ERP a 8 op —22 —5 —14 30 38 4l 116 120 
Be hg Oe Seat hen ety lets —21 —4 —13 35 40 45 | 118 125 
i V20) une tegen i 20 3 10 36 40 47 123 130 
DCS e afi cette RR EAs Ae) —17 —1 —8 37 40 49 | 129 138 
DAB hast ae ee PE te td Band —4 2 —7 42 40 54 133 143 
2 el ae Se RES ea a OR —ii 6 —3 47 42 59 140 151 
71) ._..._ | Fort Myers_____---___- 68 54 50 —3 35 0 56 51 
3/12/62, night. 

&6 erences 3/13/62, night. __-.-__ 62 49 45 6 36 1 62 59 
BO [kee ee 3/13/62, day__.-_-_-_. —14 1 —9 35 39 45 118 128 
103 | _-_- 3/14/62, day_____-_-_- 31 20 26 14 33 23 88 88 
118 j 2-2 LLL 3/15/62, day____.-_-_- —28 —15 —22 18 36 26 94 94 
TUG Virsa a 3/19/62, day__.._-._.- 26 18 20 14 38 24 94 89 
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given for orbit 89. The reference-surface tem- 
perature was 35°F in both cases. For this 
position in the orbit, the temperature of the 
epoxy-base paint rose from —21°F in orbit 29 
to —14°F in orbit 89, an interval of 4 days. 
Similar comparisons can be made between other 
temperature listings, and for the other coatings. 
Astudy of the table will reveal a certain amount 
of normal scatter in the measurements. The 
changes in temperature noted above, however, 
were sufficiently marked to indicate definite 
degradation in the surface characteristics. 


EXPERIMENT INTEGRATION 


Assurance of the compatibility of the space- 
craft. electrical and mechanical systems with 
each experiment was a necessary undertaking 
from very early in the program until a check- 
out of the entire prototype spacecraft was 
completed. Problem areas in which much coordi- 
pleted. Problem areas in which much coordi- 
nation was required were the outgassing prop- 
erties of materials used in experiments, the 
magnetic balance requirements due to experi- 
ment detector magnets, the command require- 
ments of certain experiments, the balance of 
the pointed experiments, the electrical inter- 
ference between experiments and spacecraft 
systems or between the experiments themselves, 
and the experiment checkout procedures re- 
quired during system and _ environmental 
testing. 

The amount of outgassing had to be con- 
trolled in order to avoid contamination of the 


optical surfaces of experiments and to avoid 
weight loss which could disturb the spacecraft 
balance. Outgassing problems were controlled 
by the proper choice of materials on board. 
If an experiment contained a magnet, addi- 
tional magnets had to be added and oriented to 
effect a magnetic balance for the overall space- 
craft system. 

All experiments were electrically checked on 
the bench for proper operation prior to in- 
stallation into the spacecraft. The final 
calibrations of the University of California and 
the University of Minnesota experiments had 
to be performed in the spacecraft. The cali- 
brations required that the spacecraft be sus- 
pended in the air a minimum of 10 feet away 
from any surrounding object or the ground. 
Due to the hazards to the spacecraft involved 
in suspending it high in the air, the prototype 
was used. Calibration was accomplished using 
various radiation sources to obtain calibration 
curves with the actual spacecraft mass properly 
moderating the sources. Various background 
levels associated with these sources were meas- 
ured. System and environmental testing re- 
quired the use of various radiation sources to 
check out the instruments contained in the 
spacecraft. Due to the nature of radiation 
which some of the experiments were measuring, 
it was not practical to provide all the sources 
required to completely check out the experi- 
ment. Instruments of this type were checked 
electrically and by using known background 
count levels as sources. 


Chapter 9 


TEST PROGRAM 


INTRODUCTION 


Extensive testing was required throughout 
the development of the spacecraft to demon- 
strate feasibility of design and to evaluate the 
performance of the various systems. This test 
program proceeded through the developmental, 
prototype and flight model stages of design. 

In many instances, successful testing required 
the use of special test equipment and fixtures. 
A description of each of these test devices is 
included herein as a preface to the actual test 
program. 


TEST EQUIPMENT 
Wobble Table 


This device was designed to simulate the 
characteristic wobbling motions of the space- 
craft in orbit. 

It consisted of a large flat plate simulating the 
spacecraft wheel and an upper structure 
mounted on a shaft attached to the wheel. 
The upper structure contained a second shaft 
on which the pointed instrument experiments 
could be mounted for testing. The entire device 
was mounted on a fixed base. 

This base also supported a motor and a drive 
mechanism for rotating the wheel with respect 
to the fixed base. Also mounted on the fixed 
base was a drive mechanism which rotated an 
excentric through which the lower wheel shaft 
bearing was mounted. The excentric drive 
speed was adjustable to give the wheel wobbling 
motions at any frequency from zero to two 
cycles per second. The driven excentric could 
also be adjusted to provide wobble amplitudes 
from zero to several degrees. Figure 9~1 is an 
illustration of the wobble table. 
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Air-Bearing Test Device 


The air-bearing test device was designed to 
duplicate the free gyroscopic motion of the 
orbiting spacecraft. 

The air-bearing test device comprised three 
main sections: the spherical air bearing, the 
gyro platform, and the azimuth assembly (see 
Figure 9-2). 

The spherical air bearing provided minimum 
friction and eliminated as nearly as possible the 
influence of all external torques. It was capable 
of supporting up to 600 pounds with an air 
supply of 30-70 psi, and provided for a spin axis 
tilt of +40°. 

The gyro platform provided space for mount- 
ing the spin-up gas bottles and controls, the 
power supply, balancing weights and the spindle 
required for mounting the azimuth assembly. 

The azimuth assembly provided for mounting 
of the precession jet gas bottles, the azimuth 
positioning system with eyes and controls, the 
readout eyes, the nutation damper, and the 
elevation positioning system with eyes and 
controls. It also provided a yoke with a trans- 
verse spindle for mounting the elevation point- 
ing instrumentation. 

The gyro platform spin rate was maintained 
by three gas jets mounted tangentially to the 
outer surface of the rotating section. In order 
to maintain a fixed position, the upper structure 
was driven by a torque-motor in the opposite 
direction to the gyro platform at the required 
speed. 

The principal moments of inertia of the fix- 
ture were of the same order of magnitude and in 
approximately the same ratio to each other as 
those of the rotating section of the spacecraft. 
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FIGURE 


FigurE 9-1.—Wobble table fixture. 


9-2.—Air bearing test fixture. 


Indoor Sunlight Source 


The artificial indoor sunlight source com- 
prised an aerial camera objective lens, a pair of 
condensing lens, and a 2100-watt projection 
bulb as a light source. The power source was 
a 60-cycle, 220-volt line providing an output of 
zero to 60 volts de which was rectified and 
filtered. Since the intensity of the indoor light 
source was about 3 percent of the intensity of 
the sun, it was necessary to use optics of about 
30 times more light gathering area than those in 
the flight model spacecraft for indoor testing. 
The artificial sun source was positioned at the 
proper distance from the instrument to simulate 
a 32-minute diameter sun. 


Coelostat 


In order to do test work using the actual sun 
on nonportable devices such as the wobble table 
and the air-bearing device, a sun-tracking 
reflection system was designed to reflect sun- 
light into the laboratory. This was accom- 
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plished using a three-mirror system. The 
primary mirror was mounted upon a polar axis 
drive rotating at one revolution per day such 
that sunlight was always directed through a 
window into the laboratory. A secondary 
mirror system was used inside the laboratory 
consisting of two mirrors, one mirror fixed to 
the ceiling and one moveable mirror mounted on 
the floor. The fixed ceiling mirror directed 
the sunlight reflected from the outdoor primary 
mirror to the floor mounted moveable mirror. 
The moveable mirror allowed the final direction 
of the beam to be adjusted toward either the 
actual spacecraft or one of the test fixtures so 
that pointing and monitoring test work could 
be accomplished. 


Periscope 


A periscope fixture was designed to allow 
known sun angle changes to be obtained for 
checking out the pitch readout and the pitch 
control eyes. The fixture consisted of two 
mirrors mounted parallel to each other. One 
inirror was fixed and one was rotated by means 
of a micrometer. The micrometer mirror 
motion was calibrated such that the apparent 
sun angle shift caused by the micrometer motion 
could be accurately read. 


Shadow Alignment Tool 


The shadow alignment tool was a very simple 
device built to determine when the upper 
structure of the spacecraft was normal to the 
solar vector. Tt consisted of an occulting disk 
on a long arm with calibrated rings at the base 
of the arm mounting. This device was also 
useful for determining the zero pitch angle 
position of the pitch axis. 


Thermal-Vacuum Chamber 


The thermal-vacuum chamber provided a 
simulated space environment for testing the 
spacecraft and its various systems. It was 
‘apable of a wide range of temperature and 
pressure. The chainber was 10 ft. in diameter, 
large enough to accommodate the spacecraft 
and test table. It had three windows to permit 
observation and allow the use of the artificial 
sunlight source. The door of the chamber was 


Figure 9-3.—Thermal vacuum chamber. 


full-opening, allowing convenient installation 
and removal of the spacecraft (see Figure 9-3). 

Electrical lead-throughs were provided to 
operate the spacecraft, monitor the spacecraft 
operation, control the pitch and spin gas control 
systems and monitor temperatures and pitch 
readout. 


Spin Table Test Device 


Two spin table test fixtures were built. One 
was a table fixture, the other was floor mounted. 
Both tables had a rotatable shaft supported by 
a rigid base. The shaft had an attach clamp 
fitting to mate with the attach clamp fitting 
of the spacecraft. A torque motor installed 
on the shaft rotated the spacecraft to simulate 
expected orbital motion. The spacecraft con- 
trol input connections were provided by slip 
rings connected through the spin table to an 
output connector. This permitted the space- 
craft to be operated from a while 
rotating. 


console 


Balancing Machine 


A balancing machine was required to place 
the spacecraft in static and dynamic balance. 
The balancing machine had a platform on 
which the spacecraft could be mounted and 
rotated. The platform was part of a pendulum 
yoke. Dynamic unbalance in the payload pro- 


duced motion in the pendulum yoke, both in 
phase and amplitude. 


Unbalance moments 
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FicureE 9-4.—Balancing machine. 


were determined and proper balancing weights 
positioned on the spacecraft. 
The balancing machine is shown in Figure 
9-4. 
Pendulum Platform Test Fixture 


The pendulum platform was used as a test 
apparatus because it could be made to perform 
the circular translational motion experienced 
by the damper during nutation. 

The pendulum platform test fixture (Figure 
9-5) consisted of a circular steel plate suspended 
from a rigidly mounted plate of similar dimen- 
sions by three adjustable lengths of steel wire. 
Multiple wire supports were utilized to elimi- 
nate tip and tilt of the platform during lateral 
oscillation. Frequency of oscillation of the 
platform was controlled by adjusting the length 


246 


of the support wires. The weight of the steel 
plate could be made such that when the plat- 
form was oscillating at a given frequency and 
amplitude, its total energy (kinetic plus poten- 
tial) was equal to the kinetic energy of nutation 
of the spacecraft. Thus, in damping out oscil- 
lations of the test fixture, the damper dissipated 
the same amount of energy as in the actual 
application. By adjusting the frequency of 
vibration and the weight of the steel plate, this 
apparatus could also be used to evaluate damper 
performance on the air-bearing fixture. 


Magnetotropometer 


The magnetotropometer was built by Ball 
Brothers Research Corporation to measure the 
torque exerted on an object by the magnetic 
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Figure 9-5.—Pendulum platform test setup. 


field of the earth, thus determining the magnetic 
dipole moment of that object (see Figure 9-6). 

The hull was 45 inches in diameter. The 
vertical clearance in the hull was about 22 
inches. Both tub and hull were deep enough 
to allow 150 pounds weight in the floating hull. 
magnetotropometer could accommodate the 
entire sail structure of the OSO IJ spacecraft 
with pointed instruments installed. 

Figure 9-6 shows the cylindrical hull floating 
in a tub of oil. The hull is held in the center of 
the tub by three slack chains which drape from 
three stationary posts to a tripod attached 
to the hull. The chains are attached to the 
tripod at a small distance fromits axis. There- 
fore, if the hull and tripod are rotated from 
rest position, the chains apply a restoring 
torque. If the dimensions of the apparatus, 
the weight of the chains and the displacement 
angle are known, the restoring torque can be 
calculated. Then, knowing the orientation of 
the object and the direction and intensity of the 
magnetic field of the earth, one component of 
the unknown dipole moment can be calculated. 
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Figure 9-6.— Magnetotropometer. 


DEVELOPMENTAL TESTING 
Control System 


In the early stages of development it was 
necessary to prove that the initial concepts of 
the control system components were sound. 
Testing was accomplished on the wobble table 
and the air-bearing table. 


Electronic Subsystem 


A mockup electronic system was built from 
easily obtainable components with no concern 
given to acquiring or using qualified space 
flight components. This mockup system was 
used to demonstrate soundness of the design 
concept. 

The next step in testing the electronic sub- 
system involved the use of engineering model 
printed circuitry designed for the spacecraft, 
but not packaged as anticipated for the final 
design. This circuitry was installed on the ait- 
bearing test device to demonstrate the per- 
formance capability of a two-axis control 
system. 


Pointing Control Subsystem 


The various components of the closed loop 
pointing control were tested individually before 
the complete loop was checked out. These tests 
involved measuring the open-loop transfer 
characteristics of the servo-amplifiers, the 
power handling capability of the servo motor 
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driving circuits and the angular characteristics 
of the error detectors. 

At the completion of the subsystem tests the 
entire pointing control servo system was bench 
tested in preparation for the system testing on 
the wobble table and the air-bearing table. 

To determine if the accuracy of the pointing 
control system was well within the specified 
requirements, tests were conducted on the 
wobble table. These tests were conducted by 
driving the wobble table at the anticipated 
orbital spin rates with the wobble angles applied 
by means of eccentric adjustment. The point- 
ing control was shown to be adequate for 
anticipated disturbances. 

The upper structure solar acquisition system, 
as originally designed, proved to be inadequate. 
Testing was accomplished by spinning the 
wobble table up to the required spin rate with 
the pointing control electronics turned off, 
allowing the upper structure to be dragged up 
to the wheel rotation rate by the friction of 
bearings, slip rings, and torque motor brushes, 
and then turning on control system power. 

The solar acquisition method was changed 
and the new design was demonstrated to be 
adequate. 


Gas Control Subsystem 


The gas handling components of the gas 
control system (spin control and pitch control) 
were tested before being integrated into the 
control systems on the test apparatus. This 
involved the leak testing of valve, regulators, 
and fittings, the flow testing of regulators and 
filters, calibration of pressure transducers and 
nozzle design testing to determine nozzle effi- 
ciency and impulse properties. 


Nutation Damper 


All quantitative results obtained from the 
preliminary tests of the nutation damper on 
the pendulum platform test fixture were based 
on single-plane motion of the system with the 
platform performing simple pendulum motion. 
The following information justified this pro- 
cedure. 

During simple pendulum motion, the total 
energy of the platform is equal to either the 
maximum kinetic energy or maximum potential 
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energy. The latter quantity is given by the 

expression: 

WtLU—cos? 6) 
1+cos 6 

_ WIL sin’ 6 

~ 1+¢0s 6 


V=gh=W1(1—cos 6= 


(9.1) 
where 


h=maximum change in height of platform 

L=length of pendulum arms 

6=angular displacement of platform from 
equilibrium position 

w=weight of platform 

g=gravitational acceleration 


When performing circular translational mo- 
tion of the same angular amplitude, the plat- 
form has the same potential energy as given in 
Equation (9.1). In addition, it also possesses 
the following kinetic energy: 


_1 21 2,2 
T=5 mo =5 mrw 


=; m(L? sin? 6)(g/l cos @) 


_Wl sin? 6 


2 cos 6 (9.2) 


where 


m—mass of platform 

y=linear velocity of platform 

r=radius of the circle described by the 
center of gravity on the platform during 
this motion 

w=angular velocity of center of gravity 
about the center of the circle 


and the other symbols are the same as in 
Equation (9.1). The total energy of the plat- 
form in this case is: 


E=T+V (9.3) 

It is readily seen from Equations (9.1) and 
(9.2) that for small 6, the kinetic and potential 
energies of the platform performing such motion 
are twice that whichit possesses when performing 
simple pendulum motion of the same angular 
amplitude. It is shown in the derivations on 
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f 
page 248 that the spherical pendulum damper 
dissipates energy at twice the rate of the simple 
pendulum damper. The damping rate of the 
damper-platform system is, therefore, the same 
during either type motion. 

Tt can also be determined from Equations 
(9.1) through (9.3) that the total energy of the 
platform during either type motion is directly 
proportional to the weight of the platform. 
Since the energy dissipation rate of the damper 
is independent of this parameter, it was reasoned 
that the time constant of the damping rate for 
a given damper-platform configuration should 
be directly proportional to platform weight. 
Therefore, rather than change the platform 
weight to duplicate the total energy of either 
the spacecraft or air-bearing fixture, a single 
series of tests with fixed platform weight was 
conducted. Nutation damping rate of the 
damper for a particular spacecraft or air- 
bearing fixture configuration was then calcu- 
lated from the results of these tests. This 
approach seemed advisable in view of the 
constantly changing spacecraft and air-bearing 
fixture designs during the development pro- 
gram. The calculated values for damping 
rates using this simplified approach were 
verified by the results obtained from the analog 
computer in the mathematical analysis of the 
problem. 

Instrumentation was provided to measure 
the amplitude and frequency of oscillation of 
the platform. A thin metal strip was positioned 
against the edge of the platform in such a way 
that any lateral oscillation of the platform 
resulted in bending of the metal strip. A 
strain gauge was attached to the strip to 
measure this deflection. Output of the strain 
gauge, which was an approximately linear 
function of platform displacement, was ampli- 
fied and fed into a strip-chart recorder. The 
strip-chart plot of platform displacement as a 
function of time was then used to calculate the 
rate at which free oscillations of the platform 
were damped out. 

Damping Efficiency—In the first series of 
tests conducted on the pendulum platform test 
fixture, the cylindrical pendulum bob was used 
in the nutation damper. At the time of these 
tests the theoretical analysis of the damper- 


platform motion had not been performed and 
only the approximate results of the steady 
forced vibration analysis were available. Fur- 
thermore, the spacecraft design program was 
still young and values for spacecraft parameters 
being quoted at that time were changed con- 
siderably during subsequent design modifica- 
tions. The numerical results of these early 
tests were therefore not directly applicable to 
final damper design. They were important 
primarily in bracketing damper parameters 
more closely than had been possible from the 
results of the steady forced vibration analysis 
included in Chapter 2. The importance of 
performing a mathematical analysis of damper- 
platform motion to optimize damper parameters 
rather than using experimental results for this 
purpose was also made evident by the results 
of these tests: 

1. Maximum damping efficiency did not 
occur when the natural frequency of vibration 
of the damper was equal to the disturbing 
frequency as had been indicated by the steady 
forced vibration analysis. The slight differ- 
ence in value of these two frequencies at the 
tuned condition was observed to be influenced 
by the damping constant of the damper. 

2. The damping constant, in turn, was ob- 
served to have an optimum value for fixed 
values of the two frequencies. When using 
fluid with a kinematic viscosity of 100 cen- 
tistokes or greater, the damping rate of the 
system decreased with increasing viscosity. 
On the other hand, fluid of less than 10-centi- 
stoke viscosity was determined to be too thin 
since beating, or the alternate transfer of energy 
between the damper and platform, occurred. 
These results indicated the necessity for a 
parametric study in order to arrive at an 
optimum damper configuration. This study 
was obviously more readily conducted on an 
analog computer than with the test setup. 

The series of tests performed using the 
spherical pendulum bob served two purposes; 
namely, to verify the results of the mathe- 
matical analysis of system motion and to 
determine experimentally the association be- 
tween damping constant of the damper and the 
kinematic viscosity of the fluid used to fill the 
damper. This latter determination was neces- 
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sary because of the lack of theoretical informa- 
tion available that was pertinent to this 
particular geometry. Stokes’ equation, relating 
damping force and kinematic viscosity for a 
sphere immersed in a fluid, yielded damping 
constants considerably smaller than those 
calculated from experimental results. This 
discrepancy was due to the small volume of 
fluid used. The flow of fluid over the surfaces 
of the cylindrical container probably contrib- 
uted significantly to the damping force. Three 
different series of tests were made with this 
configuration using 10-, 50-, and 100-centistoke 
silicone fluid in the damper. With the natural 
frequency of the damper held fixed, the fre- 
quency of vibration of the pendulum platform 
test. fixture was varied by changing the length 
of the support wires of the platform. From 
the recorder plot of platform amplitude versus 
time, the time constant for the decay rate of 
the amplitude was determined in each case. 
The graph of time constant versus platform 
frequency for the tests using 50- and 100- 
centistoke fluid is presented in Figure 9-7. 
A similar plot for the tests using 10-centistoke 
fluid could not be made since beating occurred 
during these tests, and the amplitude of vibra- 
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Figure 9-7.—Time constant versus platform frequency. 
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tion of the platform did not decay exponentially. 

From the curves in Figure 9-7, the following 
conclusions can be made: 

1. The time constant for the decay rate of the 
amplitude decreases with decreasing fluid vis- 
cosity, but a moderate variation in viscosity will 
not seriously affect damper efficiency. 

2. As fluid viscosity (and therefore damping 
constant) decreases, the damper must be more 
sharply tuned to disturbing frequency to obtain 
good damping efficiency. 

3. Maximum damper efficiency occurs when 
the natural frequency of the damper is slightly 
less than the disturbing frequency. 

4. For the range of fluid viscosities tested, a 
time constant of twice the optimum value is 
obtained when the disturbing frequency is ap- 
proximately 10 percent above or below nominal 
value. 

These qualitative results of the experimental 
tests were later substantiated by the results of 
the mathematical analysis of the problem. 

In order to determine the minimum viscosity 
fluid that could be used without encountering 
beating, additional tests were conducted with 
20 and 30-centistoke fluid. Beating occurred 
using the 20-centistoke fluid and did not occur 
when the 30-centistoke fluid was used. Since 
only a small difference in time constant could be 
detected with a change of 10 centistokes in fluid 
viscosity, further optimization of damping con- 
stant was not attempted. The 30-centistoke 
fluid was selected for use in the spacecraft 
damper. 

To obtain an accurate evaluation of damper 
performance a simple setup was devised. This 
instrumentation consisted of a photodetector 
(a 1-cm x 2-cm silicon cell) mounted on the 
nonrotating upper section and partially hidden 
from the constant-direction light source by a 
knife-edge whenever the spin axis of the test 
fixture was nearly vertical. Slight variation in 
position of the spin axis resulted in variation of 
the amount of the solar cell surface exposed to 
light. Since output current of the solar cell is 
proportional to the amount of light it detects, it 
was a simple matter to use this output signal to 
determine test fixture attitude during nutation. 

With the attitude control system operating 
and the wheel spinning at nominal rate, torques 
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ewere applied to the test fixture to induce 
nutation. Because of its relatively large ampli- 
tude and low frequency, the resulting motion of 
the fixture was easily followed visually. When 
the nutation damper was caged, this motion 
continued indefinitely. With the damper un- 
caged, nutation was quickly damped out, and 
the fixture remained “at sleep” until another 
torque impulse was applied. 

The recorder plot of nutation amplitude 
versus time was compared with similar plots 
obtained for the same damper during tests on 
the pendulum platform. The time constant of 
about 8 seconds measured for the air-bearing 
tests checked satisfactorily with the value 
calculated from the results of the pendulum 
platform tests, taking into account the greater 
amount of energy the damper had to take out 
on the air-bearing fixture for vibrations of equal 
amplitude. Thus, these tests proved conclu- 
sively that the damper would damp out nutation 
of a gyroscopic body at the rate predicted from 
the results of the pendulum platform tests and 
two-body free vibration analysis. 

Frequency Tests—-Since the frequency of 
vibration of the damper during orbital flight 
could not be checked by direct measurement in 
the laboratory, it was important that the 
frequency equations derived for the damper in 
the gravity field be fully substantiated by tests. 
It was reasoned that if the undamped frequency 
of the damper in the inverted position could be 
predicted accurately from the knowledge of the 
necessary damper parameters and the undamped 
frequency in the upright position, the effect of 
gravity on frequency would be firmly estab- 
lished. 

The procedure for calculating frequency of the 
inverted damper from a known frequency of the 
upright damper was also followed in tuning the 
damper to nutation frequency of the air- 
bearing fixture. This was necessary because of 
the low frequency of nutation. The wire pen- 
dulum arm required to obtain the tuned fre- 
quency of the fluid-filled damper in the inverted 
position was unable to support the weight of the 
pendulum bob in air. The undamped frequency 
in the inverted position could, therefore, not be 
measured directly. Calculation of undamped 
frequency from the measured damped fre- 
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quency was not feasible because of the difficulty 
of measuring damped frequency of the pen- 
dulum in the sealed, fluid-filled assembly. 
Attempts were made to measure damped fre- 
quency with one end of the case removed, but it 
was found that the damping constant of the 
fluid with the end removed was different from 
its value in the sealed unit. 

Verification of the frequency equations for 
the pendulum in the upright and inverted 
positions was accomplished with a spring wire 
of sufficient diameter to support the bob weight 
in the inverted position. Frequency measure- 
ments were made by visual observation and the 
use of a stop watch. Within the accuracy of 
this measurement technique, the two measured 
frequencies were found to agree with the calcu- 
lated values. During these tests, the end of the 
wire attached to the bob was adjusted to various 
positions within the adjustment range of the 
setscrew. This determined the extent of the 
double pendulum effect created whenever the 
wire end was not positioned at the center of 
gravity of the bob. It was found that by com- 
puting an effective wire length from the meas- 
ured upright frequency in each case, the 
frequency of the inverted damper could be pre- 
dicted with one percent accuracy. The double 
pendulum effect was therefore considered to be 
negligible. 


Integrated Control Systems 


The laboratory tests of the gas control system 
and observation of the concurrent behavior of 
the sun sensing eyes, torque motors, electronic 
control circuits and the nutation damper re- 
quired a freely rotating platform. For this 
reason the entire engineering model of space- 
craft control systems was tested on the air- 
bearing test fixture. 

The control system was tested for pointing 
accuracy, solar acquisition, spin-up, pitch cor- 
rection, day-night cycling, data acquisition and 
data transmission. The test fixture was given 
wobble during simulated night condition and 
nutation during day conditions. All possible 
motions of the actual spacecraft were simulated 
and the resulting systems reactions were 
measured. 


ORBITING SOLAR OBSERVATORY s 


Many minor changes and adjustments were 
made to the engineering model. One unforeseen 
problem that would have caused the actual 
spacecraft to fail was detected as a result of the 
air-bearing table testing. The problem, an 
unstabilizing interaction between the pitch 
control and a large nutational distrurbance was 
quite easily solved by the addition of a time 
delay in the turn-on of the pitch control gas jets. 


Mechanical Structure 


During the developmental testing program 
for the control system, a concurrent effort was 
underway to develop the mechanical structure 
for the spacecraft. After this structure was 
built. and assembled, static structural load 
testing was performed where necessary. Tests 
were also run to determine that the erection of 
the extendable arms at launch spin rates did not 
damage the spacecraft or produce any appre- 
ciable wobble input to the spacecraft. 

The first such test was performed using the 
structural wheel assembly mounted on a spin 
table. Later, when the arm configuration was 
changed, dummy wheel compartments were 
constructed on the spin table using production 
quality rim panels and further tests were made. 
These tests consisted of spinning the table to a 
predetermined velocity with the arms in the 
stowed position and then firing electrically 
operated explosive pin pullers to release the 
arms to the extended position. All tests were 
recorded with a high speed motion picture 
camera, 

Throughout these tests the panels were 
observed to deflect considerably at peak loads, 
but no permanent deformations occurred and 
no design changes were made. 

The structural wheel model was loaded with 
dummy packages to simulate control system 
components and experiments, and was sub- 
jected to vibration tests and steady-state 
acceleration. During steady-state acceleration, 
strain gages were utilized in various areas. The 
results of this test caused a redesign of the upper 
wheel casting. To prove the integrity of the 
redesign, the casting was statically loaded and 
deflections were measured. No strain gage 
measurements were made after redesign. 
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Other parts subjected to strain gage measure» 
ments were the arm mounting rim panels, 
decks, and ribs. Other than in the upper wheel 
casting, the highest stress measured was 1100 
p.s.i. on a deck panel. All other stresses were so 
low as to be negligible. 


Data Acquisition and Command System 


The subassemblies of this system were sub- 
contracted by Ball Brothers Research Corpora- 
tion. All developmental testing of these sub- 
assemblies was performed by the subcontractor. 
Ball Brothers Research Corporation subjected 
each subassembly to a rigorous qualification 
procedure upon receipt from the subcontractor. 

A detailed analysis of the antenna design was 
made by running patterns of the actual array 
on an antenna tower utilizing the full scale 
structural model spacecraft as a test model. 


PROTOTYPE TESTING 


Subsystems Tests 


All of the prototype spacecraft subsystems, 
i.e., components of the control systems, me- 
chanical structure, and data acquisition and 
command system, were tested extensively in 
the laboratory prior to formal environmental 
acceptance testing. These tests primarily 
involved thermal cycling over the expected 
orbit temperature extremes to assure that the 
therma] compensation work had been properly 
performed, and testing at the expected power 
supply voltage extremes to assure proper 
performance under the anticipated worst case 
conditions. 

Conformance to the component environ- 
mental test specification was required of all 
spacecraft subsystems and components. This 
specification required that the subsystem or 
component be successfully operated before, 
during (in most cases), and after a high and low 
temperature thermal-vacuum test, and a three- 
axis vibration test. 

The prototype subassembly thermal-vacuum 
test specifications were as follows: 


Duration Vacuum (mm 

Temperature (hours) Hg or less) 
B02 (Cele Oe enn Bk Be 24 10~2 
DOG re eats ws, Sr 24 10-2 
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* The component vibration test specifications 
were as follows: 


Acceleration Displacement 

Frequency range (cps) (peak @) (inches) 

BAlT39 ete 0.4 
17. 9-50 GA sc5c5insecs 
50-1000 15,6 9 éeesekeeens 
100-2000 2-6 s2seeseesee 

Total duration—15 minutes. 
Wheel Structure 


After the fourth complete vibration test of the 
prototype mechanical structure, two decks 
carrying large, heavy experiments were found 
to have cracks in the side flange bend radii. 
These failures were considered to be insignificant 
because test results were far in excess of flight 
load expectations at this point. However, a 
program of careful investigation of the bend 
area on other decks was instigated. 

There was one other consideration of the 
loading under actual flight conditions, the 
nature of the loads on the deck was changed by 
the thrust acceleration, as shown in Figure 9-8. 


LOAD 


Figure 9-8.—Flight loading vibration plus thrust. 


Superimposing the vibration on the thrust 
curve shows that the load is predominantly 
downward on the deck. Thus, full cycle 
reversals during launch would not have occurred 
frequently during vibration testing. 
Furthermore, the time duration of vibration 
input during flight was only 5 minutes, compared 
to 45 minutes of testing time. This point is 
made not to suggest that the design criteria 
should have been changed, but to indicate that 
in evaluating the cracks which appeared there 
Was justification in accepting the design as 
qualified. 


as as 


Elevation and Azimuth Castings 


The first tests conducted en the prototype 
casting were commenced in August 1960 at the 


> 


On 
ire) 


Martin Company in Denver. These tests con- 
sisted of 1220 minutes of low-level sinusoidal 
input sweeps in three axes, 15 minutes of high- 
level sinusoidal input sweeps in three axes, 12 
minutes of random vibration input in three axes, 
and 10 minutes of 15 g sustained acceleration 
input in the thrust axis.* 

Figure 9-9 shows the structural model in place 
on the shaker, and Figure 9-10 shows the 
structural model in place on the centrifuge. 


Figure 9-9.—Structural model vibration test. 


During these tests no failures or problems 
occurred in either casting. The devices used to 
lock out both elevation and azimuth freedom 
failed and required redesign, but these did not 
directly affect the castings. 

During the acceleration tests, seven strain 
gage readings were obtained on various points 
of the azimuth casting and four readings on the 
elevation casting. No unduly high stress levels 
were indicated. 

The structural model azimuth casting was 
later used for a vibration test of the honeycomb 
solar cell panels. The setup consisted of the 
casting hard-mounted on a fixture, with the 
sail structure and solar cell panels attached. 
The assembly was not balanced. The test was 
run for 17 minutes with sinusoidal swept inputs 
up to 17g. At this time, during a transverse 


*See Martin Test Report, Env. 1192, Proof Testing of 
the Ball Brothers Prototype Model 8-16, Orbiting Solar 
Observatory Satellite, 10 September 1961. 
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Fiaure 9-10.—Structural model accelerator test. 


test, the control accelerometer mounted on the 
fixture fell off, and the vibrator exciter at- 
tempted to put infinite forces into the fixture. 
The exciter was turned off by overload cutouts, 
but the input loads reached were not known. 
After this occurrence, the azimuth casting was 
found to be badly cracked in a lower corner 
radius. The crack was considered to be due to 
a test failure rather than a component failure. 


Bearings 


After the vibration and acceleration tests at 
Martin Company, the shafts and bearings were 
disassembled for inspection. The bearings still 
functioned properly, but the azimuth shaft was 
badly galled particularly at the lower bearing. 
As a result of this condition the shaft fit toler- 
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ances were changed. There were no further 


problems during subsequent testing. 


Sail Structure 


No problems of a structural nature were en- 
countered in the sail structure during the 
structural model For these tests, the 
original modular stamped solar cell panels were 
used, and two of the modules had dummy solar 
cells bonded in place. 

After the structural model tests, the sail 
structure was removed and independent vibra- 
tion tests were conducted on it. It was found 
that during thrust axis vibration, the horizontal 
tie members were flexing with large amplitudes, 


tests. 


causing excessive crosstalk output in the trans- 
verse plane. Stiffeners were added to the hori- 


ee 
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zontal members and the test was re-run with 
satisfactory results. Thissametest wasrepeated 
when the honeycomb panels replaced the 
modular stamping. Even after the test failure, 
there was no damage to the sail structure. 
Vibration tests were conducted on the nuta- 
tion damper to evaluate the caging mechanism. 
As a result of these tests the original design was 
modified. At first an O ring was utilized 
for a bob seat during caging but it was found 
that the bob rotated, twisting the pendulum 
wire and deforming it. Also, the previous 
design utilized a solenoid for releasing the bob, 
but this would not successfully withstand vibra- 
tion. The solenoid was replaced with a squib 
actuated pin puller unit, and the caging seat 
was changed to metal and later serrated to 
prevent the bob from rotating during shake. 


Summary 


After all prototype subassemblies had re- 
ceived rigorous qualification and testing, they 
were installed in the prototype spacecraft and 
integration tests were begun. 


Comprehensive System Tests 


After all components and subsystems had 
been individually tested and successfully inte- 
grated, the first comprehensive, covers-off, 
operational system test was performed. This 
was an extensive test, in accordance with a 
formal test procedure, designed to provide 
assurance that all subsystems in the prototype 
model were working properly, and that no 
adverse interactions between subsystems and 
instruments had occurred. 

In these tests, every measurable parameter of 
significance to spacecraft performance was 
measured. Al] work was accomplished with 
the spacecraft mounted on the spin table. 

Comprehensive system tests were performed 
on the prototype spacecraft before during and 
after environmental tests. 

Prior to the actual environmental testing, it 
was necessary to balance the prototype space- 
craft, measure the moments of inertia, and de- 
termine the location of the center of mass. 
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Static and Dynamic Balance 


The wheel structure had to be aligned to spin 
about the figure axis and the structure had to 
be aligned about the spin axis to prevent a 
dynamic unbalance which would have caused a 
wobble in the orbiting payload. The upper 
structure had to be dynamically in balance to 
prevent the night spin-up of the upper structure 
from introducing wobble. Dynamic balance 
was also necessary to keep the spacecraft within 
the alignment tolerances of third stage thrust 
for the stowed launch condition. 


Balance Tolerances 


Static Balance—Launch Condition—Accord- 
ing to Douglas Report No. 7843144, the center 
of mass of the spacecraft had to lie within 
0.0033 inches of the axis of the master diameter 
of the attach fitting. This meant that the 
spacecraft static balance had to be within 25 
oz-in. 

Dynamic Balance.—Launch Condition —Ac- 
cording to Douglas Report No. 7843144, a 
principal inertial axis had to lie within 6 radians 
of the axis of the master diameter of the attach 
fittings, where 


= T,+-4.5 
6=0.001 FF 
I, is the moment of inertia about the spin axis 
in slug-ft?, and Z, is the transverse moment of 
inertia in slug-ft ?. 
For the OSO I it was determined that 
I,=19.7 slug-ft? 
and [7=15.3 slug-ft?, 
so 6==0.0055 radian, or 18.9 minutes. 


This meant that the dynamic balance had to be 
within 1800 oz-in.? 


Orbital Condition 


In orbit, static balance is not important. 
However, all methods producing good dynamic 
balance also produced good static balance. 
Dynamic unbalance of the wheel causes the 
spacecraft to wobble. If the wobble becomes 
too large, errors in experiment pointing causing 
higher servo power result. Therefore, an 
arbitrary limit of one minute of wobble was 
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chosen. This meant that the wheel had to be 
dynamically balanced within 144 oz-in.? 

Dynamic unbalance of the sail would have 
caused a wobble at night which would have 
become nutation when the upper structure 
acquired the sun the following day. An 
arbitrary limit of 10 minutes was chosen for 
night wobble. This meant that the wheel and 
sail together had to be dynamically balanced 
within 2150 oz-in.? 


Combined Tolerance 


Control over stowed balance and orbital 
balance is not independent. All the balance 
requirements were met as follows: 

1. With the arms extended, the wheel was 
balanced within 10 oz-in. static and 140 oz-in? 
dynamic. 

2. With the arms extended and the sail locked 
in the launch position, weights were added to 
the sail to balance the spacecraft within 10 
oz-in. static and 300 oz-in.? dynamic. 

3. With the arms stowed in launch position 
and the sail locked in launch position, the 
spacecraft was checked to assure a balance 
within 20 oz-in. static and 100 oz-in.? dynamic. 


Theory of the Balancing Method. 


Consider a right-circular cylindrical object 
that is to be balanced statically and dynamically 
about its figure axis. It is possible to bring this 
object into complete balance by attaching two 
weights, one at each end. The problem is to 
find out experimentally what weights to put on 
and where to put them. 

Figure 9-11 shows a cylindrical object of 
radius a, spinning about its vertical figure axis 
at w radians per second and free to rock about 


Fieure 9-11.—Simplified balancing machine. 


one horizontal axis. The apparatus can be 
changed to use the lower pair of trunnions, 
allowing rocking about a different horizontal 
axis. If the object is balanced, it has no 
tendency to rock about either axis. 

To determine the effect of an unbalanced 
condition, a small mass, m, is placed on the 
upper edge of the cylinder at an angle, a, from a 
reference line drawn on the cylinder. This mass 
will cause rocking torques in two ways. First, 
the weight of m causes a torque about the rock- 
ing axis of mga sin (wlt+«). Second, the mass 
applies a centrifuge force of maw? at a distance 
t,—l, above the rocking axis, producing a 


torque of maw*(l,—t.) sin (wt+a). The total 
rocking torque, then, is 
malg+-w?(l4—L.)Jsin (wt+2). (9.4) 


If the mass were placed at the bottom edge of 
the cylinder, £, would be replaced by £3. If the 
apparatus were changed so that it pivoted on 
the lower trunnions, t, would be replaced by fi. 

Note that even if a weight is so placed that its 
static and dynamic effects just balance and it 
produces no rocking torque about one pair of 
trunnions, it does produce a rocking torque 
about the other. Thus, if the cylinder is out of 
balance, it tends to rock about at least one pair 
of trunnions. 

Further note that even if the cylinder is 
initially out of balance it is possible to place 
some weight on one end of the cylinder in such 
a position that the rocking torque about one 
pair of trunnions due to the initial unbalance is 
just cancelled by the rocking torque due to the 
weight. 

To simplify the notation, let 


alg+u?(b,— L.)J=A, 
alg+w?(Ls— L.)J=B, 
alg+u?(l,—Lil=C, 
alg+w?(by— L,)J=D. 


(9.5) 


and 


An experimental method of balancing the 
cylinder if it has an unknown initial unbalance 
may now be discussed. 

With the upper trunnions in use, attach an 
experimentally determined weight, mi, to the 
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fop rim in such a position, a, that the apparatus 
does not rock. This weight applies a torque of 


m,A sin (wt+ «) 


Now shift to the lower trunnions and attach 
some weight, mz, to the bottom rim at # so that 
the apparatus does not rock. The two weights 
together apply a torque of 


mD sin (wt+a)+m,C sin (wt+ 8). 


Two weights must now be found, one for the top 
rim and one for the bottom rim, such that the 
two together will apply the same torque as m 
about the upper trunnions and the same torque 
as m, and m, together about the lower trunnions. 
If m, and m, are removed, and these new weights 
installed, the apparatus will not rock about 
either pair of trunnions. The cylinder will be 
balanced. 

Designate the top weight, M;, and its posi- 
tion, @. Designate the bottom weight, m,, and 
its position, ¢. They apply a torque about 
the upper trunnions of 


mrA sin (wt+6)+mz B sin (wt+ 4), 
and a torque about the lower trunnions of 
mr D sin (wt+6)+m, Csin (wt+¢). 
Then 
mA sin (wt+a)=m,A sin (wt+8) 


+mpB sin (wt+¢), (9.6) 
and 
mD sin (wt+-a)+m.0 sin (wt+ p) 
=mrD sin (wt+6)+msC sin (wt+¢). (9.7) 


Multiply Equation (9.6) by 3, and subtract 
Equation (9.7) to get 


Mp (77—c) sin (wt+¢)=—m, C'sin (wt+ 8). 
(9.8) 


From this equation, it is seen that ¢=8 and 


Mz= 


AC, 
™ DB—AC 
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or 
[g+w?(L.— be) [gt+o7(ls—L)] 
w*(le— a) (La—Es) 


Mp= Me (9.9) 


Now we remove m, and m, and place m, 
(whose value is now known) exactly where m, 
was. Then, still pivoting on the lower trun- 
nions, find a weight for the top rim that stops 
the rocking. This is m,, and the cylinder is 
balanced. 


The steps in balancing the cylinder, then, are 
these: 


1. Using the upper trunnions, find a trail 
weight which, when mounted at the proper 
point on the top rim, stops the rocking. Leave 
it on. 

2. Using the lower trunnions, find a trial- 
weight which, when mounted at the proper 
point on the bottom rim, stops the rocking. 

3. Remove and weigh the bottom trial weight. 
Replace it with a weight greater by a known 
factor. Remove the top trial weights. 

4. Still using the lower trunnions, find a 
weight which, when mounted at the proper 
point on the top rim, stops the rocking. Mount 
it. The cylinder is balanced. 


Balancing Method 


Aligning the Table—Before the spacecraft 
was mounted on the balancing machine, align- 
ment of the table to the true bearing axis of the 
spindle was checked with a dial indicator. The 
indicator was set up to measure vertical motion 
4.5 inches from the center of the table. The 
table was adjusted for a reading less than 
0.0003 inch TIR. The table was then aligned 
within 0.12 minutes of arc. 

Mounting the Spacecraft on the Table.—Since 
the balancing machine measures unbalance 
about its own bearing axis, it is important that 
the spacecraft be accurately centered on the 
machine. 

On the OSO I the only convenient indicating 
surface was the alignment nubbin at the top 
of the sail. With the spacecraft on the bal- 
ancing machine, but not rotating, indication 
was from the balancing machine frame to this 
nubbin. The sail was rotated and the nubbin 
was adjusted to run within 0.0007 inch TIR. 
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This meant that the nubbin was well aligned 
to the spacecraft bearing axis. Then, with the 
sail locked, the balancing machine spindle was 
rotated and the spacecraft was moved hori- 
zontally on the table until the nubbin ran within 
0.0007 inch TIR. This meant that if the nub- 
bin was to lie on both axes, with both axes 
perpendicular to the attach fittings, then the 
two axes were coincident. The spacecraft was 
now aligned to the balancing machine. 

Selecting the Pivot Points——The best sensi- 
tivity and accuracy were attained when t,—{, 
and f,=,. Since the most convenient places 
to mount balance weights on the wheel were 
the top and bottom rims, the two pivot points 
(the flexures that take the place of trunnions) 
were set at the heights of the top and bottom 
rims. 

Tuning the Balancing Machine.— With the 
spacecraft installed and the pivot points set, 
the tuning springs and weights were adjusted 
so that the natural frequency of the rocking 
motion about each pivot was within one percent 
of the spindle rotation frequency. Since the 
operation was moderately damped, closer 
tuning was not necessary. 

Balancing the Wheel.-— 

1. The sail was tied to the balancing machine 
yoke so that it could not rotate. 

2. Using the upper pivot, the magnitude and 
phase of the rocking torque was measured. A 
weight of the proper size was taped on the 
wheel at the proper position on the top rim of 
the wheel to reduce the rocking torque. This 
step was repeated with trimming weights until 
a five-gram change caused overshoot. 

3. Using the lower pivot, Step (2) was 
repeated on the bottom rim. The bottom 
weight was then removed and weighed. A 
weight 12 times as great was then put in the 
place of the original weight. 

4. Steps (2) and (3) were repeated until the 
wheel was in balance within the effect of a 
five-gram weight for both pivots. This usually 
required about three reiterations. 

5. The position and size of the two weights 
was noted and a location where permanent 
weights could be installed to give the same 
effect as the two temporary weights was found. 
(Usually the best place was the inside of the 
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wheel compartment covers.) The permanent 
weights were fabricated and installed. 

6. Steps (2) through (5) were repeated until 
the wheel was in balance within the effect of a 
five-cram weight -with only permanent weights 
installed. This usually required two reitera- 
tions, and the wheel was then balanced. 

Balancing the Sail—With the sail locked, 
the wheel balancing steps were repeated with 
weights being placed on the sail rather than on 
the wheel. More reiterations were required 
because of the difficulty in putting weights 
where they were required. This was continued 
until the wheel and sail together were balanced 
within the effect of a ten-gram weight. The 
spacecraft was then in balance. 


Checking Balance in Stowed Condition 


With the sail locked and the arms down, a 
check was made to be sure that the spacecraft 
was in balance in the launch condition within 
effect of a twenty-gram weight. 


Moments of Inertia 


Spacecraft moments of inertia were measured 
to provide numerical data for use in tuning 
the nutation damper, the setting of the spin-up 
circuit parameters and the spin and pitch 
gas jet nozzle ON times. 

The measurements were made by suspending 
the entire spacecraft from a point and measur- 
ing pendulum motion periods. 

Spin-Aris Moment.—Figure 9-12 shows the 
experimental setup. The spacecraft was sus- 
pended from three vertical wires of length, s, 
attached at a horizontal distance, 7, from the 
center of gravity. The spacecraft was caused 
to oscillate as a torsional pendulum, and the 
frequency of oscillation, #, was measured. 
For small amplitudes of oscillation, the mo- 
ment of inertia is 

_ mgr’ 


bre 


8a) 


(9.10) 


where m is the mass of the spacecraft and g is 
the local value of gravitational acceleration. 
A small correction was made for the mass and 
moment of inertia of the wires. 

With the sail locked to the wheel, the mo- 
ment was measured with arms out and with 
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drms stowed. With the sail unlocked so that 
it could not oscillate, the moment of the wheel 
was measured with the arms extended. The 
effect of gas in the bottles was calculated. 

Location of Center of Gravity—As shown in 
Figure 9-13, the spacecraft was attached to a 
bracket and suspended by a single wire. The 
position of the wire was adjusted until the spin 
axis of the spacecraft was horizontal. This 
Position was measured. 


Figure 9-12.—Experimental setup for spin moment 
determination. 


The mass and c.g. location of the bracket and 
the mass of the spacecraft were known, so the 
c.g. location of the spacecraft could be cal- 
culated. 

This measurement was made with arms 
extended and with arms stowed. The effect of 
gas in the bottles was calculated. 

Transverse Moments.—The single wire used 
in the c.g. determination was replaced by two 
wires (see Figure 9-14) spaced equally from the 
combined c.g. of the spacecraft and bracket. 
The spacecraft was swung as a torsional pendu- 
lum, and Equation (9.10) was used to determine 
the moment of inertia of the assembly about 
a vertical axis through the combined c.g. 
From this moment and the known moment of 
the bracket and the known e.g. locations, the 
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Figure 9-13.—Experimental setup for CG location. 


transverse moment of the spacecraft was 


calculated. 
This measurement was made with arms 


extended and with arms stowed, with the 
sail in a vertical plane and the sail in a horizontal 
plane, and with each of the three arms toward 
the floor. The position of the sail made very 
little difference. The measurements with dif- 
ferent arms toward the floor were almost identi- 
The effect of gas in the bottles was 


calculated. 


cal. 


ORBITING SOLAR OBSERVATORY e 


Results— 

Spin moment, wheel, arms extended: 
Bottles full: 24.39 slug-ft? 
Bottles empty: 22.29 slug-ft? 

Spin moment, wheel and sail, arms extended: 
Bottles full: 27.66 slug-ft? 
Bottles empty: 25.5€ slug-ft? 

Spin moment, arms stowed: 
Bottles full: 19.71 slug-ft? 

Transverse moment, arms stowed: 
Bottles full: 15.26 slug-ft? 

Transverse moment, arms extended: 
Bottles full: 17.72 slug-ft? 
Bottles empty: 16.56 slug-ft? 

Center of gravity, arms extended: 
Bottles full: 12.68 in. above interface 

Center of gravity, arms stowed: 
Bottles full: 11.85 in. above interface 


Environmental Tests 


Prototype environmental testing was per- 
formed in four phases: acceleration, vibration, 
thermal, and thermal-vacuum. During the 
course of these test phases, modified and com- 
plete comprehensive systems tests were -per- 
formed. These tests, which were made only 
when go/no-go information was desired, were 
referred to as quick-look tests. 

The quick-look testing determined that the 
subsystems and instruments were or were not 
working within some nominal performance. 


Acceleration Tests 


After the spacecraft was balanced, the proto- 
type spacecraft was tested under steady state 
acceleration conditions simulating the launch 
thrust at an amplitude one and one-half times 
the anticipated launch thrust level. The test 
was conducted on the Martin-Denver large 
centrifuge. The photograph of Figure 9-15 
shows the prototype spacecraft in the test 
fixture. 

The spacecraft was put in the launch condi- 
tion and was left that way during the first four 
minutes of the five-minute test run. The 
timers were started one minute before the 
termination of the simulated thrust loading, and 
the timers were allowed to finish their sequenc- 
ing operation after the thrust was terminated. 
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FIGuRE sctup for transverse 


9-14.—Experimental 
moment determination. 


All sequencing operations and all systems were 
then checked for proper operation. 

The spacecraft was then given another com- 
prehensive system test with no failures being 
found. The balance was checked and found 
unchanged. 


Vibration Tests 

Test Equipment.—The prototype model test- 
ing was accomplished at Ball Brothers Research 
Corporation using the equipment listed in 
Table 9-1. 
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Figure 9-15.—Centrifuge test. 


Table 9-1 


Test Equipment Used for Prototype Testing 


Power supply - -_| 


Control____-___- 


| Tape facility—-__- 


Transducers 


Associated 
transducer 
equipment. 


| CEC Model 4102A 


Ling Model 275 rated at 
7500 Ib peak force. 

Ling Model PP 40/60, 40 
KVA amplifier. 

Ling Model R1007 sine and 
random control console. 
Ampex Model FR-1000, 7- 
channel FM record with 

2-channel FM playback. 
Endevco Model 2221C 
accelerometers, 
velocity 


pickups. 


| Endevco Model 2106 force 


guages. 

Endevco Model 2216 
amplifiers. 

Endevco Model 2622 power 
supplies. 


' Mosely Model 58 and 


Model 2D x-y plotters. 
Hewlett-Packard Model 
302A wave analyzer. 


| Mosley Model 60B loga- 


rithmic converters. 


| Mosley Model 80 strip-chart 


Exciter 
Controller 


Testing Specifications.—The specified tests to 
be accomplished and the specifications are as 


follows. 


recorder. 


| Band K Model 1016 servo 


controller. 


Sinusoidal Test.— 
Thrust Axis Specification 


Acceleration Velocity 

Frequency (cps) (g) (in/sec) 
5-50 7 a et nee 

50-500 = s_ -_------ 2.6 


9 
2000-3000 54. 0 


Transverse Axis Specification 


Acceleration 
Frequency (cps) g) 
5-50 0.9 
50-500 a1 
500-2000 4.2 
2000-3000 17.0 


Random Motion Thrust and Transverse Spec- 
ification.— 


Test Appr. 

Frequency Duration PSD Level Accel. 

Vibration Aris Range (cps) (min.) (g2/cps) (g-rms) 
Thrust 20-510 4 0. 07 *5. 85 
(Z axis) 510-2000 4 0. 07 *10. 40 

Total__8 
Transverse 

(X axis) and 20-510 4 0. 07 5. 85 
(Y axis) 510-2000 4 0. 07 10. 40 


Total__8 min. (each axis) 


*Within amplitude limit of vibration generator. 


Test Arrangements 


The test arrangements for the various con- 
figurations are described below. 

Thrust Axis Tests—The prototype space- 
craft was clamped with the actual payload 
third-stage interface retaining clamp to a test 
fixture having the proper matching interface. 
The clamp bolts were torqued to the proper 
level for the actual explosive bolt interface 
clamps as specified by the Douglas design speci- 
fication. The test fixture was bolted to the 
exciter table such that the input forces were 
applied through the test fixture to the space- 
craft. The test fixture consisted of a 3-inch 
plate which bolted to the exciter, an aluminum 
casting resembling the frustrum of a cone 
tapering from 20 inches in diameter at the 
bottom to 10 inches in diameter at the top, and 
a machined adapter flange which provided the 
interface fitting. For the effective weight tests 


described below, force gauges were inserted 


between the adapter flange and the casting. 
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FIGURE 


Ficurs 9-17.—Thrust axis vibration test (closeups of 
spacecraft). 


Figures 9-16 and 9-17 are photographs of the 
spacecraft installed on the vibration exciter 
with the test fixture interface for thrust axis 
vibration. 

Transverse Axis Tests —The spacecraft was 
clamped to a cast magnesium sliding fixture. 


The fixture was driven in a sliding manner oft 
two granite surface blocks oriented such that 
the spacecraft arms could be positioned between 
them. ‘The slide fixture was designed to allow 
the centerline of the exciter to be as close as 
possible to the center of gravity of the space- 
craft. For the effective weight tests, the slide 
fixture was the same except that it was made 
from two pieces which could be bolted together 
with force gauges between the two pieces. 
Figures 9-18 and 9-19 illustrate the test ar- 
rangement and show the interface fixture. 


Results 


A description of each test is included in the 
order in which the testing was accomplished 
and the results of these tests are as follows: 

Transverse X-Axis Sine Input (Low-Level 
Trial Run).—The test was run at % g input 
from 5 to 50 cps and at 1 g input from 50-300 
cps with 100 psi pressure in gas bottles. No 
failures occurred. 

Transverse Y-Axis Sine Input (Low-Level Trial 
Run).—Same test as the transverse X-axis sine 
input above. No failures occurred. 

Thrust Axis Sine Input (Low-Level Trial 
Run).—The test was run at 1 g input from 21 to 
3000 cps with the gas bottles pressurized to 
180 psi, 30 psi of which was helium. No 
failures occurred and a leak test afterwards 
indicated no bottle leakage. 

Thrust Axis Sine Input (Specification Level— 
First Run). —The test was run at the specified 
input level with the gas bottles at 100 psi. 
Some of the spacecraft weight was supported 
by rubber cords to prevent the exciter table 
from bottoming due to the 1 g static load of the 
spacecraft. This test loosened many screws 
in the sail structure mountings. A pin connec- 
tion at a connector was opened. <A _photo- 
multiplier tube was broken in the Goddard 
wheel experiment, and the high-voltage supply 
to the tube was shorted. The Goddard pointed 
instrument carriage pin and a lead at a terminal 
board were broken. Two photomultipliers in 
the Rochester wheel experiment were broken, 
and one of the Ames surface emissivity plates 
was loosened. 

The damage was repaired before vibration 
testing was continued. 
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FicurE 9-18.—Transverse axis vibration test. 


Figure 9-19.—Transverse axis vibration fixture and 
accelerometer amplifiers. 


Transverse X-Aris Sine Input (Specification 
Level—First Run).—The test was run with 
specified input levels with 100 psi gas bottle 
pressure. No failures occurred. 

Transverse Y-Aris Sine Input (Specification 
Level—First Run).—The test was run at speci- 


’ zation. 
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fied input levels with 100 psi bottle pressure. 
Gas bottle leak tests after the test indicated no 
leakage. Balance checks after the test indi- 
cated no change in balance. 

Transverse X-Axis Sine Input (Specification 
Level—Second Run).—This test was run with 
specified input levels with 3000 psi gas bottle 
pressure. No failures occurred. 

Transverse Y-Axis Sine Input (Specification 
Level—Second Run).—The test was run with 
3000 psi gas bottle pressure. No failures oc- 
curred. 

Transverse Y-Azis Random Input.—Random 
testing involved a procedure known as equali- 
The problem involved with a random 
input is that of applying equal energy per 
frequency bandwidth to a device having many 
resonant motions. If a noise generator random 
signal of equal energy distribution were applied 
directly to the spacecraft, the power distribu- 
tion per bandwidth would not be uniform 
because of load resonances. Thus, the output 
amplitude from a noise generator must be 
tailored to conform to the reciprocal of the 
exciter and spacecraft response. To accom- 
plish this adjustment of the input signal, the 
process of equalization was necessary. 

Equalization is accomplished in the following 
manner: A low-level sinusoidal sweep is run 
to record the load response. By means of 
peak and notch filtering, the noise generator 
output is adjusted to match the reciprocal of 
the measured response. A low-level random 
burst then is applied through the filter system 
and the load response is recorded on tape. <A 
tape loop is cut and run through an analyzer. 
Any necessary small adjustments can then be 
made without subjecting the load to continuous 
random vibration. A full-level random burst 
is then run. 

Some difference is usually found between the 
low and high level random input response of a 
multi-resonant structure. This may be due to 
nonlinear resonances that are present under 
high-level input conditions. A high-level re- 
sponse could appear at a filter notch frequency, 
and the combination could result in an energy 
concentration at that frequency which could be 
damaging to the specimen under test. For this 
reason, the high-level burst is run for a short 
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duration and is recorded. A tape loop is cut 
and run through the analyzer and further 
filtering adjustments are made. At this point, 
the specified level random test may begin. 
Usually minor adjustments are made during 
the first few seconds of the actual test run due 
to the fact that the tape loop may not contain 
enough time for proper statistical averaging of 
the high-level response. These adjustments 
must be only minor due to the complex over- 
lapping nature of the filtering networks. 

The transverse Y-axis random test was 
accomplished after the equalization discussed 
above. The test was run with full spin and 
pitch gas bottle pressure. Checkout revealed 
no failures. 


Thrust Axis Sine Input (Second Run).—The 
test was run with full bottle pressure at specifi- 
cation level. The Goddard pointed experiment 
carriage pin was broken. The test had to be 
repeated. 

Thrust Axis Random Input —Equalization 
was accomplished and the test was run at 
specified input levels with the gas bottles fully 
pressurized. No failures occurred. 

Thrust Axis Sine Input (Third Run).—This 
full-level test was repeated since some equip- 
ment had not yet survived the test. This time 
no failures were noted. Leak tests indicated 
no bottle leakage. 

Thrust Azis Effective Weight—Because some 
of the third-stage engines used in the Thor-Delta 
vehicle configuration had been shown in test 
firings to resonate during the burning time at a 
frequency between 550 and 650 cps, it was 
considered necessary to test the spacecraft pay- 
load extensively at this bandwidth. In order 
to do this, the effective weight of the spacecraft 
had to be known. 

Effective weight is that quantity derived by 
dividing the measured force input to the space- 
craft by the resulting measured acceleration 
produced. To do this, it is necessary to 
separate into components the reactive and the 
direet. forces, and acceleratiuns as measured 
for both the fixture and the composite space- 
craft and fixture, and to measure the phase 
angles involved. As a simplified view of the 
problem, what is required is the knowledge of 
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the effect upon the spacecraft of the actual 
force input expected. 

Effective weight measurements were made 
by measuring the phase and amplitude of the 
forces and accelerations involved. This 
measurement was made only at 550 cps because 
ove of the force gauges became inoperative 
after the measurement had been made at that 
frequency. The effective weight measured 
was 27 |b. 

Transverse X-Axis Effective Weight—The 
effective weight was somewhat variable over 
the 550 to 650 cps bandwidth (about 20 percent 
variation). The average was about 21 lb. 

Transverse Y-Axis Effective Weight—Since 
the highest effective weight measurement in the 
X-axis direction was measured at 550 cps, the 
Y-axis was measured only at that frequency. 
The weight was about 27 lb. 

Resonant Burning Dwell Tests.—After effec- 
tive weights had been determined for each 
axis, a slow sweep was run from 550 to 650 cps 
in 30 seconds at an input level of 600 Ib, 
divided by the resultant effective weight for 
the thrust axis, and 100 lb divided by the 
resultant effective weight for the transverse 
axis. The 600 lb and 100 lb figures represent 
the estimated thrust axis and transverse axes 
components of the third-stage engine thrust 
force, respectively. 

The problems that were encountered with 
both the spacecraft equipment and the scientific 
instruments during the prototype vibration 
testing serve to point out the importance of tbis 
testing. The input levels at which vibration 
testing should be accomplished are argumenta- 
tive, but the necessity for the testing is certainly 
obvious in the light of the test results during 
this program. 

A complete comprehensive system test was 
performed after the complete vibration test. 


Thermal Tests 


Thermal tests of the prototype were made in 
the thermal-vacuum chamber, and rough vacuum 
was used to expedite thermal changes. The 
chamber is 10 ft in diameter. Figures 9-20, 
9-21, 9-22, and 9-23 show the 10-ft- chamber 
and the operating equipment for the chamber. 
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Figure 9-20.—Large thermal vacuum chamber with 
32-inch dual-diffusion high vacuum pumping system. 


Fictre 9-21—Freon cooling system. 


In Figure 9-23 the spin table can be seen sup- 
porting the spacecraft in the vacuum chamber. 

The first temperature half-cycle was made at 
35°C for six hours. Four hours were required 
to reach temperature stabilization. This por- 


Fictre 9-22——Roughing pump system. 


tion of the test was a temperature soak in 
which the spacecraft was nonoperative. 

The second temperature half-cycle was made 
at —10°C for six hours. Thirteen hours were 
required to stabilize at this temperature. This 
portion of the test was also a temperature soak 
with the spacecraft nonoperative. 

The third half-cycle involved six hours to 
reach stabilization at 35°C. After stabilization, 
six hours were required to perform spacecraft 
operational sequencing. All systems were oper- 
ated with the exception of the experiments 
which were limited to operation in a high 
The artificial sun, directed through 
the front window of the chamber, and smaller 
light sources inside the chamber were used in 
the operation of the spacecraft. Electrical 
leads through the chamber facilitated operation 
and instrumentation of the spacecraft. 

The fourth half-cycle involved ten hours to 
reach stabilization at —10°C. One hour after 
stabilization the test was stopped for investiga- 
tion of problems in the spacecraft. When the 
test was resumed the temperature was again 
stabilized at —10°C. For eight hours after 
stabilization, the spacecraft was subjected to a 
complete operational test. 


vacuum. 


In summary, this thermal test sequence re- 
sulted in a total of 12 hours soak time at 35 
degrees and a total of 15 hours at —10°C. 
After the thermal tests, a complete compre- 
hensive system test was performed. 
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Figure 9-23.—Spacecraft on spin table in vacuum chamber. 


Thermal-Vacuum Tests 


Thermal-vacuum testing of the prototype 
spacecraft was conducted in the vacuum 
chamber. This chamber has three windows to 
permit observation. One of these windows 
was used to allow operation with the external 
artificial sun. 

Electrical lead-throughs were provided to op- 
erate the spacecraft, monitor spacecraft oper- 
ation, control the pitch gas system, control the 
spin gas system, monitor pitch readout, and 
to monitor temperatures. 

The vacuum chamber had a full-opening 
door allowing convenient installation and re- 
moval of the spacecraft. A telemetry antenna 
was placed inside the chamber to command 
spacecraft Operation and to receive telemetry 


signals. This antenna was connected to coaxial 
lead-throughs in the chamber. 

The following documents were applicable to 
the thermal-vacuum test: 

1. Vacuum Test Records 61-23 and 62-24. 

2. Test Procedure—Satellite Payload Thermal- 
Vacuum Test of NASA S-16A OSO. 

3. Thermal-Vacuum Test Specificaton—S—16 
OSO Satellite, S61-6. 

4. Test Specification No. S61-1. 

5. Test Procedure No. TP61-1. 

6. Test Procedure No. TP61-11. 

The spacecraft was maintained in an en- 
vironment of 10 mm He pressure throughout 
the test except when the gas jets were fired 
and when temperature changes were made. 

Prototype spacecraft test specifications re- 
quired a minimum test duration of seven days 
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at 35° C and a minimum test duration of five 
days at —10°C. 

Throughout the test, chamber temperature 
and pressure were recorded hourly and during 
any temperature and pressure changes that oc- 
curred between hourly recordings. 

The temperature sensor mounted on the 
spacecraft wheel hub was used to maintain the 
specified spacecraft temperature throughout 
the thermal-vacuum test. The spacecraft spin 
table temperature and the chamber thermal 
liner temperatures were also monitored. 

The first attempt to run the thermal-vacuum 
test started with the high-temperature cycle 
on July 26, 1961, and was stopped on July 28. 
This test ran for 47 hours at 35°C, and was 
halted to repair spacecraft instruments. This 
attempt was not included as part of the required 
seven-day test. 

The second attempt was started July 31. 
This attempt was stopped to correct problems 
occurring in the spin jet system. The total 
elapsed time of this attempt was 22 hours. 
None of this time was applied to the seven-day 
test requirement. 

The final and successful attempt to run this 
test was started with a pressure of 1X10— mm 
Hg and a temperature of 35°C on August 2, 
and ran successfully until complete for a dura- 
tion of nine days and three hours. ; 

Throughout this test run, the prototype 
spacecraft was operated continuously in simu- 
lated orbiting day-night cycles. Real-time 
data was transmitted to the telemetry ground 
station allowing records to be made of all real- 
time spacecraft output channels. Complete 
playback records were made at intervals ap- 
proximating the orbit intervals expected. The 
spacecraft day-night operation was simulated 
by using a timer to operate the day-night 
switching circuitry within the spacecraft. 

By controlling small lamps inside the cham- 
ber, the pitch control system, the spin-up 
system, and the pitch readout system were 
tested periodically. The spacecraft was oper- 
ated throughout the thermal-vacuum test 
according to the OSO I spacecraft thermal- 
vacuum test procedure and the thermal- 
vacuum test specifications. 

Upon completion of the high-temperature 
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portion of the thermal-vacuum test, the cold 
cycle was started. The vacuum chamber 
pressure was raised to 30 mm Hg to accelerate 
the temperature change from 35° to —10°C. 
This temperature change required eight hours. 
Temperature of -—10°C and pressure of 
110-5 mm Hg was achieved on August 12. 
The test was successfully run at —10°C and 
pressures lower than 10-5 mm Hg for a total 
duration of 119 hours. During this time, the 
prototype spacecraft was successfully operated 
in the same manner previously described. 

Upon completion of thermal-vacuum testing, 
a complete and final comprehensive systems 
test was made, and the prototype spacecraft 
was completely qualified. 


FLIGHT MODEL TESTING 


Subsystems Tests 


All of the flight model spacecraft subsystems 
and major components were tested to the com- 
ponent environmental test specification. This 
specification required that the components 
or subsystems be successfully operated before, 
during (in most cases), and after three-axis 
vibration tests and high and low thermal- 
vacuum tests. 


Basic Electronics Packages 


The basic electronics for the control systems 
were packaged in three separate boxes. (See 
Figures 4-14 and 4-15 for two of these.) 
These are as follows: 

Servo Amplifier Bor.—This package, mounted 
on the sail structure, consisted of the servo 
preamplifiers, lead networks, ac amplifiers, mod- 
ulators and demodulators, voltage regulators 
required for the circuits, and positioning readout 
amplifiers. 

Power Amplifier Boxz—This package, also 
mounted on the sail structure, contained the 
pulse-width modulators, power amplifiers, pitch 
control electronics, and necessary voltage regu- 
lator circuits. 

Wheel Electronics Box—This package, 
mounted in the wheel, contained the spin con- 
trol electronics, undervoltage circuitry, day 
turn-on circuitry, spin-rate monitoring circuit, 
and necessary voltage regulators. 
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Each of these electronics packages was tested 
to the flight model environmental test specifi- 
cations which are defined as follows: 


Sinusoidal Sweep Vibration Tests.—The tests 
were conducted by sweeping the applied fre- 
quency from the lowest to the highest frequency 
once for each of three mutually perpendicular 
axes. The time rate of change of frequency 
was four octaves per minute making each sweep 
about 2.5 minutes duration for a total time of 
7.5 minutes on each subassembly. 

The specifications were as follows: 


Acceleration 

Vibration aris Frequency (cps) (peak g) 
Thrust 5-50 1.5 
50-500 71 

500-2000 14 

2000-3000 36 
Lateral (each of two axes 5-50 0.6 
perpendicular to thrust 50-500 1.4 
axis and perpendicular 500-2000 2.8 
to each other). 2000~-3000 11.3 


The subassemblies had to operate properly 
before, during, and after the vibration tests 
to be considered qualified. 

Thermal-Vacuum Tests—These tests were 
conducted as follows. The subassemblies were 
brought to an equilibrium temperature of 
—20°C at a vacuum of at least 10-° mm Hg 
and were left at these conditions for 24 hours. 
At the completion of this cold temperature 
soak, the temperature was raised to +50°C 
with the vacuum maintained, and was held at 
+50°C for 24 hours. The subassemblies were 
required to operate properly before, during, and 
after the thermal-vacuum tests to be considered 
qualified. 


Detector Subossemblies 

The coarse pointing eyes, fine pointing eyes, 
fine readout eyes, spin eyes, pitch control eye, 
and the pitch readout eye were tested to the 
same vibration and thermal-vacuum test speci- 
fications as the electronic packages and were 
further tested to a temperature shock specifica- 
tion. The reason for this was that, in general, 
the detectors are relatively unprotected from 
direct solar radiation and thus are subject to 
rapid temperature changes as the spacecraft 
moves from orbit night to orbit day and vice 
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versa. These subassemblies were allowed té 
reach an equilibrium temperature at —20° C 
in a cold chamber and then moved directly to 
a hot chamber at +-80° C and allowed to come 
to equilibrium. The procedure was repeated 
three times. Angular response curves were 
run before and after the temperature cycling 
to determine that no mechanical or optical 
changes or damage had occurred. Response 
curves were also run before and after the 
vibration and thermal-vacuum tests. 


Nutation Damper 


Both the flight model and flight model spare 
nutation dampers were assembled and tested 
in the following manner: 


The nutation damper bellows were subjected 
to a helium leak-rate test. No detectable leaks 
were found in the bellows used in the flight and 
flight spare nutation dampers. After the 
bellows were leak-tested, the nutation damper 
upper housing, end bells, and bellows were 
assembled. The entire upper housing was 
helium leak-tested after assembly of the end 
bells and bellows. 

The nutation damper pendulum frequency 
was calculated using the measured spacecraft 
moments of inertia and the anticipated spin 
rate. The equations for the pendulum fre- 
quency are given in Chapter 2. The moments 
of inertia used for calculating the pendulum 
frequency were: 

Axial moment of inertia, [=24.54 slug-ft? 

Transverse moment of inertia, I,=17.30 

slug-ft? 

Transverse moment of inertia, [,=16.15 

slug-ft? 
The spin rate used for calculating the pendulum 
frequency was: 

nr radians per second, or } rotation per second. 
The flight model nutation damper specifications 
were: 

Radius of bob, 0.926 inches 

Bob weight, 0.845 lbs 

Diameter of wire, 0.024 inches 

Pendulum wire length, 3.08 inches 

Calculated tuning frequency, 2.04 cps 
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The flight spare nutation damper specifications 
were: 


Radius of bob, 0.926 inches 

Bob weight, 0.825 lb 

Diameter of wire, 0.024 inches 
Pendulum wire length, 3.12 inches 
Calculated tuning frequency, 2.03 cps 


Calibration of the pendulum was accomplished 
by suspending the pendulum from a special 
optics bench fixture and adjusting the pendu- 
lum length until the natural frequency of the 
/pendulum agreed with the calculated frequency. 
This frequency adjustment was made by count- 
ing the frequency of interruption of a light beam 
by the pendulum with a photomultiplier tube. 
The output of the pbotomultiplier was compared 
with a standard frequency on a two-channel 
strip-chart recorder. Comparisons and adjust- 
ments were made until the bob frequency agreed 
with the calculated frequency. When the bob 
was calibrated, the mechanical adjustment was 
sealed with Locktite to prevent any frequency 
change under vibration or temperature extremes. 

Adjustment of the pendulum bob caging was 
accomplished by screwing the bob wire into the 
upper housing until the bob was nearly restricted 
from swinging by the brass caging ring. When 
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this adjustment was made, the top pendulum 
screw was locked with a jam screw and sealed 
with C-7 epoxy. 

The bottom housing was oriented and as- 
sembled complete with caging piston and spring, 
but without the squib block. The bottom 
housing was then bolted to the upper housing. 
Locktite was used to secure the bolts. 

The squib block was assembled and two 
capstan nuts were adjusted for proper caging 
position. The squib block was mounted on the 
damper and the damper was caged. 

Prior to filling, the damper was carefully 
weighed. After filling, the damper was weighed 
again to assure that the damper was properly 
filled with oil, and the dampers were leak-tested 
once again with a helium leak detector. 

The nutation dampers were then connected 
to the filling system, illustrated by the schematic 
of Figure 9-24 and vacuum-filled with Dow 
Corning 200, 30-centistoke silicone fluid. This 
filling was done with hot, air-free oil in a vacuum 
to avoid air being trapped inside the damper. 
The damper oil was then cooled to —10°C to 
complete the filling. After the dampers were 
filled, the fillmg system was valved off. The 
dampers were then heated to 85°C to cause a 
pressure rise which was absorbed by the bellows. 
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Figure 9-24.—Nutation filling system schematic. 
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The pressure was less than 17 psi. If the pres- 
sure in either damper had risen to over 20 psi, 
the bellows would have been judged defective. 
Without the bellows the damper would have 
burst with a slight temperature rise over the 
—10°C filling temperature. After the pressure 
test the dampers were again brought to a tem- 
perature of —10°C and sealed. Each tempera- 
ture cycle was one hour in duration. 

Vibration test inputs for the nutation dam- 
pers were programmed to correspond to data 
taken from the azimuth casting accelerometer 
during the transverse axes prototype vibration 
test. The duration of the tests were 5 minutes 
in each axis. The thrust axis vibration test was 
of 8 minutes duration. The frequencies and 
“o”? levels are listed below: 


Acceleration 


Frequency (cps) (peak g) 
5-40 2.5 
40-80 17.5 
80-100 8.5 

100-300 7. 05 

300-3000 11, 25 


After the vibration tests were completed, the 
nutation dampers were tested to determine that 
the caging mechanism had held the penulum 
bob securely. The caging release squib actu- 
ators were then fired to check the proper opera- 
tion of the caging release mechanism. The 
squib block was then removed, cleaned, and 
replaced. The nutation dampers were painted 
with the spacecraft white paint used on most of 
the upper structure which faced away from the 
sun in orbit. 

Thermal-vacuum tests were run with the 
dampers at pressures lower than 107° mm Hg 
and temperatures of 0°C and 80°C. Each 
temperature was maintained for 24 hours. No 
silicone fluid leakage occurred during the 
thermal-vacunm tests. 


Comprehensive System Test 


The flight model spacecraft was tested in 
accordance with the same format documented 
test procedure used for the prototype system 
tests. Prior to performing the various tests 
necessary to qualify the flight model, it was 
necessary to balance the spacecraft. The flight 
model was balanced statically and dynamically 
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using the same method as was used on the proto 
type spacecraft. 


Vibration Tests 


The flight model spacecraft was subjected to 
input levels 50 percent less than those used for 
the prototype spacecraft, and the test duration 
was one-half of that used for the prototype 
model. The effective weights measured on the 
prototype were used for the flight model 
resonant-burning dwell tests. The flight model 
vibration tests went well. The first test was 
repeated when a lead wire shorted. The lead 
wire had been too tightly routed around a sharp 
corner of a grounded component retainer clip. 
The insulation had cold flowed, probably ac- 
celerated by vibration, and shorted. The lead 
wire was re-routed and the complete test series 
was run with no failures. 

The general concept of environmental testing 
is that the anticipated environment should be 
realistically simulated and that the level of 
simulation be increased by some safety factor 
margin in order to gain confidence that any 
equipment surviving the simulated conditions 
will survive in the actual environment. 

The general impression of the series of vibra- 
tion tests performed at Ball Brothers is that the 
test specifications were unduly rigorous. Since 
as much time and money can be wasted in 
testing to unreasonably rigorous specifications 
as are wasted in testing to specifications that 
are too mild, it is recommended that data be 
gathered from future flights with a view toward 
providing more realistic test specifications. 


Thermal-Vacuum Test 


This test was performed to assure that the 
spacecraft would operate in the orbital environ- 
ment. Flight model test specifications required 
a minimum test duration of three days at 25°C 
and » minimum test duration of three days at 
0°C. Test specifications also required a vacuum 
of 107° mm Hg, or less. 

Throughout the test the spacecraft hub 
temperature, the spin table temperature, and 
the chamber thermul liner temperature were 
monitored to provide control data for main- 
taining the specified temperature of the space- 
craft. The control temperature sensor was the 
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Wheel hub sensor. Temperature and pressure 
readings were recorded at least every hour 
throughout the test. 

During the ten-day test the vacuum chamber 
pressure varied from 9x 107’ mm Hg to 51077 
mm Hg. 

Final preparation for the test began on De- 
cember 4, 1961. The spacecraft was mounted 
on the spin table in the thermal-vacuum cham- 
ber. The chamber was pumped down to 107° 
mm Hg and returned to atmospheric pressure 
to clean the spacecraft slip rings which were 
conducting intermittently. Several chamber 
evacuations were made between December 5, 
and December 8, while spacecraft problems 
were being corrected. The high-temperature 
portion of the test started December 8, at 1730 
and ended December 12 at 1200, for a total 
duration of three days, 18% hours. On Decem- 
ber 13, the cold cycle was started, but a return 
to atmospheric pressure was necessary to change 
the bearings on the spin table. The low- 
temperature portion of the test started again 
December 12 at 0800 with a pressure of 1 107° 
mm Hg and a temperature of 0°C. This 
portion of the test continued until 1100 on 
December 18, for a test duration of three days, 
three hours, and 55 minutes. 

On January 12, 1962, a short low-temperature 
thermal-vacuum test was made to test the spin 
jet system. This test ran approximately one 
day. 

Throughout the OSO I flight model thermal- 
vacuum tests the spacecraft was operated con- 
tinuously in simulated day-night orbiting cycles. 
Real-time data were recorded, and complete 
playback records were made. Spacecraft day- 
night operation was controlled as explained 
previously. By controlling the small lamps 
located inside the chamber, the light operated 
control subsystems were checked out. 


Magnetic Compensation Tests 


Introduction 


Any object which possesses a magnetic dipole 
moment tends to act like a compass. That is, 
the earth’s magnetic field exerts a torque on it 
which causes it to tend to line up with the field. 
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If the OSO I spacecraft possessed a net dipole 
moment, a magnetic torque would have to be 
counteracted by torque from the gas jets. 
Rough calculationst indicated that the gas 
expenditure would be tolerable if the net dipole 
moment were less than 500 gauss-cm®. There- 
fore, it was necessary to determine the moments 
of the various magnet-containing parts of the 
spacecraft and to add compensating magnets to 
reduce the net moment to an acceptable level. 
These tests were performed on Ball Brothers 
Magnetotropometer which is described in detail 
on page 246. 


Calculation of Scale Factor 


Referring to Figure 9-25, let 


6=-deflection angle 

r=inner radius 

R=outer radius 
2a=length of chain 
W=weight per unit length of chain 
T,=Tension in chain at lowest point 
26 =span of chain 

c=T,{W 


For a catenary chain with both ends at the same 
altitude, we have 


2—sin (°) (9.11) 
From the figure, we determine that 
(2b)?=r’+ R?’—2rR cos 0, 
b=1/2(r?+ R?—2rR cos 6)? (9.12) 


A solution of Equations (9.11) and (9.12) for ¢ is 
desired. This pair of equations cannot be 
solved analytically. However, 5 may be eval- 
uated for known values of @ and F# and given 
values of @. Then, using these values of 6 
and the known value of a, Equation (9.11) and 
a table of hyperbolic sines may be used to solve 
fore. Then 


T,=we=horizontal force at P in 
the direction of the chain (9.13) 


tBBRC TN 61-68. 
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Figure 9-25.—Geometry of magnetotropometer. 


The tangential force at P is then, 
T=T, sin a (9.14) 


Now, since the sine of the interior angle at P is 
equal to sin a from the law of sines, we have 


sina sind 


R 26 
or 
: R sin @ 
sin a="—55 (9.15) 


Combining Equations (9.13), (9.14), and (9.15) 
results in 


weR sin 6 
- a) 


The torque exerted on the inner ring by each 
chain is Tr; so the total torque exerted by the 
three chains is 

_ 3werlt sin 6 


La (9.16) 


For this instrument, the following values are 
determined: 


r=1.07 cm 
#=62.50 cm 
2a=65.20 em 
w=18.8 dyne-cm”! 


Therefore, we have 


L=1885 © sin @ 


; (9.17) 
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When L is calculated for several values of 6, 
for 6<40°, L lies within 2 percent of 53.50 
(when 6 is expressed in degrees). 


The outside circumference of the tub, which 
carries the scale, is 383 cm. This gives 1.063 
em per degree. The scale factor, then, is 50.3 
dyne-cm of torque per cm of scale deflection. 


Resolution 


A lack of repeatability was shown from 
experience to amount to +0.4 cm deflection. 

This may have been due to uneven loading, 
hull warpage, or convection currents. In any 
case, the small difference in repeatability 
limited the useful resolution of the magneto- 
tropometer to 20 dyne-cm torque. 


Accuracy 

The accuracy of the magnetotropometer 
depended only on the accuracy with which its 
dimensions were measured. The error in each 
measurement was estimated, and the error 
that each could contribute to the magneto- 
tropometer reading at 30° deflection was calcu- 
lated to be: 


Reading error 
Error (at 30°) 
Measurement (percent) (percent) 
Te vecevseskeoe 3 2 
Rede iseee 2k 0.5 5 
2A seresse eS 0.1 1 
Wetec iteste.2 0.2 0.2 


By combining with these errors the 2 percent 
error introduced by using a linear scale, and by 
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assuming all errors to be random and inde- Torque-...------.--- (16.0) (50.3) = 805 
r cy was estimated to dyne-cm 
pendent, the overall accuracy sal Ws: teases ee 


be about 6 percent. H=0.229 gauss 


Magnetic Field at Magnetotropometer Compensating the Magnetic Moments 


In order to determine the magnetic dipole The largest part of the magnetic moment of 
moment of an object from the torque measured _ the spacecraft was due to the magnetically 
on the magnetotropometer, it was necessary to focused photomultiplier in the Goddard pointed 
know the intensity of the horizontal component X-ray spectrometer. This moment was about 
of the magnetic field at the magnetotropometer. | 6200 gauss-cm* in the direction of the pitch 
This field intensity “H’”’ was measured by plac- axis. Therefore, the first step in compensation 
ing a coil of wire in the hull in a vertical plane, WS t© mount the magnet structure from an 
and passing current through the coil to bring its identical photomultiplier at one end of the sail, 


with its moment opposite to that of the spec- 
plane parallel to the field. The results were as trometer. All further measurements were made 


follows: with this compensating magnet considered as 
art of the spectrograph. 
Area of coil__________ NA=3.99(105) em? P P grap : 
turns Measurements were made on each instru- 
(Gite oe i= 0.088 amperes ment which contained a magnet with the follow- 
Scale deflection_______ 16.0 em ing results: 
Tass Components of magnetic dipole moment 
Forward Right Up 
Goddard X-Ray Spectrograph (with compensating magnet) - —83 358 454 gauss-cm?* 
California Neutron Experiment____..__.____-.___..____- Spinning Spinning —~ 236 
Upper Commutator_____._____._---_--_e_-_-eetee 646 0 
Alternate Pointed Experiment Commutator_.______-____. 0 — 646 
Botal 2 soc is Toe A Bien se sa 563 — 288 
The moments of all other instruments were PRELAUNCH TESTING 
negligible. 


The magnitude of the total magnetic dipole Biter rine completion oe palanee phere 
moment was 670 gauss-cm’. A permanent and a final comprehensive test, the flight model 
magnet with a moment of 610 gauss-cm? was spacecraft, the prototype spacecraft, and all 
made, and was mounted on the sail with its required ground support equipment were ship- 
orientation opposite to the total moment of the ped to the launch site. 
rest of the spacecraft. Considering the errors The prototype model spacecraft was placed 
involved, the net magnetic dipole moment of the on the launch vehicle on the launching pad at 
spacecraft was probably less than 200 gauss- _ the Atlantic Missile Range and RF compati- 
cm’. bility checks were made. No problems were 

The behavior of OSO I in orbit indicated that | encountered. The flight model spacecraft was 
the spacecraft had a net magnetic dipole given a final comprehensive operational check- 
moment of about 800 gauss-cm’ in the direction out at the launch site. No transportation 
of the pitch axis. This moment produced a damage was found. The flight model space- 
torque which caused the spin rate to vary craft was then given a preflight checkout and 
sinusoidally. The amplitude of the variation delivered to the Douglas Aircraft Company 
was 0.037 rps. Its period was 50 days, the balancing facility for third-stage and spacecraft 
same as the period of the precession of the orbit assembly balancing. The third stage and 
relative to the solar vector. spacecraft were then placed on the launch 

2733 


ORBITING SOLAR OBSERVATORY ’ 


vehicle and several preflight checks were run to 
provide assurance that the spacecraft continued 
to be in a launch-readiness state. No problems 
were found during this period and after eight 
days of delay due to vehicle problems, the 
spacecraft was successfully launched. 


RF Compatibility Tests 


Prior to the installation of the flight space- 
craft and third-stage rocket, a dummy third 
stage and the prototype spacecraft were in- 
stalled. The shroud installed and RF 
compatibility checks were run. The object of 
this testing was to insure that the spacecraft/ 
ground station communication loop was work- 
ing and was secure from other RF interference, 
and that the spacecraft RF link did not inter- 
fere with other RF links in use during the 
launch activities. The payload compatibility 
checks uncovered no problems in either area. 
The testing was done in three phases. 

1. With the tower in place with the space- 
craft in both launch and orbit conditions. 

2. With the tower in place with the payload 
in launch condition and with the shroud in 
place. 


was 


3. With the entire vehicle and spacecraft 
system in launch condition with the tower 
removed, 


Preflight Tests 


Preflight testing accomplished on the flight 
spacecraft was to provide assurance of con- 
tinued flight readiness. The preflight testing 
was somewhat more rigorous than the quick- 
look checks made during environmental testing, 
but less rigorous than the comprehensive tests. 
Input simulation of radiation to be measured 
or detected together with the proper output 
response of the systems was the primary ob- 
jective of this test procedure. 

No problems were encountered during any of 
the preflight checkouts run on the flight 
spacecraft. The preflight checkout was written 
into the launch vehicle 
activities. The test equipment required was 
the spacecraft main control console, the set of 
attaching instrument checkout fixtures, and 
the several radiation sources used for instrument 
checks. 


system countdown 


> 
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Operational Fly-Over . 


Prior to the OSO I launch, an operational 
test was performed to determine the compati- 
bility of the spacecraft communications system 
with the Fort Myers tracking mission and the 
data receiving mission. This ground station 
is a typical Minitrack network station. 
The testing was performed by carring the OSO I 
structural model extended below a helicopter 
as shown in Figure 9-26. During this fly-over, 
the spacecraft was transmitting normally as 
though in orbit and was capable of receiving 
command signals from the ground station. The 
spacecraft radiated and received signals which 
were attenuated by a 50-db pad to compensate 
for the 300:1 difference in the distances involved. 

Another purpose of the fly-over test was to 
permit the receiving station personnel to become 
familiar with the signal format and the com- 
mand system operation. The test also de- 
termined the extent of the problems which 
might occur in tracking the modulated carrier 
of the spacecraft. 

This operational flight test at Fort Myers 


Figure 9—26.—Operational fly—over. 


‘ TEST PROGRAM 


verified the compatibility of the ground station 
equipment and the spacecraft equipment. 


MISCELLANEOUS TESTS 


Component Testing 


Components were chosen on the basis of 
highest quality, commercial availability, and 
reliability proven by past history under rocket 
and spaceflight environmental conditions. An 
incoming quality control inspection program 
was instituted to measure the important electri- 
cal and mechanical parameters to assure that 
only those components meeting the purchase 
specifications would be accepted. 

Many components used in the control and 
communications systems had to be of higher 
quality than was guaranteed by the routine 
incoming inspection tests. Therefore, a selec- 
tion criterion was established and only com- 
ponents that had measured parameters near 
the average for that component were selected. 
Furthermore, those components handling large 
amounts of power were required to meet param- 
eter specifications after being power-aged. 

Each component test specification was derived 
from a knowledge of the importance of each 
parameter in the actual circuit application. 
All component selection was accomplished on 
the basis of the requirements of the individual 
system application in addition to the basic 
component quality requirement. 


Thermal Stability Tests 


The temperature of the spacecraft is depend- 
ent on the radiation heat balance between the 
spacecraft and its surroundings and on the heat 
dissipated in the craft, by such things as elec- 
tronic gear. The rate of change of spacecraft 
temperature is described by Equation (9.18): 


aT a> _%U%i—G 
dr me oe) 
where 
Te>+=temperature of spacecraft 

7=time 

g:=2E;=summation of the heat energy 
flow in 

go=2E,=summation of the heat energy 
flow out 


mc=heat capacity of the spacecraft 
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At thermal equilibrium 


dr mec=0, and Equa- 


tion (9.18) reduces to 


i= (9.19) 


From the detailed anulysis of Equation (9.18) 
as applied to the OSO spacecraft, the need was 
seen for surface preparations that would have 
a/e ratios of about 1, 5, and as low as possible 
to cool the solar-cell panel. 

Ball Brothers Research Corporation con- 
structed surface preparations with the follow- 
ing characteristics: 


Paint No. 80U: 


a=0.32 to 0.34 
-~=B~1 
e=0.32 to 0.34 
Paint No. 63W: 
a=0.2 00.25 } , 
==8~0.25 to 0.3 
e=0.83 to 0.85 | © 
Aluminum: 
a=0.25 to 0.30 
e=0.04 to 0.05 | € 


The 63W (white) and the 80U (flat) coating 
are enamel-like coatings developed for space- 
craft use. They had high thermal stability, 
excellent resistance to ultraviolet damage, 
high film flexibility, low evaporative loss in 
high vacuum, and known optical properties. 
When properly applied and cured, these coats 
have excellent durability, water repellency, 
and weatherability. 

The aluminum is mechanically polished 
aluminum. These aluminum surfaces are the 
plates on top and bottom of the spacecraft 
body proper. 


Optical Properties 


The 63W had total hemispherical emis- 
sivity (e) of 0.83 to 0.85 and a normal solar 
absorptivity (a) of 0.20 to 0.25, giving an a/e 
ratio of about 0.3. The 80U had a total 
hemispherical emissivity of 0.32 and a normal 
solar absorptivity of 0.32 to 0.34, giving an a/e 
ratio of about 1. Since (e) is a surface property 
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TO WATER SATURATOR AND FLOW METER 


TO VACUUM PUMPS TO WATER BUBBLER 


THIN STAINLESS 
STEEL TUBING 


GUARD VESSEL 


: STAINLESS 
~~ STEEL OR 
LUCITE ROD 


> COPPER OR 
7° ALUMINUM 


THESE WALLS ARE 
COPPER TO PROMOTE 
UNIFORMITY OF 
TEMPERATURE 


MEASURING VESSEL 


SURFACE BEING ~ 


MEASURED THE TEMPERATURE 


OF THIS WARMER 
WALL CAN BE VARIED 
FROM 76°K TO 340°K 


Figure 9—-27.—Hemispherical emissivity fixture. 


and would change with serious resin evapo- 
ration the (e) was monitored very carefully 
for 88 hours in vacuum (4X10-? mm Hg). 
No change was measured. 

The total hemispherical emissivity was deter- 
mined on an apparatus (Figure 9-27) using 
cylinder-cylinder geometry based on the Chris- 
tiansen equation. 


= €2€04 iT 
q éote,(1 —€))Ai/Ao 


(T:—Ti) (9.20) 


The ao/e ratio was determined in the apparatus 
shown in Figure 9-28. This apparatus was 
based on Equation (9.19) as applied to a thin 
disk geometry: 
do 4 (9.19) 
or 
Qar’er( T$— T4) = Sorr’ag (9.21) 


With the outer wall at 76°K, Equation (9.21) 
reduces to 
41 So fao 
s_- 8O (2% 
Tim C ( € ) 


t C. Christiansen, Ann. d. Phys. U. Chem., Vol. 19, 
p. 267, 1883. 


(9.22) 
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76°K 


Figure 9-28.—Radiometer. 


when the sample has reached a steady-state 
temperature, where 


So=solar constant 
¢=Stefan-Boltzmann constant 
T,=temperature of the sample 
&=solar absorptivity 
e=total hemispherical emissivity 


The vacuum weight losses of the various 
enamels were determined to evaluate their 
possible influence on the ultraviolet equipment 
on the spacecraft. Figures 9-29 through 9-32 
show the weight loss per unit area and total 
weight loss in vacuum for 63W and 80U. 

The coatings were exposed to an Osram 
HBO-500 Hg lamp in air at three times solar 
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SATELLITE PAINT 63W (WHITE) WEIGHT LOSS IN VACUUM 
ALL SAMPLES 15 CM - 15 CM *Q.020 IN 6 

SURFACE AREA: 450 CM2 (SO men Be) 
SAMPLE 1; AIR DRIED 

SAMPLE 2: AIR DRIED 

SAMPLE 7: BAKED AT 375°F FOR 1 HOUR 

SAMPLE 8 BAKED AT 375°F FOR 1 HOUR 


— 
SAMPLE2 100°C — | 
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TIME, HOURS 


Ficure 9-29.— Weight loss per unit area in vacuum of 
BBRC point 63W. 


SATELLITE PAINT 63W (WHITE) WEIGHT LOSS IN VACUUM 
ALL SAMPLES 15 CM 15 CM «002 IN «10°8 
SURFACE AREA 450 CM? (ore :10) sma He) 


SAMPLE 1: AIR DRIED, TESTED AT 50°C 

SAMPLE 2: AIR DRIED, TESTED AT 100°C 

SAMPLE 7: BAKED AT 375°F FOR 1 HOUR, TESTED AT 50°C 
SAMPLE 6: BAKED AT 375°F FOR 1 HOUR, TESTED AT 100°C 


WEIGHT LOSS, GRAMS 


SAMPLE 7 50°C 


Figure 9-30.—Weight loss in vacuum of BBRC 
point 63W. 


intensity for about 500 hours. (The quartz 
envelope of the lamp cuts out wavelengths 
less than about 0.2 u. There was no visible 
evidence of discoloration even on the white 
(63W), but there was some slight mud-cracking 
of the surface, too slight to seriously influence 
the temperature of the spacecraft. 


Application of Coatings 


The coatings were applied over most clean 
metallic surfaces by spraying, flow coating, 
brushing, or dipping. A clean (degreased) 
surface with all loose particles removed was 
necessary for optimum film adhesions. How- 
ever, for hard service the metal surfaces were 
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SATELLITE PAINT 80 U (ALUMINUM) 

ALL SAMPLES 15 CM * 35cm 70.020 IN. WEIGHT LOSS IN VACUUM 
SURFACE AREA: 450 CM -6 

SAMPLE 3: BAKED AT 375°F FOR 1 HOUR (5* 10" mm Hg) 
SAMPLE 4: BAKED AT 375°F FOR 1 HOUR 
SAMPLE 11: AIR DRIED 

SAMPLE 12 AIR DRIED 


SAMPLE 112 100°C 


WEIGHT LOSS (GRAMS/cM”) 


Figure 9-31.—Weight loss per unit area in vacuum of 
BBRC point 80U. 


SATELLITE PAINT 80 U (ALUMINUM) 
ALL SAMPLES 15 CM * 15 CM 0.020 IN. WEIGHT IN VACUUM 
SURFACE AREA: 450 CM2 (5x 1075 mm Hg) 
SAMPLE 3: BAKED AT 275°F FOR 1 HOUR, TESTED AT 50°C 

SAMPLE 4 BAKED AT 375°F FOR 1 HOUR, TESTED AT 100°C 

SAMPLE 11: AIR DRIED, TESTED AT 50°C 

SAMPLE 12: AIR DRIED, TESTED AT 100°C 


WEIGHT LOSS (GRAMS) 


| SAMPLE 4 100°C 


SAMPLE 3 50°C 


Th due 125 is VTS 
TIME (HOURS) 


Figure 9-32.—Weight loss in vacuum of BBRC 
point 80U. 


prepared as if to paint, up to the point where an 
organic type primer was used. Aluminum 
alloys were prepared per MIL-C-5541 (for 
example, the Okite process), and were then 
either chromacoated or primed per MIL-—C- 
15328A before final coatings were applied. 
Excellent film flow in spraying was obtained by 
thinning slightly with Butyl Cello-solve. 

Air dry produced a Sward hardness of about 
10 and after a minimum bake of 30 minutes at 
400°F gave a maximum hardness of about 25. 
For any future applications for use above 350°F 
it is recommended that an additional bake-out 
of 15 minutes at 480°F be used to reduce the 
thermoplasticity or tack. If applications are 
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not for long-time use in ultraviolet, the addition 
of Octasol cobalt drier will lower the thermo- 
plasticity. 

Samples of the enamel formulation were put 
on ¥,inch-thick 2024 aluminum. An acetylene 
torch was applied to the unpainted side. The 


aluminum substrate melted away leaving a 
paint film free-standing. The paint did not 


support combustion. Other samples were im* 
mersed in liquid nitrogen with no noticeable 
change. Two samples were exposed to outdoor 
environmental conditions for nearly seven 
months. The samples were in direct sunlight 
and facing south. No noticeable change in 
properties was observed. The surfaces re- 
mained remarkably clean of contamination. 


APPENDIX A 


ANTENNA PATTERNS 
The following antenna patterns were recorded on the Ball Brothers Research Corporation 


There are 18 transmitter patterns and three principal-plane receiver patterns. 


antenna range. 
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Figure A-1.—Transmitter frequency antenna pattern No. 1. 
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A~3.—Transmitter frequency antenna 
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Figure A-4.—Transmitter frequency antenna pattern No. 4. 


APPENDIX A—-ANTENNA PATTERNS 


i < 
5 Ot, 
SCS SSESN 
Kon CSS 


tie Pps 
H 


sues 

rh 

sues 
ase! +4 44 
MATT saunas 
eeees 
Pb tee, 

Feb 


— 


rare a ee 


¢ = 30 
Polarization E@x E¢ x 
Curve plotted in: Voltage _ 
Remarks: Arms Up __ 


Figure A~5.—Transmitter frequency antenna pattern No. 5. 
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A-6.—Transmitter frequency antenna 
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Figure A-7.—Transmitter frequency antenna pattern No. 7. 
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Polarization: E6x Ed x 
Curve Plotted in: Voltage 
Remarks: Arms Up 


Ficure A-8.—Transmitter frequency antenna pattern No. 8. 
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A-9.—Transmitter frequency antenna 


FIGURE 
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Figure A-10.—Transmitter frequency antenna pattern No. 10. 
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Figure A~11.—Transmitter frequency antenna pattern No. 11. 
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pattern No. 13. 


A-13.—Transmitter frequency antenna 


FIGURE 
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Figure A-14.—Transmitter frequency antenna pattern No. 14. 
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Figure A-15.—Transmitter frequency antenna pattern No. 15. 


293 


it 


300°, 
60% 
290° f 
704 
280 
80° 
0° abe 
Bra" 100+430-4-H80b 
260° 
100° 
a 
250 2 
1d A 
240 
120 
s 
230 S 
130 


ORBITING SOLAR OBSERVATORY ° 


Isotropic 


30° 
330° 


<} 90: 


¢@ = 330° 


Polarization: 
Curve Plotted in: Voltage 


Remarks: Arms Up 


Ficure A-16.—Transmitter frequency antenna pattern No. 16. 
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Figure A-17.—Transmitter frequency antenna pattern No. 17. 
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Figure A-18.—Transmitter frequency antenna pattern No. 18. 
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Figure A-19.—Receiver frequency antenna pattern No. 1. 
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Fiaure A~20.—Receiver frequency antenna pattern No. 2. 
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Figure A-21.—Receiver frequency antenna pattern No. 3. 
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APPENDIX B ' 
PASSIVE TEMPERATURE CONTROL : 


The following curves indicate the results accomplished by the passive temperature control 
work. 


eC 


TEMPERATURE, 
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Figure B-1.—Battery No. 1 temperature monitor, channel 2. 
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TEMPERATURE, 


Figure B-2.—Battery No. 2 temperature monitor, channel 3. 
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Fiaurs B-3.—Battery No. 3 temperature monitor, channel 4. 
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Ficurz B-4.—Battery No. 5 temperature monitor, Ficure B-5.—Battery No. 6 temperature monitor, 


channel] 27. channel 28. 
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Figure B-8.—Bottom skin temperature monitor, 


Ficure B-6.—Battery No. 7 temperature monitor, channel 24. 
channel 29. 
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Figure B-7.—Top skin temperature monitor, chan- Figure B-9.—Rim temperature monitor, channel 15. 
nel 14, 
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Figure B-12.—Transmitter temperature monitor, 
channel 30. 
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Figure B-13.—Azimuth casting temperature monitor, channel 47. 
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Figure B-14.— Power amplifier temperature monitor, channel 51. 
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Ficure B-15.—Linear amplifier temperature monitor, channel 50. 
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Figure B-16.—Goddard pointed instrument temperature monitor, channel 48. 
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Figure B-17.—OS80O I solar cell temperature monitor, channels 33 and 42. 
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